
t ,

J,

q

(i9- ] 9q38
• (ACC•IISlON NUIA4DE|I) (THOU| ,_

,PAGE,, (COD,) _

(NAEA ¢:R OR TMX OFI AD NUM,ER) ((:ATIrGONy |

,5.

N

_r
nlml,nnmnln i i | i nlnll in ii

1969010484



i 1339-60(]3-RO-O0

SIUDY OF PIONEER MISSIONS TO JUPITER

FINALREPORT

Volume1

TechnicalReport

October25, 1968

prepared_or
AmesResearctCenter

underContr3ctNAS24900

¢

TRWSystems

OneSpac,_:Park <
RedondoBeach,Californi5

"1 iii I I - _ j _ _ ! I iii I I [
I I I I I III I1_ [ III I I _ _ IIIIL 11

1969010484-002



i /

,, _ I II

1969010484-003



i

PREFACE

TRW Systems has performed the "Study of Pioneer Missions to

Jupiter" under contract NASZ-4900 for the Ames Research Center,

National Aeronautics and Space Administration. The period of the study

is June ] to October ZS, 1968.

The objective of the study is to identify the requirements and per-

formance of a spacecraft to make inter netary, asteroid belt, and

Jupiter environment measurements in the early 1970's. The spacecraft

is to weigh 400 to 500 pounds, carry a scientific payload of about

50 pounds, and have a design derived as much as Fossible from the

present Pioneer A to E spacecraft design.

The final report of this study is contained in two volumes. This

volume, Technical Report, presents the design of the selected system,

the basis for that design, and its performance characteristics. Volume Z,

Implementation, exhibits the development program necessary to achieve

the selected spacecraft design, and the schedules and estimated costs

associated with the manufacture and delivery of such spacecraft systems

for launch in 197Z and i973.
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CCW Counter Clockwise

CDU Command Distribution Unit

CEU Control Electronics Unit

CW Clockwise

D Data Power

d, D Diameter

db Decibels

dbicp Decibels Relative to Isotropic Circularly •
Polarized

dbm Decibels Relative to ! Milliwatt
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NOMENCLATURE (Continued)

DC Direct Current

DLA Declination of Geocentric Launch Asymptote

DSIF Deep Space Instrumentation Facility

DSN Deep Space Network

DSU Digital Storage Uni_

DTU Digital Telemetry Unit

E Exposure Level, Meter Candle Seconds

E Payload Fairing Cylindrical Extension

e Error

EPS Electrical Power System

f Focal Length

F Fahrenheit
4_

fsec Subcarrier Frequency, Hz ---

FSK Frequency Shift Keyed

G Solar Constant

GFE Government Furnished Equipment

GSE Ground Support Equipment

Hz Hertz, Cycles per Second

IRHS Int "ct Reentry Heat _ourc_

k/1 Thermal Conductance

L Focal Length, Inches

L. O.S. Line of Sight

Mev Million Electron Volts

n, n One of the Injection Coordinates, n, r, t;
Its De rivative ¢

i 0 ,
t
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, NOMENCI,ATURE (Continued)

N B Blockage Factor

OGO Orbiting Geophysical Observatory

Pb_I e Lead Telluride

PCU Power Control Unit

PPS Pulses per Second

PSK Phase Shift Keyed

r, i" One of the Injection Coordinates, n, r, t;
Its Derivative

R Resolution, Milliradians per Object Line Pair

R Unit Vector of the Planetary Approach Set,

Rj Radius of Jupiter

R Periapsis RadiusP

RF Radio Frequency

RH Right Hand

R/No Ranging Power to Noise Density Ratio

rpm Revolutions per Minute

RTG Radioisotope Thermoelectric Generator

_" Unit

S/C Spacec raft

SCR Silicon Controlled Rectifier

SEC Secondary Electron Conduction

SiGe SiliconGermanium

S/N, SNR Signal-to-Noise Ratio

t Time
¢

t, t One of the Injection Coordinates, n, r, t;

t Its Derivative
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NOMENC LAT URE (Continued)

T Telemetry Power

T Unit Vector of the Planetary Approach Set,
i_', K T

Tii Solar Wind Thermal Motion Parallel to
Interplanetary Field

T1 Solar Wind Thermal Motion Perpendicular to
Interplanetary Field

TV Television

TWT Traveling Wave Tube

AV Velocity Increment

VHp See V

Voo Asymptotic Planetocentric Velocity

V Vector Approaching or Departing from
Voo in' Voo out aO_lanet

VSWR Voltage Standing Wave Ratio -.

w Watt

ZAE Angle between Vco in at Jupiter and Jupiter-Earth
Line

ZAL Angle between _ out at Earth and Sun-Earth Line

ZAP Angle between _'coin at Jupiter and Jupiter-Sun
Line

a Absorptivity

a Apoapsis Radius, in Jupiter Radii

Periapsis Radius, in Jupiter Radii

( Error; Emissivity

0 Earth-Spacecraft-Sun Angle

0 Angle in R-T Plane, Measured from T"

¢
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NOMENCLATURE {Continued)
_k

k Wavelength

(r I Semimajor Axis of Miss Ellipse

(72 Semiminor Axis of Miss Ellipse

@ Flux

@ Angle between Spacecraft and Meteoroid
Velocities, Heliocentric

Angle between % in and % out at Planetary
Encounter

Spin Speed, radians/second

o
Degrees

¢
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A. INTRODUCTION

i. THE MISSION

Every 13 months the relative position of the earth and Jupiter per-

mit a spacecraft to be launched onto a Jupiter-bound trajectory with

minimum launch energy. Injection velocities in the range 47,000 to

48,000 ft/sec suffice for these trajectories for a launch period of several

weeks; during the remainder of the 13-month interval, the velocity re-

quirements rise to prohibitive values.

The Pioneer missions oc this study are based on the exploitation

(employing a suitable launch vehicle) of the opportunities for such ballis-

tic, earth-Jupiter trajectories to conduct direct scientific exploration of

a vast region of the solar system from i to 5 astronomical units (AU)

from the sun, and of the vicinity of the pla:net Jupiter. This region in-

cludes the asteroid belt, lying principally within t0 degrees of the plane

of the ecliptic and between Z and 3.6 AU from the sun. Beyond 1.5 AU,

_ the Jupiter Pioneer will be the first spacecraft to enter this region.
(Pioneers 7 and 8 have explored out to 1. ! AU. Mariner 4, the first

Mars flyby, returned data from I. 5 AU. Mariners '69 and '71 will also

traverse interplanetary space to t. 5 AU from the sun; however, their

scientific payloads are predominantly aimed at exploring Mars. )

I. ! Summary Description

For a typical trajectory based on a launch in 197Z, it takes a space-

craft 637 days to reach Jupiter. Nearly aU this time is spent in the

interplanetary, solar-wind environment; the spacecraft departs from all

influences of the earth's magnetosphere several hours after launch, and

doesn't penetrate the Jovian magnetopause until several days before '_

periapsis (closest approach to Jupiter).

The spacecraft is directed to perform two propulsive maneuvers

which compensate for launch vehicle injection errors and place the space-

craft or, a trajectory to the desired target point near Jupiter with in-

creasing accuracy. These maneuvers are nominally scheduled at 5 and ¢

30 days after launch.

l <
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During the long interplanetary cruise phase, instruments measure

and transmit to the earth the characteristics of particles and fields at

increasing distances from the sun.

One hundred thirty days after launch the spacecraft is Z AU from

the sun, and for the next ZOO days it passes through the asteroid belt,

where micrometeoroid measurements will increase knowledge of the

small-particle population of this region.

About 315 days after launch, the earth has revolved about the sun

so it is opposite from the spacecraft. Because the spacecraft is some-

what out of t,_e ecliptic plane, the spacecraft-earth lin-' does not intersect

the sun, but it passes within about four solar radii. This is close enough

that radio propagation between the earth and the spacecraft will be in-

fluenced by the plasma composing the solar corona. It is also close

enough that large receiving antennas on the earth will pick up solar RF

noise which interferes with reception of spacecraft signals, for abrief

time.

The two early propulsive trajectory corrections, together with

ground-based radio tracking capabilities and the vast region of influence .

of the Jovian gravitational field, lead to a targeting capability which per-

mits a wide and varied choice in encounter geometry. However, because

of the great gravitational effect on the spacecraft trajectory, whatever

choice is made for encounter targeting affects not only the encounter

geometry, but also the entire post-encounter trajectory. The principal

near-Jupiter influences on target selection include:

• Passage through the shadow of Jupiter (eclipse)

• Interruption of the spacecraft-earth path by Jupiter
(occultation)

• Penetration of the trapped-radiation belt• of Jupiter

• Proximity to Jupiter'• satellites (the four major
ones are in near-circular, near-equatorial orbit•
from 6 to 26 radii from the planet'• center)

• Penetration of the Jovian magnetosphere, and
whether near the bow or the tail r

O,
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• For purposes of imaging and other experiments
directed toward the planet's disc, the spacecraft
distance from the sun and the latitude and solar

lighting angle of the sub-spacecraft point versus
time during encounter phase.

The principal post-encounter influences are:

• Whether th_ spacecraft remains near the ecliptic
plane or dep_rts onto trajectories substantially
inclined to it

• Whether the spacecraft returns to regions closer
to the sun or is acnelerated to penetrate regions of
the solar system be/ond Jupiter.

The major correlations between encounter geometry and the post-encounter

trajectory are:

• Near-equatorial encounter passages lead to near-
ecliptic post-encounter trajectories. Polar or high-
latltude passages Iead to inclined post-encounter
trajectories

• Eclipse and/or occultation requires targeting giving
either low periapsis altitudes or near-equatorial

passages. Typical eclipse or occultationdurations
are from 0 to 2 hours, although some trajectories
wiU exceed this figure

• Targeting to the right of the planet generally leads
to good illumination of the visibleportion of Jupiter
during approach, an eastward sense to the passage,
and an accelerated heliocentricdeparture to regions
beyond ,Tupiter

• Targeting to the leftof Jupiter leads to poorer
illumination of the visibleportion of the planet
(a waning crescent) during approach, a westward
(retrograde) sense to the passage, and a decelerated
departure which returns closer to the sun.

It is natural that the various scientific instruments have varying

sensitivities to the actual encounter geometry, and that some have con-

flicting desires. It is also true that the requirements for spacecraft

performance have different degrees of severity, depending on the selec-

tion of encounter geometry. Near Jupiter, eclipse occurrence and

.r !
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penetration of the trapped-radiation belts promise the greatest environ-

mental effect on spacecraft performance, although the ]atter is character-

ized by estimates which vary widely. In the post-encounter phase, the

dominating influence on spacecraft performance is distance from the sun.

As the power-generating capability of a solar-powered spacecraft varies

as 1/R Z, any trajectory continuing outward from the sun after enccunter

will lead to power _tarvationwithin Z00 or 300 days, at most.

Thus it is apparent that the detailed selections of the approach

target point and post-encounter trajectory will have to be based on

detailed review of the scientific objectives of the mission and on the

spacecraft performance capabilities.

I. 2 Mission Objectives

The scientific objectives of the mission, as given in the work

statement, are:

'ta) to make precursory scientific measurements of the
asteroid belt and Jupiter and their environments.

b) to conduct in situ measurements of particles and
fields in interplanetary space, w. ..

These objectives are expanded in the announcement of flight opportunities

for the mission. See Section B, where these e_panded objectives are

listed, and discussed in greater detail.

The technical objectives of the Jupiter Pioneer project are "to

provide for an orderly and continuing growth in the capability of the

United States to accomplish the aforementioned scientific objectives and

similar objectives in regions of interplanetary space and near planets

beyond those of immediate interest within reasonable technical and fiscal

resources and within a reasonable time period. *'

This clearly identifies the desire that the Jupiter Pioneer spacecraft

have a potential, applicability to missions beyond Jupiter, both to more

remote interplanetary space and to more distant planets.

4 t <
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1.3 Growth Missions

Several classes of growth missions may be identified, which, be-

cause of the similarity and commonality of their requirements with those

of the mission described above, are logically identified as future missions

for which the Jupiter Pioneer spacecraft is suitable or applicable . "th

minimum design change. These are:

• Additional flyby missions to Jupiter in which the encounter
targeting point is varied so that the experiments more
fully define the characteristics of the planet and its en-
vironment. This includes polar and equatorial passages,
encounters with a range of periapsis altitudes as low
as 0.5 radii to penetrate deeply into trapped radiation
fields, and targeting which is intended o give specific
occultation characteristics. (Employs the same launch
vehicle and the same spacecraft. )

• Additional flyby missions to Jupiter in wbich the encounter
targeting is selected primarily according to the character-
istics of the post-encounter trajectory. Specific post-
encounter objectives may include out-of-ecliptic missions,
and those which return closer to the sun, possiblyto a
perihelion distance of less than 1 AU. (Same launch

_ vehicle and same spacecraft. )
_-_ • A Jupiter orbiter mission, in which retropulsion at
_ approximately the closest approach to Jupiter places the

spacecraft in a highly elliptical orbit about Jupiter. 2his
would permit continuous and repeated measurements of
the planet, its environment, and its natural satellites.
(Upgraded launch vehicle, spacecraft with basically the
same design, plus the incorporation of a retropropulsion
motor and propellant. )

• A Jupiter flyby mission leading to a solar escape tra-
jectory, for the purpose of exploring interplanetary w
space well beyond Jupiter. This calls for an eastward
equatorial passage at Jupiter. (Same launch vehicle,
RTG version of spacecraft. )

• A Jupiter flyby mission with post-encounter trajectory
leading to encounter with more remote planets. Again,
this calls for ._n eastward equatorial passage at Jupiter.
Secondary plan._.t targets may include any of the more
distant planets, Saturn, Uranus, Neptune, or Pluto, or,
in 1977 and 1978, the so-called "Grand Tour" in which
the spacecra_C.t flies past three additional planets, Saturn,
Uranus, and Neptune. (An upgraded launch vehicle is ¢

C
? 5 '",q
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desired, in order to reduce total trip time for these
missions An RTG version of the spacecraft is n_ ces-

a sary, and upgraded guidance and trajectory correction
propulsion is required. )

The above comments on spacecraft growth required are based on the

initial spacecraft using solar photovoltaic power as the primary on-board

power source; therefore, the requirement for the use of radioisotope

thermoelectric generators (RTG's) for power for missions which go sub-

stantially beyond Jupiter represents a design change of the sort which is

described in Section G.

g. THE STUDY

The study of Pioneer Missions to Jupiter took place over the period

June 3 to October 25, 1968.

2. 1 Objectives

The overall objectives of the study are to propose a conceptual

spacecraft design to meet the mission requirements, subject to the

ground rules of the study; to examine and ._erify the performance of

such a spacecraft; and to indicate a plan for the development of the

spacecraft, including the scheduling of such development tasks and the

cost estimate for their performance.

Part 1 of the study, occupying about one-half of the total time, was

-- devoted to an examination of a number of overall spacecraft configuration

approaches, in order to evaluate, recommend, and select a general

approach under which the more detailed design tasks would proceed. In

that portion of the study, subsystem studies were undertaken not for the

purpose of making a final selection of the subsystem design, but rather

to verify the feasibility of the subsystem role in support of the spacecraft

system approach, and to permit adequate definition of subsystems for

realistic comparative estimates of weight and power requirements, and

cost, reliability, and schedule characteristics.

Based on the spacecraft concept selection at the end of Par*, i,

Part 2 of the study was devoted in more detail to fulfilling objectives

stated above. ¢

i
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2.2 Major Ground Rules

In addition to the requirements which are inherent in the description

of the mission giver above, e.g., ability to operate at great distances from

the sun and from the earth, and survival of the environments of interplane-

tary space for almost two years, other defined ground rules were estab-

lished for the conduct of the study.

The primary launch vehicle for the mission was identified as the

Atlas SLV3C/Centaur/TE-364-3 combination. This would employ the

Atlas booster and sustainer engines, and the Centaur first burn to carry

the spacecraft into a circular parking orbit, and the Centaur second burn

and firing of the third stage solid rocket to achieve the appropriate in-

jection velocity for the spacecraft. The specification of the launch vehicle

carries with it the statement of launch vehicle performance (leading to

injected weights of the order of 500 pounds for the injection velocity re-

quirements discussed above), the accuracy of the injection, the environ-

ment to which the spacecraft is subjected during the launch phase, and the

physical dimensions of the shroud to which the spacecraft must conform

, in its stowed configuration. Possible upgraded launch vehicles are identi-
fied, in addition to the primary one. The work statement indicates the

performance of a similar launch vehicle, but in which the first stage is

the SLV-3X version of the Atlas, a larger-diameter booster whose de-

velopment has been proposed and is currently under consideration. This

would offer an increased payload of roughly 250 pounds in the appropriate

energy range. A second possible upgrading of the primary spacecraft

would be to increase the size of the third stage solid motor. The TE-364-4 .

is a longer andheavier version of the same motor; it would raise payload

at the same energy by 60 to 80 pounds.

Another ground rule pertains to the utilization of the Deep Space

Network as the ground terminal for all communications with the space-

craft. This ground rule affects the quantitative performance of uplink

and downlink transmission in terms of antenna gains, noise figuresp and

other performance characteristics of equipment at the ground stations.
¢
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It also serves to specify operational characteristics such as carrier

frequencies to be employed (S-band), subcarrier frequencies, and modu-

lation and polarization combinations which are acceptable.

Additional ground rules apply directly to the spacecraft design.

The weight (400 to 500 pounds) and desired scientific payload (50 pounds)

are consistent with the primary launch vehicle identified and the scientific

objectives of the mission. An important ground rule for the spacecraft is

that it is to be based on the maximum extent possible on the technology

and design of the pre_eut Pioneer series of spacecraft, Athrough E, of

which the first three have been launched and are now known as Pioneers 6,

7, and 8. A dominating interpretation of this ground rule led to the

adoption of spin stabilization for the spacecraft. As is pointed out through-

out this report, other aspects of the Pioneer design concepts permeate

the design of the spacecraft, from the thermal contxol concepts to the

utilization of hardware developed for the telecommunications subsystem.

While the choice between solar cells and RTG's for spacecraft

power generation was not the subject of an explicit ground rule of the

study, it is certainly an appropriate subject of consideration. The most

direct application of Pioneer technology obviously leads to solar power,

however, the low intensity of solar flux at Jupiter, as well as considera-

tions for those growth missions indicated above which proceed substantially

farther from the sun than Jupiter, show a significant weight advantage for

RTG power for the basic mission, and a necessity for some of the growth

missions. Two possible approaches to the use of RTG's are suggested.

In the first, the initial spacecraft design and the initial missions utilize

solar power; RTG's are considered only for later launches, and fgr a

spacecraft which has different mission objectives and, quite likely, a

revised science payload. In a second approach, solar and RTG power

are considered possible competitors for the initial spacecraft design.

In this event, comparison must be based not only on technical require-

ments and advantages, but also on ability to meet the growth schedule

requirements and cost limitations associated with the initial mission.
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While both possibilities for the use of RTG power remain at this point,

the consideration of RTG power in this report is limited to the second

approach, i.e., suitability for the initial missions.

On the other hand, the ground rule for such consideration of RTG

power was that the proposed spacecraft design should bu that which

optimizes performance utilizlng solar arrays; the RTG version of the

spacecraft is defined as the one in which conversicn to RTG power is

effected with a minimum impact on the spacecraft subsystem design.

This ground rule is consistent with a secondary objective, namely, to

identify, from a development program and scheduling point of view, how

the Jacecraft design may meaningfully proceed to some point down-

st.',.__n_£Jr either type of power, that is, without disqualifying either

solar power or RTG power.

2.3 Summary of Results

Z. 3. 1 Spin-Axis Orientation

At the start of this study itwas felt that the m_st promising alcproach

(_ for a spin-stabilized spacecraft for a Jupiter mission would require that
the spin axis be directed towards the earth throughout the major portion of

the mission. While spacecraft of the present Pioneer series spin about

an axis perpendicular to the plane of the ecliptic, the increased power

generation requirement and communications distances for the Jupiter

mission make this orientation disadvantageous. For the cylindrical array

of the present Pioneer, the ratio of solar cell array area to intercepted

solar flux area is _. Thus the array area is more than three times as

great as it would be if all portions always faced the sun. This is not a

great penalty for the present Pioneer, where only 8 sq it of solar flux

need to be intercepted; however, at Jupiter where 150 to 180 sq it of

solar flux are necessary, the penalty would be prohibitive.

Thus it became a question of whether to despin a fiat solar array,

so that this penalty in number of solar cells and their weight would be

eliminated by facing the entire array close enough to the sun, or to put

_, the spin axis into the plane of the ecliptic so that an array deployed ¢

ilC
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perpendicular to the spin axis would intercept the required area of sun-

light. Similar considerations for the high-gain communication antenna

show that the spin axis in the ecliutic not only eliminates the necessity

for a despun mechanism, but also gives a greater antenna gain, by

several db, than is achievable with the despunmechanism, with the

axis perpendicular to the ecliptic.

The advantages of having the axis in the plane of the ecliptic can

accrue in combination to both power generation and communications,

although, ideally, they call for pointing at the sun and earth, respectively.

However, directing the spin axis towards the earth satisfies the comrr.uni-

cation requirement immediately, and is satisfactory for power generation,

because at that p ".nt in the mission when power generation is critical the

spacecraft is fa from the sun, and earth pointing is automatically within

1g degrees of sun pointing. This holds cosine losses to two percent.

g. 3. g Other Approaches

In addition to reconsidering this approach to maintaining the spin

axis perpendicular to the plane of the ecliptic, other overall configura-

tion approaches were examined in Part ! of the study. These included

attempts to reduce the weight and cost of solar cell arrays by employing

mirrors to concentrate the weak sunlight at great distances onto a

smaller number of solar cells. Concepts were examined in which these

mirrors were distributed on the arrays in a modular approach with each

group of 9 or f6 cells associated with its own weight of reflectors, and

also with large, thin film, reflecting sheets deployed from the spacecraft

in a way to concentrate sunlight from large intercepted areas onto smaller

solar cell arrays at the periphery of the spacecraft body.

Another alternate approach, based on the earth-pointing spin axis,

was the consideration of a mechanically-geared platform to restore, for

those interplanetary instruments most suitable, a scanning motion sweeping

in the plane of the ecliptic, equivalent to that achieved by the present

Pioneer spacecraft.

¢
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2. 3.3 Selected Spacecraft Corffi_uration

The mid-term evaluation and comparison of all these approaches

led to the selection of the spacecraft configuration which is described in

the bo¢_.'/ _,f this report. (See fro,_tispiece. ) It is based on maintaining

4-1-_,,e spin axis in the earth-pointing direction for the entire mission, ex-

cept for the first one to three weeks and at times when reorientation is

made for trajectory correction maneuvers. Communication with the

earth is via a large, high-gain antenna, rigidly fixed to the spacecraft,

with its axis coincident to the spin axis. Electric power is generated by

solar cell arrays which are deployed about a hinged line roughly tangent

to the periphery of the high-gain antenna so as to lie in a plane perpen-

dicular to the spin axis. The attitude control of this spinning spacecraft

is based on precession maneuvers activated by pulses from hydrazine

thrusters. Open-loop maneuvers are utilized to rotate the spin axis

through large angles either toward earth pointing or to desired positions

away from earth pointing. Closed-loop maneuvers are programmed for

fine earth pointing, based on conical scan of uplink RF transmission by a

spacecraft antenna whose axis is offset from the spin axis.

This spacecraft meets the dominant requirements of the mission

in carrying a scientific payload of 60 pounds, including I0 pounds for a

television experiment--considered contractor-furnished equipment--and

in providing necessary support functions for the proper operation of

this payload: electric power, thermal control, adequate view angles and

apertures, commands and other signals, and telemetry of results to the

earth. While we have indicated full utilization of the launch vehicle capa-

bility for this mission, with only the normal weight reserves for con-

tingency, we have also provided more than minimum services and

performance in support of the scientific mission. For example, the

communications capability of the spacecraft in conjunction with current

ground stations offers a median data rate from Jupiter to the earth of

over 500 bits/see. This is substantially greater than any other inter-

planetary or planetary probe has achieved from locations much closer

¢
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to the earth. Similar performance margins above minimum requirements

also exist in other areas, including command flexibility, data handling

and formatting flexibility, thermal control provisions, etc.

In some areas, performance goals can be identified which are not

met by the indicated spacecraft design. It is appropriate to stop short of

satisfying all such goals, even if it is within the weight capability of the

launch vehicle, for these reasons:

• To avoid the cost of developing or adapting technology,
where the equipment or design concepts of the current
Pioneer program are applicable and satisfactory.

• To avoid the risk associated with new technological
developments, where present technology is adequate.

• To reserve adequate weight capability for redundancy
implementation to improve the probability of mission
SucCeSS.

In connection with the first point, design concepts _f *he current Pioneer

program have been employed extensively in the selected spacecraft

design. The utilization of solar cells for power generation, while at a .

recognized weight penalty in comparison with radioisotope sources, repre-

sents an exploitation of the technique proven by the successful operation

of Pioneers 6, 7, and 8. A wide application of current Pioneer technology

is also made in the thermal control, communications, and attitude control

areas. The basic thermal control concept of rejecting spacecraft internal

heat through a surface which is not illuminated by the sun, and controlling

this rejection with active louvers, is utilized, together with insulation of

other surfaces of the equipment compartment from the effects of solar

thermal radiation. In the communications subsystem, specific components,

including diplexers, microwave switches, and transmitter power ampli-

fiers, are utilized without change from the current program. The con-

cepts for the attitude control of a spin-stabilized spacecraft which have

been de_-eloped and proven in the current Pioneer series apply concep-

tually to the Step I and Step 2 precession maneuvers of the Jupiter Pioneer

spacecraft.

12 i <
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In connection with the last point, it should not be inferred that all

of the available weight capability of the launch vehicle has gone into im-

proving performance per so. To a large extent, the available margin

_s led to increased implementation of redundancy both within subsystems

oy duplicating components or boxes, and at the functional level, by sub-

stituting one operational means of accomplishing a necessary function for

a different means, in the event of failure. These missions have led to a

spacecraft with a probability of successfully carrying out all critical

mission functions of 0.695. This aUocation of the resources in the design

was considered to be an appropriate allocation between probability of

success and enhanced performance.

2.3.4 Verification of Technology

It is appropriate to identify those areas in which verification has

not proven that the technologies to be employed are adequate to the re-

quirements of the mission. This can result from severalcauses. The

proposed technology may be a new one, which has not been adequately

proven; an existing technology may not have been tested against the

(_ specific demands of the Jupiter mission; or the demands of the mission--
particularly the specification of environment--are not known with suffi-

cient accuracy.

There are several places where subsystem performance in known

enviroxunents is yet to be demonstrated to the confidence level required.

One example is the performance of solar photovoltaic cells at the low

temperatures and low illumination levels which will characterize their

operation near Jupiter. While tests of cells indicate that the potential

for adequate power generation is there, the number of cells tested has

not been great enough to specifically correlate the properties under those

conditions with properties which are normally and more easily measured

at room temperature. Thus it has not been fully ascertained what are the

most appropriate selection tests for solar cells, nor whether solar array
f

module performance prediction can properly be based on room tempera-

ture tests, either on an individual or sampled basis.

¢
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The closed-loop earth-pointing mode of the spacecraft orientation,

based ou conical scan of aplink radio transmission, is an adequate con-

trol concept, all parts of which have been employed for a long time.

However, the "all up" system verification of this method of attitude con-

trol will be difficult if not impossible to simulate in ground tests. There-

fore, development tests of the portions of this loop, where possible, aad

analytical simulation and verification are appropriate objects of the design

phase.

The present interplanetary Pioneer has deployable booms. It has

been possible to verify proper deployment of these by zero-g tests con-

ducted in facilities permitting the spinning spacecraft to be thrown upward

and caught. For the Jupiter Pioneer, similar deployments will be made

to place solar array panels, booms, and experiment antennas in their

proper positions. However, because of the lower spin rate (5 rpm, com-

pared with 60), these deployments take considerably longer, and their

inclusion in a real-time, zeroog test does not seem feasible. Here is a

case in which a developed technology may not be tested against the opera-

tional environment completely as desired; the verification will necessarily

be based on other avenues of achieving cortfidence in the design approach.

There are several instances in which the spacecraft characteristics

can be understood and verified, but it is the environment to which they

are subjected in the course of the mission which is imperfectly known.

For example, solar cell performance is reasonably well understood as

a function of exposure to solar flare radiation, to micrometeoroid impact,

and to high-energy electron fields. While the approximate incidence of

radiation due to solar flares during the course of the mission can be

statistically predicted, estimates as to the micrometeoroid flux to be

encountered in passing through the asteroid belt and estimates of the

trapped radiation flux of high energy electrons and protons in the

vicinity of lupiter are both uncertain, with high and low estimates dif-

fering by two or more orders of mag.nitude in each case. (While the

solar array cells are probably the most susceptible components to

meteoroid and trapped radiation environments, other spacecraft com-
e

ponents may also be susceptible. The equipment compartment and its

0
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collective contents are vulnerable to penetration and damage from large

meteoroidpar_icles, and the near-Jupiter magnetic field can also have a

temporary degrading effect on the operation of magnetic memories and

electronic _ube devices, such as the vidicon for photographing the planet. )

The sort of uncertainties mentioned for the near-Jupiter environ-

ment are not likely to be resolved before the first spacecraft actually

penetrates this region; therefore, the approach to ensuring successful

operation of the spacecraft in such environments is tied closely to the

mission strategy for exploring and determining what these environments

are. This strategy affects the detailed encounter targetin& of the space-

craft, and may include the possible retargeting of the spacecraft launched

second, as a result of data obtained when the first launched spacecraft

passes Jupiter.

While uncertainties of the nature discussed above exist, it is

generally felt that the technological base for confidence in this mission

is high, because of the large extent to which current technology is utilized.

The number of new technological developments required for this mission

(_ is low. The uncertainties which remain because of our lack ofvery

knowledge of the environments to be investigated are not out of line with

the exploratory nature of the very purpose of the mission. Indeed, it is

a primary objective of a precursor mission to determine the nature and

level of the environments which successor spacecraft will have to

withstand.

3. THE REPORT

The organization of this final report on the study of Pioneer missions

to Jupiter is outlined briefly in this section.

3. i RecAuirements for the Spacecraft

In Volume I, Section B, Scientific Objectives and Experiments,

establishes the scientific requirements of the mission. The questions

whose answers are sought by means of the science payload are identified

and discussed. The general classes of experiments wr, ich may be

6}
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implemented in order to return data shedding the most light on these

questions are identified and discussed. A representative science payload

is constituted, which would be appropriate to the scientific objectives.

The collectiv_ requirements of such a science payload on the spacecraft,

in terms of weight, volume, electric power, etc., are reviewed.

In Section C, Mission Analysis, other inherent properties of the

mission which exert an influence on the design of the spacecraft are set

forth, k'hese include the performance characteristics of the designated

launch vehicle and the characteristics of earth-Jupiter trajectories,

which, with certain mission ground x'ules, serve to define the launch

periods and trajectories which must be utilized. Spacecraft weight

limits are derived. Expected launch vehicle injection errors are con-

verted into maneuver velocity increment rc aairements.

3.2 Selected Spacecr_aft Design

As a result of the requirements for the spacecraft, as given in

Sections B and C of this report end in the study work statement, TRW

has selected and described tne design of a spacecraft system, based on

the utilization of solar arrays for primary onboard power generation.

This spacecraft is described in Volume 1, Section D, Selected Spacecraft

Design. In that section we have shown what the selected spacecraft and

its subsystems look like, what units they are composed of, how they work,

and what the quantitativeresulting performance characteristics are, at

both the system and subsystem levels. Section E, Flight Operations,

shows how these various capabilitiesare combined into a comprehensive

sequence of events for the entire mission.

3.3 Implementation of the Selected Spacecraft

The implementation aspects of design, development, fabrication,

and testing of the selected spacecraft approach for launches in two years

are given in Volume 2. A detailedprogram schedule is shown, leading

to launches in March 1972 and in April 1973. (Launches in the two years,

1972 and 1974, are also treated. ) Volume 2 also contains an estimate

! of the cost associated with the spacecraft program outlined.
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3.4 Alternative Systems, Subsystems, and Missior_s

Volume 1, Section F, Alternative_. and Trades, indicate at a

number of different levels what the competing approaches were, and why

we selected the spacecraft design presented in Section D. Section 1:"

covers totally different configuration approaches for the Jupiter space-

craft, as well as different implementations of the functional requirements

at the subsystem ]evel. In addition, it explores a number of areas in

which the relative emphasis is altered for the utilization of available

weight within the spacecraft system. These alternates include utilizing

weight for particular classes of scientific instruments and accommoda-

tions, and comparison of the use cf weight for additional spacecraft

power or data rate, for increased protection against environmer.ts, and

for enhancement of the reliability of system operation.

Section G, RTG Power for a 1972 Launch, discusses the design of

an equivalent Jupiter Pioneer spacecraft which emplo-/s RTG power

instead of solar power. This discussion is in the framework of the con-

version of the selected design (Section D) to I_TG power with the minimum

possible changes imposed on the spacecraft design and its subsystems

other than electrical power, Section G also indicates the schedule and

cost requirements for such a conversion of the design, if the 1972 launch

opportunity is to be met.

Section H, Growth Missions, indicates briefly the applicability of

the spacecraft (solar-powered and RTG-powered versions) for advanced

missions which are logical aspirations from the base of the initial

mission. The perfornrtance capability which must be added to the present

design to meet the extra requirements of these growth missions are

identified and discussed.

V •
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B. SCIENTIFIC OBJECTIVES AND EXPERIMENTS

I. SCIENTIFIC OBJECTIVES

The scientific objectives of the Jupiter Pioneer mission are defined

in Section 2 of tb_"Opportunities for Participation ih Space Flight Investi-

gations. Thes_ objectives are stated a, follows:

"The N:_tional Aeronautics and Space Ad_ninistrat_on (NASA)

wishes to develop a series of scientilic investigations in the
following areas :

(a) Interplanetary magnetic and electric fields and

interplanetary particles of solar and galactic

origin o_t to large heliocentric radial distances.

(b) Particulate matter in and beyond the asteroid belt.

{c) Particle and electromagnetic environment of the

planet Jupiter.

(d) Chemical and physical nature of the atmosphere
of Jupiter and the dynamics thereof.

(e) Thermal balance, composition, internal structure
and evolutionary history of Jupiter and its

"_ satellites. "

In this section we identify some physical investigations that might

be used to satisfy the general objectives and we review briefly possible

experiment specifications and requirements. We then examine the con-

straints and tradeoffs associated with various payload and spacecraft

c onfigurati.ns.

I. • In¢crplanetary Particles and Fields

I The scientific of the of this missionobjective interplanetary portion

is to perform measurements which will provide information on the fol-

lowing questions:

• Where does the ordered sola:" wind flow pattern
terminate ? If some sort of transition or termination

region is encountered, what is the magnetic field ant
particle configuration m this region?

• Is there evidence for the onset of _olar wind flow out _' ¢

of the ecliptic, or increaseci deviation from nearly

radial flow ? 0
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• What is the magnetic field-particle coiffiguration in
the interplanetary medium at large distances from
the sun? Are the distant measurements consistent

with an extrapolation of near-earth valses according
to existing theoretical models ? What temporal and
spatial variations occur in the magnetic field and
particle fluxes ?

• How do the particle distributions functions vary with

distance? Does (Tl_ - TI) vary? Are deviations from
Maxwellian distributions produced? Does the tem-

perature rise or f_!l? How does (Te/Ti) vary with
distance ? Does real conduction, evidenced by field
aligned electron tail particles, persist to 5 AU?

• How do the interplanetary electric and magnetic
power spectra vary with changing plasma parameters ?
Does the whistler-mgde instability become quenched ?
Do storms excite different kinds of interplanetary
waves in the distant regions where the magnetic field
(as given by the Parker model) is nearly perpendicular
to *he plasma flow ? How do diffusion coefficients vary
with distance ? Are there stochastic wave-particle Ik
interactions as far out as 5 AU?

• How do local measurements of particle fluxes and
magnetic field correlate with solar disturbances ?

(" How far does a recognizable sector structure persist ?

Can M-regions be detected? Do events such as sudden
commencements occur in the same way when the plasma

becomes so dilute and weakly magnetized? Does any

sector structure associated with the "boundary" of the
solar wind become evident ?

• How far do solar cosmic rays propagate in the inter-

LJlanetary medium ? How do their trajectories and
anisotropies depend on distance from the sun? Does

the Forbush decrease in galactic cosmic ray intensity

extend to large distances from the sun ?

• Does the intensity of galactic cosmic rays increase
with distance from the sun ?

i.Z Cosmic Dust and Meteoroids

What "isthe spatial distribution of cosmic dust and meteoroids in

the interplanetary medium ? What are the momentum and energy

distributions ? Does Jupiter itself produce a change in the interplanetary

distributions ? What particles are present in the asteroid belts ? ¢

i9 _ <

I IIIIIII IIIIII I " IIImllrill _ -- -- -Jl'i111111III In " " f I I ............. " --'lr ...... ,

-

] 9690 ] 0484-048



1. 3 Planetary Particles and Fields

The objective of measuring particles and fields in the vicinity of

Jupiter is to provide information with respect to the following problems:

• What is the magnitude of the Jovian surface magnetic
field? Is it dipolar ? Where is the dipole axis located ?

• Where is the magnetosphere-solar wind boundary?
Are the characteristics of the interaction region similar
to those of the earth's transition region? Does the
Jupiter gravity produce a change in t] -_. solar wind
beyond the shock?

• What are the spatial distribution, energy distribution
and fluxes of trapped particles (both protons and elec-
trons) throughout the Jovian magnetosphere ? Is the
explanation of the decimeter noise as synchrotron
radiation valid ?

• Do auroras occur ?

• Does satellite passage influence decameter noise
radiation ?

• Are there significant magnetic anomalies ?

• What are the characteristics of the upper ionosphere;
the diurnal variations, variations with solar activity ?

• What is the relationship between radio noise sources
and the energetic particle distribution ? How are these
influenced by changes in the solar wind ?

• What is the power spectrurr, of radio noise below 10
to 30 MHz ? Where does this noise originate? Are
there phenomena such as auroral hiss, micropulsations,
LHR emissions ?

• Does the motion of Io produce an interchange plasma
instability, as suggested by Piddington?

t. 4 Jovian Upper Atmosphere (Reference 1)

Here information is desired on the following questions:

• Is Jupiter composed of primordial solar material ?

• What are the atmospheric constituents ? Has Jupiter
lost hydrogen during its evolution? What is the •
hydrogen-helium abundance ratio ?

0 ,
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• What is the atmospheric scale height ? What is the
temperature distribution in the upper atmosphere ?

• Is the Spinrad effect, -vhich indicates a differential
rotation for different molecular species, real?

a Are there electrical disturbances in the lower

atmosphere ?

• Is the lower atmosphere turbulent ? Are there con-
vection currents and winds which might indicate an
internal heat source ?

• What are the more detailed characteristics of some

observed features _uch as the red spot, bands, and
transient spots ?

Consistent with ()pik (Reference Z), the discussion of the Jovian

atmosphere is restricted to the region above the cloud layer since the

Jovian surface has not been well defined. The primary areas of interest

include the atmospheric scale height and the atomic and molecular abun-

dances. Current estimates of the scale height have been derived from a

single observation of the fading of starlight from a Arietis during an

occultation by Jupiter. This measurement indicated an approximate
scale height of 8 km; with an assumed temperature derived from _ wa_e

and infrared observations of 130°K, t/-is yields a mean molecular weight

of about 4 for the Jovian atmosphere at altitudes just above the clouds.

Based on this observation, and the observed NH 3 and CH 4 abundance,

Opik suggests the following composition for the Jovian atmosphere:

Molecule He H 2 Ne CH 4 A NH 3

% 97.2 Z. 3 0.39 0. 063 0.04Z 0.0029

The proposed large abundance of He relative to H 2 requires a

detailed explanation. Because of the large mass and low temperature

of Jupiter, thermal escape of the low mass gases is almost totally in-

hibited. It is expected that Jupiter is far more representative of the

primordial material from which the planet was formed than is the earth.

The cosmic abundance of H 2 is a factor of I0 > He and, therefore, this

_ proposed atmosphere requires the existence of processes which permit i

( the escape of H 2. Theoretical arguments for ¢uch processes have been ,!
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advanced independently by both Vrey (Reference 3) and C)pik. Clearly,

the direct measurement of the He/H2. ratio represents an important

measurement in understanding the evolution and current structure of

the planet.

For sin_ilar reasons, several important isotopic abundance ratios

such as D/H, A36/A40, Ne20/Ne2i/Ne 22 present at Jupiter are expected

to be rr,,,re representative of primordial material than those currently

determined terrestrially. In the Fowler, Greenstein and Hoyle (Refer-

ence 4) model for the evolution of the solar system, small planetessimals

which later formed the planets were, at one time, irradiated with intense

fluxes of energetic solar protons. The resultant neutrons were therma-

lized and captured to yield an enhanced abundance of the neutron rich

elements and isotopes such as D and K 40 which decays to A 40. Because

of the greater distance from the sun, such processes would be less im-

portant at Jupiter and a depletion in neutron rich isotope probable.

Therefore, the measurement of specific isotope ratios would be of im-

portance in our understanding of the origin of the solar system.

Emission spectroscopy of the light produced by auroral displays

represents an attractive method for the identification of specific elements

(Hz, He, Ne) and estimates of their abundances. These measurements

will not yield isotopic abundance ratios and unfortunately those measure-

ments must be postponed until direct mass analysis is possible.

VLF electromagnetic waves may be generated by electrical dis-

charges in the lo_er atmosphere, such as lightning, and perhaps other

sources including auroras. The ordinary component of these waves is

propagated along the lines of force of the magnetic field with small

attenuation for frequencies less than the minimum electron-cyclotron

frequency along the path provided a sufficient ambient electron density

is present. Because of the time dispersion in received frequency, these

waves are called "whistlers. "

The study of whistlers has been an important metL_d employed in

deriving information about the terrestrial upper ionosphere out to 7 earth

radii including the absolute density dependence on planetary distance and ¢

temporal variations in this distribution. In the case of Jupiter, however, _ :
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• identification of these waves, in itself, is an important objective

since it would be indicative of the existence of 1Gw altitude electrical

disturbances (Reference 5). The derivation of detailed ionospheric

properties would await later measurements.

Atmospheric scale heights can be obtained with either optical or

radio propagation techniques. The former detects the neutral atmosphere,

the latterboth the ionosphere and neutral atmosphere. Occultation is, of

course, required for the radio propagation experiment in order to deter-

mine a surface atmospheric density. However, the entire model for the

experiment is invalidat the expected 'tsurface"densities expected for

Jupiter. There will be some altitude,with an associated density, during

a flyby experiment for which the experiment is valid. This, of course,

implies that occultationis not necessarily important for this experiment.

The radio propagation techniql:.ehas been employed for both mea-

surements of the interplanetary electron density and on the Mariner Mars

flightto obtain both the Martian sur{ace density and neutral and ionospheric

scale heights. There are reasons why these measurements may yield

( incorrect values, based mainly upon tb.etheoretical assumption of a

quiescent plasma (Reference 6). The possible presence of density fluc-

tuations in the planetary ionosphere can be determined with a fluctuating

electricfielddetector as flown by Scarf et al. (Reference 7) and are of

great importance in the evaluation of the radio propagation experiment.

The possibilityof obtaininghigh resolution TV images of the planet

Jupiter raises a variety of important questions related to the circulation

of the atmosphere. The existence of a large-scale circulation regime in

Jupiter is known from ground observation _. The pattern of bands and

belts observed suggests a meridional cellular pattern, which is continu-

ously varying down to the limits of resolution that can be reached from

ground, about 1000 krn. The variations take place both in a time scale of

the order of one Jovian day, and also over a long scale probably related

to the solar cycle. The short time scale variations of t_e cloud structures

and storm systems would be expected to reveal increasing detail when the

• resolution is increased, say to 10 km. Just as it is dor_e in ground tele- ¢

scopes, by means of color filters, various levels of the atmosphere could
C
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be isolated to study in further detail the variations in depth of the cloud

patterns. It should be noted that the atmospheric circulation patterns

1 will yield information about the possible existence of an internal heat

source. However, interpretation of these patterns will be dependent

upon the detailed temperatur_ measurements to be performed concurrently.

1.4. t Microwave Radiometer Experiment

The purpose of a microwave radiometer experiment is to measure

the Jovian upper atmosphere and "surface" temperature in the I to 2. cm

bands by detection of the radiated microwave or electromagnetic flux.

Dictating the selection of these bands is the high noise level at the 10 cm

frequency in the Jovian vicinity. It is intended that both the light and

cark sides will be scanned ii. a north-south direction during the flyby.

An instrument similar to that flown on Mariner Z will be used

{Reference 8), consisting of a parabolic dish for the detection of the

microwave radiation, along with horn-type antennas for cold-space

calibration. The field of view will be in the order of Z degrees, giving

a resolution of approximately 7000 km.

1.4. Z Infrared Radiometer Experiment

The purpose of the IR radiometer experiment is to measure the

"surface" and upper atmospheric temperatures of the planet Jupiter.

It is intended that this instrument will scan the light and dark sides of

the planet in a north-south scan during the flyby period. The simplest

instrument is an infrared radiometer like that of the Mariner 2. How-

ever, in the case of Jupiter, it is necessary to change the wavelength

regions to be studied from that of Venus. Here we are interested in the

9 to 13 micron bands which is the absorption band of ammonia, and

I micron for the absorption band for methane, and Z bands, one below

1 micron and the other somewhere bet_en 1 and I0 microns, which

wo_dd give measurements more characteristic of the lower atmosphere

or "S_face. ,s

This instrument consists of the optics through which the infrared

radiation is focused, followed by a chopping mechanism which alternately ¢

exposes the detector to the planet and for reference purposes, fr_e space. {__ :
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The beam is then split by a dichroic filter. The detector consists of two

uncooled thermistor bolorneters immersed in germanium lenses. Inter-

ference filters define the radiometer channels. The selected field of

view for this experiment is _. degrees giving a resolution in the order

of 7000 l_n.

1.4.3 Radio Occultation ExFeriment

The purpose of a radio occultation experiment is to measure the

scale heights of the Jovian atmosphere and ionosphere, and also provide

a valuable supp.tement to the other onboard experiments used in the deter-

mination of such properties as composition, temperature, and density.

The simplest occultationexperiment placing the least demands on

the spacecraft system as a whole utilizesthe spacecraft downlink signal.

The received signal is detected and phase compared on the ground. Phase

shiftsin opposite directions arc produced when the radiation is trans-

mitted through an ionosphere and through a neutral atmosphere. Since

the dominance of each effectis dependent on altitude,both requirements

may be studied in the same experiment. This form of experirr_enthas
provided the most reliablemeasurement of surface pressure and scale

heigat of the Martian atmosphere.

In the case of Jupiter there is no formal surface_ so the surface

pressure cannot be measured; furthermore, the entire model breaks

down at the very high neutral pressures to be expected below cloud alti-

tude. There is, therefore, no very formally prescribed trajectory for

this flyby mission.

As has been mentioned, these measurements are only valid for a

quiescent ionosphere. The existence of ionospheric instabilities can be

determined with an AC electrometer. In this experiment the capacitively-

induced voltage difference between the spacecraft and a short antenna

produced by short wavelength electrostatic waves is determined. The

antenna employed for this experiment could be the whip antenna of the

two-lrequency interplanetary radio propagation experiment.

t. 4.4 VLF Experiment

( The purpose of a VLF experiment is to measure the 'Whistlers, " :
the existence of which will yield information about the currents of low "

<25
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altitude electrical disturbances. The best detector to employ for this

is a simple search coil, consisting of a 50-turn loop antenna, 12 inches

•n diameter. Since we are interested in frequencies above I cps, when

used on the spinning spacecraft, spin modulation is unimportant. A

frequency range of 700 cps to 10 kc should be adequate for this instru-

ment. Such an instrument (Reference 9) has been flown on Injun 3.

1.5 The Photo-Imaging Ex_ueriment: Jovian Meteorology

Jupiter is eminent among the planets of the solar system in terms

of both mass and volume, and occupies more space than all of the other

planets combined. The planet is similar to Venus in that a dense cloudy

atmosphere prevents visual or photographic observations of the planet's

surface; however, telescopic observations reveal a wealth of markings

and bands in its atmosphere, in contrast to the rather featureless atmo-

sphere of Venus.

When Jupiter is observed with a telescope, it appears to be flattened,

and significant limb darkening is evident. Normally a number of alternate

light and dark bands are seen, parallel to the equator. The light yellowish

regions are called zones, and the dark bands are referred to as belts,

being dark gray or brown, with regional features which are blue, dark

green, or red. The wide equatorial zone is bounded by tropical belts,

which in turn are bounded by north and south tropical zones. Then there

are a temperate belt, a temperate zone, another temperate belt, and

finally a polar region in each hemisphere. Most of the markings on

Jupiter change rapidly, but some last from months to many years. The

most prominent regional feature is the Great Red Spot, which lies mainly

in the south tropical zone. Oval in shape, it is approximately 30,000 to

50,000 km long and 13,000 km wide. The color varies irregularly from

pink to a definite red. It has been suggested that the red spot is a

stagnant "Taylor column" in Jupiter's atmosphere, situated over a very

large topographic feature on the planet's solid mantle. The red spot

apparently has a much longer lifetime than free atmospheric disturbances.

Under excelTent seeing conditions, an earth-based telescope can

resolve features with an angular subtense of O. 3 arc-seconds in the r

, Jovian atmosphere, corresponding to a line_,r resolution of I000 kin. 0 :
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The proposed _xperiment will have resolution higher by nearly an order

of magnitude than this figure.

It is anticipated tllat observations with higher resolution will yield

important and _nexpected results. A great amount of detail is evident

along the edges of the bands, in the form of cusp-shaped protuberances,

and there are also small dark spots with a variety of shapes, indicating

the presence of a great deal of meteorological activity. The proposed

photo-imaging experiment may be the only way of gaining additional

information pertaining to the red spot prior to the use of an atmospheric

probe.

1.6 Jovian Lower Atmosphere and "Surface" (Reference 1)

The important problems to be studied include:

• Does Jupiter have an internal heat source ? What is
the relationship between the temperature of the
illuminated and dark faces ?

• Are temperature variations associated with any of
the observed features ?

(_ The existence of a Jovian surface is questionable. All observed

visible features are limited to the cloud layer, although the observed

patterns may be determined by the underlying surface features. It is

doubtful whether a flyby n_ission can yield any significant information

about either the "surface" or the interior, with the exception of "surface"

telnperature measurements. On the other hand, the identification of an

internal heat source together wi:h the characteristics of the magnetic

field will yield important inforl ation with respect to the planetary

interior.

There is some evidence to support the conclusion that an additional

heat source to solar radiation is present in the $ovian interior. This

heat source may be nuclear, chemical, gravitational, or rotational in

origin. Present terrestrial observations are limited to the ? to 13 micron

infrared region and the i cm microwave region and because of the

absorption characteristics of NH3, are limited to cloud altitude. The r

extension of the infrared measurements to longer w&velengthe is most

( important in the establishment of surface temperature; the microwave

<
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measurements are to a degree redundant. A comparison of sunlit and

dark temL_eratures, of course, requires a flyby mission.

Temperature mapping in both the infrared and microwave regions

is most important to determine whether temperature variations are --

associated with any of the visually observed features. The spatial reso-

lution achieved with a near approach is very important.

2. EXPERIMENT DESCRIPTION
i

2. 1 General

A large variety of experiments are possible which will return data

to provide a_lswers to the scientific questions of interest. It is possible

however to identify certain types of experiment instrumentation which "

will be employed to satisfy the scientific objectives. Table t is a list

of such instrumentation. Although the list is not all inclusive it is suf-

ficiently broad to permit us to examine the general requirements that

the scientific payload would impose on the spacecraft.

Each instrument type in Table I may be used for several specific

scientific investigations. Although a certain amount of commonality

exists within each type of instrument listed, the variations in each type

of instrument listed can be great. Thus a spacecraft that provides flexi-

bility to accommodate variations in scientific requirements is highly

desirable.

Certain experimental _uvestigations can be performed without

special instrumentation on the spacecraft. Nevertheless, these e_peri-

ments could also impose constraints on the spacecraft through trajector _,

_i and accuracy requirements. Those experiments on celestial mechanics

using the ground tracking data fall into this class. These experiments

would benefit greatly by adding a ranging capability to the spacecraft to

increase tracking accuracy.

2.2 Alternate Photo-lmaging Systems
--4

Because the design and performance of the photo-imaging system

: are closely bound to the spacecraft design, and because different photo-
f_

i:i' imaging systems vary widely both in performance and in the spacecraft

2,
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Table 1. Experiment Instrumentation List

Instrun_ent type Used in Measurement of:

Photometers Meteoroids, Jupiter aurora,
ultraviolet

Solid state detectors, Geiger Trapped and precipltating Jupiter

Miller tubes, scintillation charged particles, cosmic rays,

detectors and gamma rays

Magnetometers (fluxgate, search interplanetary and Jupiter magnetic
coil, helium) field

Radio frequency receivers Radio propagation properties,
emissions from Jupiter magneto-
sphere radio sources

Mic..ophone detectors, Dust, micrometeoroids
puncture detectors

Spectrometers Ultraviolet, infrared

Bolometers, thermocouples Infrared

Electron multipli., s Low energy charged particles,
ultraviolet

Electrostatic analyzers Plash_a, solar wind

Retarding potential analyzers Plasma, solar wind

Electric field detectors (antenna, Electric fields

amplifiers, filters )

Visual imaging
(vidicon, photomultipliers)

resources required, it is appropriate to introduce at this point a summary

of television experiments which have been c_nsidered. The seven types

discussed are tabulated in Table 2.; they at,; discussed in detail in

Section F.

Spin-Scan Camera. A fixed spin-scan camera, similar to thc _:anta

Barbara Research Corporation Suomi Cloud Camera, used in the Appli,-a-

lions 'lechnology Satellite program, provides th_ least complex imaging

system. However, if the same configuration were used as i_ the ATS pro-

gram, itw_uld only be possible to ol_tainimagery of the planet during a
¢

time period from 20 to 10 hours prior to encounter and from 4 to 2 hours
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Table Z. Summary of Photo-Imaging Systems

A_x_|lary _.quip r.ent France Exposure

C_z_era T_pe Cone Angle Recor'Jer ._o. of Picture, Tinge per _ el_ht Power Cornrzlentl
Mirror per b4,1ston_ 714 t._ne Scan (Ib) (_,)

_pl_ s_aL 7 !. 7 hr 7 7 Picture dlstortlon due to
planet rotat ion

Spin _tan _ _ I..- r.r I0 I0 Picture dxstortlon du_ to
plan_ t r ota*. ion

SF.C . Id_c._:. 7 0. 3 ms __ S 7 Ins_fflc_ent n_anoer of
plctures

$EC v:d,_on x 95 0.3 ms I 1 10 Selected system

$EC vldlcon x _ It_0 0.3 ms Z l Z0 Excess, power and we3ght

Vxdicon wlth despun mlrror x x 160 0. ;' sec Z! 20 Excels power and we_ht

*I. 54 x 106 bitslpzcture

AssumtXlons: (I) 108 blt recorder capacity

{2) Z_ blt/sec telemetry rate for TV experlrnent

:_ (3) 170 hr obs@rvation tune from 100Rj to 5R$

prior to encounter._ With the spacecraft spin rate of 5 rpm, I.7 hours of

time is required to obtain a 512-1ine image of the planet. In addition,

. during these two time periods, itwould only be possible to obtain two

_ complete images of the planet. The number of pictures per mission, as

defined in Table 2, assumes that I.54 × bits of video data comprise
I06

a picture. Using this definition the 7 frames of information obtained

would each contain on/y a portion of the image of the entire planet.

A significant disadvantage of this system is that the rotation of the planet

during the scanning interval wiU result in severe distortion of the imagery

obtained.

Spin-Scan Camera with Cone An_le Mirror. By addition of a cone

angle mirror, continuous scanning of the planet could be accomplished

during the approach phase of about 170 hours, from 100Rj to closest

approach. Using the previous definition of i. 54 x 106 bits of video data

*It is assumed, for purposes of comparing photo-imaging systems, that l e
the encounter targeting is that of Trajectory No. 1, Section C. A/so,

for fixed pointing cameras, a cone angle of 150 degrees is assumed O

for the earth-spacecraft-optical axis angle. I'
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per frame, 95 frames of information could be obtained. Again, however,

this system configuration has the disadvantage of distortion of the

image,y obtained due to rotation of the planet during the period required

_o scan the planet.

SEC Vidicon. Using a SEC vidicon camera in a fixed configuration,

the distortion due to planet rotation is absent, as the high sensitivity per-

mits an entire frame to be exposed in a single shutter operation of less

than I millisecond. However, imagery again could be obtained only

during the two time periods from 20 to I0 hours prior to encounter, and

from 4 to 2 hours prior to encounter. Using the vidicon target to store

the electronic charge induced by exposure to planetary luminance, and

with '.. ? hours ._quired to transmit this video data at a rate of 256 bits/

sec, !. 7 hours is required to read out the SEC vidicon target prior to a

second expo6ure. Therefore, in this configuration, only 7 frames of

imagery could be obtained during the two time periods.

SEC Vidicon with Cone Angle Mirror. The addition of a cone angle .:

mirror will permit the SEC vidicon camera to obtain continuous imagery

( over the 170 hours prior to encounter, resulting in 95 frames of imagery.

For this additional capability only 3 pounds of weight and 3 watts of

power must be added, in comparison to the simple spin-scan camera

configuration, as used in the ATS program. This is the prezerred photo-

imaging syctem configuration, for the spacecraft system chosen in this

study.

SEC Vidicon Camera with Cone An[_le Mirror and Tape Recorder.

By the addition of a tape recorder, at a cost of an additional 10 pounds

of weight and 10 watts of power, an additional 65 frames (total of 160

frames) of imagery can be stored and transmitted, based upon a tape

recorder capacity of 108 data bits. However, the total weight of the sub-

system, including the recorder, would be 2l pounds and 2 ! watts of

power would be required. In view of the limited weight and power avai/-

able for scientific experiments, this requirement is considered to be

1 excessive.

Vidic0n with Despun Mirror. The use of a vidicon camera with a

_ _ despun mirror to minimize smear o2 the image due to spacecraft rotation ,
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aud a tape recorder offers the same capability as the system previously

described, rlowever, again, the weight and power requirements are

considered to be eYcessive.

3. REQUIREMEI'_TS OF SCIENCE PAYLOAD ON THE SPACECRAFT

Tables 3 and 4 give a representative science payload and list typical

individual experiment requirements on the various parameters affecting

the spacecraft design. Many of the values shown were obtained from a

consensus of the experimenters present at the Pioneer Jupiter meeting

at NASA/Ames in August 1968. While this payload is employed in the

detailed definition of the selected spacecraft and its subsystems

(Section D), it is not intended to imply a selection of specific scientific

instruments. The experiments of Table 2 and other options discussed

in this report are intended to outline and represent the envelope of

requirements imposed on the spacecraft.

3. i WeiBht and Volume

The total weight of the science payload excluding TV will be at

least 50 pounds. Sufficient volume should be available to accommodate

the instruments both in the main body and on appendages. The available

volume should be sufficiently ample to permit experiment "growth, "

easy access to instruments and the accurate aligrunent of sensor axes.

Table 5 shows the typical weight and volume requirements for a repre-

sentative payload.

3.2 Power

Assuming that the spacecraft carries 10 experiments, the total

power dissipated by the experiments wiU be about 15 watts. Table 5

shows typical average power requirements of the scientific instruments.

3.3 View Direction, Look Ansles and Scannin B

The view direction, look angles and scanning requirements for

typical experiments are shown in Table 4.

It will not be generally possible to satisfy the look direction re-

quirement throughout the mission without individual experiment gimbal- •

ling. However, certain alleviating factors do exist. For example,

0 ,
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Table 3. Requirements of Jupiter Pioneer
Representative Science Payload

Size Bzt Rate ._,4,ea t ur enuent s
Experlrr_ent (zn.) Wesght Power No o _ _nt_r-

(lbj (w) Cruise Spe¢ialEvent CoT_,rnands planetary J_plter A_terold

Pl&sma 7 7 0 9 5 4.0 10 150 _ x x x

Cosr_._c dust _ _ b 5.0 0.5 3 b0 3 x x x
(n- lcrorn_t eor old)

Cosrnl¢ ray _ 7 5 5 0 L 0 ]0 40 4 x
(charged particles )

Radio propagation 5 5 5 5.0 Z. 0 10 50 3 x × x

Magneton_eter _ 6 6 7.5 2.5 3 5 x x x

Electric field 3 3 4 1.5 0.5 3 s_unples ! x x x
every ft an_e

X-ray 8 6 U 3. Z 0.5 t0 10 5 x

Ultraviolet 8 6 6 3.0 i. 0 i sample l x
every fro_me

Ir, trared 6 6 6 3. 0 I. 0 I sample I x
every lrarne

R&dlo astron_y 5 5 5 4.0 t. 3 80 160 8 x X x

2
46.7 t5.3

Table 4. Requirements of Jupiter Pioneer
Representative Science Payload

Heat Temperature

F-acper Irnen_ Vlewinli Aperture HaLf Cone Dissipation {OF_uPoslt Ion Openinli View Anlile (w) L

Plasma Top - throujh Z x l/Z in. 1oll 8 Z0 des at 4.0 -ZZ 104
antenna Direction norm s] center ¢_

tO radius detection

Cosmic ray 1) Normal to. Z-Z m. diameter t) 30 des 2.0 -13 t67

(charged particles) Z) 30 de 8 to Z) 30 deg
spin use

Micrc_neteoroid Look toward 3 in. diameter 90 de s 0.5 -20 tO0
(cosmic dust) Jupiter (bottom)

Radio propaj_tson Z 0 -Z0 100

M&snet °crier er Z, S -Z0 140

4 in. diln_ater x 4 in. sensor on boom - Z0 tt fr_ center o/ spacecr_t
< 0. I ¥ at CenSor

rSectric field 0.5 -ZZ i2Z

X-ray Bottom look 5 in. diameter 45 des 0.5 - iZ0 IS0
toward J_piter

Ultrnvi_at Looks toward _oZ t.. diameter $ dee; i. 0 -30 30
Jupiter (bottom)

Infr_ed L.ooho toward Z-4 in. diameter Z0 de 8 t. 0 -Z0 tOO
Jupiter (bottom)

Rad/o _strmsm_y I. 3 -_0 tOO
meon_ cross
,Ups1,

(-
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those experiments requiring look toward Jupiter (ultraviolet, infrared,

pla,ietary x-rays and imaging) need not view the planet during the inter-

planetary cruise. Similarly, solar viewing experiments (plasma probe),

need not be accurately aligned toward the sun early in the mission when

the sun-spacecraft-earth angle is larger than about 20 degrees. Thus

for all practical purposes a sun-oriented experiment can be earth

oriented.

Angular information both in the ecliptic plane and in a plane per-

pend_cular to the ecliptic is required to satisfy the scientific objectives

for many experiments, particularly those concerning charged particles.

The capab'ility should be provided so that these experiments could be

mounted to use the spacecraft spin to provide the scan in one of the planes.

The use of multiple detectors internal to tne instrument can provide the

angular information required in the other plane, or a despun-respun

_ package to permit a scan in the second plane can be implemented. The

:_ advantage of the despun-respun package is that it permits a 360-degree

scan in the ecliptic plane. The following experiments would benefit to
r

some extent by such a scan:

• Solar cosmic ray experiment: the scan perrr, 3 one
to make an accurate determination of solar cosmic
ray trajectories and anisotropies in the plane of the
ecliptic.

• Plasma probe: the scan permits an accurate evalua-
tion of TII and T1 with good angular resolution in the
ecliptic plane. Allows aiso a determination of 'fup-
stream" flow of plasma.

• Micrometeoroids: the scan simplifies determination
of impact velocities lying in ecliptic plane.

All these benefits are related to the interplanetary experiments.

The advantages for the experiments above are not overwhelming.
f

At large distances from the sun it is anticipated that the temperatures

and the thermal anisotropies should be small (see Appendix ! ). H this

happens it will probably be extremely diHicult to realize the advantage

of the scan for the plasma experiment (i. e., to measure the anisotropies). ¢

For the solar cosmic ray experiment information concerning distant

0 ,
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cosmic ray anisotropies can generally be obtained by scanning perpen-

dicular to the spin axis since at many AU the spiral angle becomes

large (see Appendix i), This has the further advantage of observing

any asymmetry associated with magnetic fields pointing out of the

ecliptic, In the case of micrometeoroids it is difficult to see how the

good angular resolutlon afforded by the scan can be utilized, It is

obvious that these devices have to accept particles over large solid

angles to achieve any statisticaUy meaningful information, The interest

of the .scientific community for participation in the Jupiter Pioneer in-

vestigations is great and it is anticipated that a large variety of experi-.

ments wiU be proposed, The additional weight and power required to

implercent the scan would be at the expense of additional scientific ex-

periments, The mechanization of the scan will also pose the following

problems :

t • Will the accuracy inherent in the scan mechanization
i be sufficient to achieve the small angular resolutions
" (i. e., 2 to 3 degrees) required by the science ?

• Will interference (electromagnetic, magnetic, acoustic,etc) produced by the scan mechanism detrimentally
affect noise sensitive scientific instruments (i.e.,

magnetometers, search coil, electric fields, micro-

meteoroids, plasma detectors, radio astronomy, and
propagation, etc. )?

• Can the reliability of the mechanism be made suf-
ficiently great to insure that the phase and spin does

not change or stop? A failure of this mechanism can i
make the scientific results of up to three important

experiments invalid.

• To what extent can the sensors be removed from the

experiments on the spin-despin package ? Can a
sufficient number of slip rings be provided to carry
all the needed functions to the sensors ? Depending
on how the experiments are physically divided, as

many as 90 wires may be needed from the main body
to the despun package. Some of these wires may have
to carry voltages of about ! to Z kilovolts. On the
other hand, it may be required to carry low level
signals from the package to the main body. Can the
slip rings be made sufficiently quiet ? Will signals
introduced by the cabling from the package interfere •
with other experiments and vice versa ?

(

35 <

..... I II --

1969010484-064



(In the first part of this study, spacecraft configurations were

examined with different spin axis orientations in cruise: toward the

earth, and perpendicular to the ecliptic. While the latter provides a

scan in the plane of the ecliptic, the mechanization of _ ntennas and

solar array panels which are directive toward the earth (close enough

to the sun) imposes a great enough penalty in terms of weight, power,

and mechanical complexity, that the approach with the spin axis pointed

toward the earth was selected.

Similarly, several mechanizations of a despun-respun package

were examined. One employs flex cables and slip rings for signal and

power transmission, and another flex cables only. At the mid-term

review of the study, the values and penalties of these mechanizations

were evaluated, and it was decided to proceed with the spacecraft design

which did not implement any such ecliptic-plane scan.

Details are given in Section F. )

3.4 Data Requirements

3.4. I Formats )

It is articipat-d that largest requirements for scientific data from

the spacecraft will occur during the few days just before encounter and

during the encounter. This is demonstrated in Table 3 under the column

marked "Measurements. " We note that most experiments make mea-

surement_ in the vicinity of the planet. There are several reasons for

this. There are some instruments which are purely planetary in nature

and probably would not be gathering much data during the interplanetarN

cruise. However, most if not all of the interplanetary instruments

also obtain information all the way to encounter. In fact, some of the

instruments might require an increase in bit rate during this period in

order to observe temporal, spatial and angular variations associated

with the Jupiter magnetosheath and magnetosphere. Furthermore, St

is during the same period that the additional requirements of the TV

imaging is added.

A science encounter format should be provided that has a sufficiently r

large number of words so that ilexibi]ity is provided for word assignments.
I
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This would permit a large number of words to be assigned to those experi-

ments needing higher bit rates at the e: pense of the lower bit rate experi-

ments and still F:":nit these experiments to have main frame words. It

would be advantaj._.ous to the scientific experiments if a science encounter/

television format b_ provided during the time the TV images are being

transmitted. This format would have the same number of words for

science experiments plus the additional words needed for television,

When TV data transmission is not taking place the science encounte='

format would be used. In this manner the scientific experiments would

be given continuous telemetry access even though the sample rate would

be somewhat reduced during TV data transmission,

During the interplanetary cruise a scientific format placing empha-

sis on interplanetary experiments should be provided. Special formats

may also be desirable for those experiments which normally require

low data rates but on occasion require high data rates not necessarily

associated with encounter. In particular, the radio propagation experi- ii

ments and micrometeoroid experiments could fall in this category. For

_ example, a special format could be provided for radio occultation. This
would be used during solar and Jupiter occultation of the radio signal

transmitted from earth, The occultation format would be used in con-

unction with the digital storage unit when the DTU is operating in the

telemetry store mode, Furthermore_ it is expected that a special format

emphasizing asteroid belt experiments during asteroid belt passage

would, at the same time, permit a large percentage of the interplanetary

science data rate capability to be maintained.

3.4.2 A-to-D Converter

The output of many of the experiments that will be on the Jupiter

Pioneer will be an analog signal and will require analogoto-digital con-

version or other signal processing prior to insertion in the main frame.

Experiments of this type include the ultraviolet, infrared, radio

astronomy, electric and magnetic fields; however, the form of appro-

priate signal processing depends on the specific implementation of the

experiment. •

('- ,
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The addition of an A-to-D converter, buffer storage, and shift

registers to all of these experiments which require A-to-D conversion

was not provided by the spacecraft. (Seven to nine-bit conversion should

be adequate in most cases.) This capability was not provided on the

interplanetary Pioneers. In that case, however, experiments requiring

.A..to-D conversion were few and sampled at a sufficiently low rate so

that it was adequate to have this capability in the science and engineering

subcommutator; (six-bit) only. Many of the remaining experiments

obtained data which depended critically on the spin aspect. This neces-

sitated buffering internal to the scientific instrument and thus no advan-

tage would have been gained by spacecraft A-to-D conversion into the

main frame.

It is clear that this tradeoff between additional spacecraft complexity

and experiment complexity cannot be made without a detailed definition of

the actual scientific payload.

3.4.3 Word Length

The most efficient use of the telemetry is obtained when all bits in

a frame are usefully employed to transmit data. Hence one should attempt )

to match the word length in the data handling subsystem to the length of

the word put out by the scientific instruments. This is clearly not possible

because of the variety of word lengths employed by the scientific instru-

ments. On Pioneer 7 the experimenter words varied in length from I

to I0 bits. Thus the shortest word length allows the most efficient use

of the format. On the other hand, since each word requires a gate in

the data handling subsystem the shorter word length leads to added com-

plexity in this subsystem. Furthermore, for high data rate analog

experiments, the best word length is equal to the A-to-D conversion bit

accuracy or a submultiple thereof. For example, il this type of experi-

ment has a ?-bit A-to-D converter or if the spacecraft provides ?-bit

A-to-D conversion for the experiments, then a 3-bit word length would

be convenient.

3.4.4 Spacecraft Clock or Frame C0unter

¢
It will be very important that the time at which the scienti/ic data

was taken is known. The accuracy to which this time is needed will

38 ¢
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clearly depend on the particular scientific experiment and circumstances.

In many instances, however, time intervals as short as a second are

significant. A frame counter such as that on the present Pioneer permit_

the time to be added at the ground station. Considering the downlink

time near encounter and also the fact that a storage system may be em-

ployed, the ground operation may be sufficiently comI:licated so that

errors in the time identification of each frame could be significant. One

way to alleviate this problem would be to have a spacecraft clock read

into each main frame. Recycling in periods of about a week should be

adequate for identification purposes. If the clock resolution is not

sufficient to resolve the time between frames at the highest bit rate a

frame counter removing the ambiguity between frames would still be

necessary.

3.5 Command and Si6nals to Experiments

; The Jupiter Pioneer mission will carry the scientific instruments

through drastically different environmental regimes. This will neces-

,_ sitate that the instruments operate over large dynamic ranges of the

_ parameters being measured. It is anticipated that in most cases one

scientific instrument, with perhaps multiple sensors, would be expected

to cover the range in any one discipline, i.e., it is possible that the

high energy charged particle instrument would be used to study the low

fluxes and high energies associated witk galactic cosmic rays as well

as the large fluxes and moderate energies in the trapped Jupiter ra_.ia-

tion belts. Hence it is reasonable to assume that the e)perirnents will

be relatively complex. Commands will be required to ,:hangs ranges

and modes, to initiate calibrations as well as to turn or_ and off the

experiments. For a 50-pound, |0-experiment payload about 50 com-

mands will be needed for the scientific experiments.

Furthermore, many of the experiments will have different modes

of operation under the various spacecra/t operating modes. If the bit

rate, telemetry format, or telemetry mode be changed it will undoubtedly

be necessary that an indication that the appropriate spacecraft command

was received be forwarded to some of the scientific instruments so that t

- the mode changes _an be performed.

39
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Roll indexing, i.e., identification of the direction of a radial

vector in the plane normal to the spin axis is n,.'cessary, since it is

anticipated that several of the experiments would require a pulse each

spacecraft revolution to identify the direction of this vector. Experi-

ments of this type are frequently designed to operate at a fixed spin

rate. If the spin rate were to be changed to a second preselected spin

rate, this would probably complicate the experiment design. In any

event it would be necessary to supply to the scientific instrument a

pulse or level change to show that the spin rate is being changed so that

the corresponding experiment change could be made.

Other signals from the spacecraft required by the scientific instru-

ments are:

• A main frame pulse, identifying the start of each
main frame

• A scientific subfrarne pulse identifying the start of
each scientific subframe

• An engil,eering subframe pulse, identifying the start
of each engineering subframe

• A bit shift pulse to shift daltal bits from the experi-
ment shift register to the telemetry subsystem

• A pulse occurring at the word rate

• A word gate indicating the time period the experi-
ment digital bit train is being read out to telemetry

3.6 Appendages

Antennas will be required for electric field and radio frequency type

experiments. Booms should be provided for those instruments which

must be remote from the spacecraft to minimize spacecraft interference

and also in special cases where large view angles or view directions are

required which cannot be obtained on the main body. The magnetometer

boom requirements are discussed in more detail in Section 3.7.

The booms and antennas should be mounted so as to minimize the

interference they produce to main body experiment view angles. It is

not possible to define quantitatively the amount of view angle interference ¢

that can be tolerated without _.oneidering in detail the specific scientific
I
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investigation being performed. In general, however, it is safe to assume

that the view angles shown in Table 4 are inviolate.

Radio astronomy experiments will probably be concerned with fre-

quencies less than 30 MH_. As a result one might expect antennas about

30 to 60 feet in length to be employed. If these _ntennas do not terminate

in the main body of the spacecraft, it will probably be necessary to

mount some electronic equipment for impedance matching at the base _f

the antenna. It should be adequate to deploy these antennas after all

orientation maLeuvers are completed, but if the scientific investigator

wishes to perform antenna impedance calibrations in the matnetosphere

earlier deployment may be necessary. Here two choices exist: make

one antenna as rigid enough so they do not interfere with open-loop pre-

cession and AV maneuvers; or make them retractable during such

maneuvers.

The radio propagation experiment will require receiving antennas

for L-, S-band and 423 MHz oriented toward earth for a 3- to _-db

antenna gain. It should be adequate to use the spacecraft communications

antenna with multiple feeds for this purpose.

3.7 Magnetic Cleanliness

The magnetic field at 5 AU could often be less than 0. Z gamma.

If NASA decides _.hat the magnetometer experimenter should be able to

measure even these very small fields accurately, it will be necessary

to locate the magnetometer _ensor in a region where the spacecraft

magnetic fields are less than 0. ! gamma. It is anticipated that it will

be desired by the magnetic field experimenter to determine the direction

of the field with accuracies of about ! degree.

Assuming that the same degree of magnetic cleanliness is obtained

on this spacecraft as on the earlier Pioneers, we have estimated that

placing the magnetometer sensor 16 feet from the center of the space-

craft should be sufficient to permit the magnetic requirement to be met.

In this estimate we assumed that the accomplished Pioneer fields were

0.5 gamma at 6 feet and that with the same degree of cleanliness the ¢

field at the same distance would be three times larger due to the in- l

( creased spacecraft mass and size. To accomplish a 16-foot separation f
i

4i
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the sensor could be placed on a rigid 6-foot boom off the end of a solar

array.

There are, however, some complicating factors which will make

the accomplishment of the same degree of cleanliness as the earlier

Pioneers more difficult. The removal of the effect of the large magnetic

field used in the focus, alignment and deflection of the television system

will probably necessitate active magnetic compensation as well as mag-

netic shielding. Active magnetic cm.apevsation consists of the use of

current loops to compensate the undesirable fields. It is also anticipated

that magnetic shielding may be required on the spacecraft to reduce the

effects of Jovian magnetic field on the various subsystems. Neither

magnetic shielding or active magnetic compensation was necessary on

the interplanetary Pioneers.

The alternative to rigid magnetic control of the spacecraft would

be to increase the separation of the sensor from the spacecraft. The

requirement for boom rigidity appears to make this unfeasible. Without

magnetic control the fields at the magnetometer could easily be an order

of magnitude higher necessitating more than twice as large a separation

distance.

3.8 Thermal Control

Typical temperature operating ranges for the scientific instruments

are shown in Table 4. In most cases the limiting temperatures are

determined by the electronic circuitry. In those cases where instruments

must be put on a boom it may be necessary to provide heaters. In the

case of the magnetometer sensor this would pose a serious magnetic

interference problem. However, flux-gate sensors have operated suc-

cessfully in temperatures as low as -200°F, and certainly as high as

140OF. Hence there is no reason to believe that the -20°F shown in

the table applies to the sensor alone. There might be additional com-

plexity in the experiment calibration as we]/ as in the design of sensor

flipping mechanisms if the sensor is operated over a temperature range

of say -200°F to 140°F; however, the alternative of heaters that produce

very small fluxes (e. g,, 0.0i gamma) at the magnetometer sensor is not _ •

very easily implemented. 0 i
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C. MISSION ANALYSIS

I. GROUND RULES

The ground rules and trajectory constraints applicable to the

selection of optimum 1972, 1973, and 1974 earth-Jupiter launch periods

are summarized below.

• The launch will be conducted from the Kennedy Space
Center, Florida.

• A launch period of Z0 days is required.

• Variable arrival date launch periods are to be com-
pared with fixed arrival date launch periods.

• Injection energy (C3) is to be minimized.

• Declination of the geocentric escape asymptote (DLA)
must be greater than or equal to -33.5 degrees.

• In order to avoid solar noise during Jupiter encounter,
no arrival dates are permitted within ± I ! days of
earth-Jupiter conjunction. This prohibits the following
band of arrival dates:

1974 I February - 23 February

1975 I0 March - 1 April

1976 16 April - 8 May

Actually, in most cases, it is possible to avoid con-
junction by considerably more than this _-1 l-day pro-
hibition. This is desirable as it permits better
astronomical observatior.q of Jupiter from the earth
at the time the spacecraft is passing the planet.

• In order to assure proper solar illumination during
the Jupiter approach phase of the flyby missions, the
angle between the Jupiter-sun vector and the incoming
planetocentric asymptote (ZAP) must be greater than
or equal to 90 degrees.

• ZAL, the angle between the outgoing as;mptote of
the spacecraft and the sun-earth vector, has been

restricted to angles less than or equal to I00 degrees
in order to limit the time, early in the mission, when

the spacecraft must not point at the earth if it is to
generate adequate solar power. _ ¢

m

eC 3 i8 twice the geocentric energy per unit mass, or the square of the

outgoing hyperbolic excess velocity, v I '
44
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The ZAP and ZAL constraints are treated as "soft '_ constraints

and are given a much lower priority ranking than the other trajectory

constraints. In delineating the optimum Z0-day launch periods, however,

no significant penalties developed in including these constraints.

The DLA constraint is based on the latitude of the launch site,

launch azimuth restrictions, a daily launch window duration, and the

capability of the Centaur stage of the launch vehicle to coast in parking

orbit. It is shown that declinations of the launch asymptote in the

range

- 33.5 deg __ DLA __ - 12 deg

may be obtained for these conditi _ s:

• Launch site latitude = +28.3 deg

• Launch azimuth limits = 71 to 108 deg

• Daily launch window duration = i hr, minimum

• Duration of parking orbit coast = Z to 25 min

C._ That conclusion was based on an injection energy C 3 = 83 kmZ/sec 2 and

an assumed powered flight angle of 30 degrees. For the present mission,

C3's in the range 84 to 95 km2/sec 2 are considered, and the powered

dight angle is estimated at 35 degrees. The resttlt, using the above

constraints, is essentially the same:

- 33.5 deg __DLA __ -I0 deg

It is also shown** that the -i2-deg limit of DLA is not a constraining

factor in 1972, 1973, or 1974.

The launch azimuth limits of 7i to I08 degrees are identical to the

preliminary _election {1965) for the Voyager Mission to Mars, 197i.

Justification for _heir use for Jupiter Missions in 1972-1974 has been

given.

* "Advanced Planetary Probe Final Technical Report, "Volume 2,
pp. Z9 to 33, TRW Systems Document 4547-6004=R0000, Z7 July
1966.

_o_, Vol_e 2, p. 53, and Volum_e 3, pp. 9! to 105.

***Ibid, Volume Z, pp. 34 to 35.
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2. LAUNCH PERIOD DEFINITION

The characteristics of earth-Jupiter transfers for the 1972, 1973,

and 1974 launch opportunities are illustrated in Figures i, 2, and 3.

The contours indicate injection energy, C 3, in krn2/sec z. Superimposed

on these trajectory maps are the optimum fixed arrival date and variable

arrival date 20-daylaunch periods. These launch periods have been

selected so as to minimize the maximum injection energy, C3), required

during the launch period while stillsatisfying the constraints previously

tabulated.

! (DAYS)
i

MAY 18, 1975 _ I/A//t/Vk"YX/ L....=_L_

FEB_,197__ IL_r// -_-_- -_/_

OCt30, 1974.... ,_,_v: "f j ,I_IF [\_

JUL22,1974; '...._

APR13, 1974 ..i 4

;;; 1, ,oo
"W'_(ABLE

* | I | _,b._.r-.',.'-.,'_mB_ll'j,,"/AARRIVALDATE]..,._. ,.,L1J_._.tu_V_Ir4vJ_;.,J

JUNI7, 1973 _ __ "--" _ ARRIVAL DATE1 _"

3 13 23 4 14 24 13 23

FEBRUARY MARCH APRI L

LAUNCH DATE 1972

Figure I. 1972 Earth-Jupiter Trajectories, Optimum 20-Day ¢
Launch Periods Are Shown for Fixed Arrival Date f-_
and for Variable Arrival Date _
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FLIGHT
TIME
(DAYS)

, JULY 5, 1977 ..._ _.__/lfiO0

,_V //A..,oo

IZD0

MAY $1, 1976 100///', ._'/ ! L,",:,_z

-°°°L ""

APRIL 27, ]975 700

/1/ / I
JA.'7,,975 [ I [7/-/-'_'Jl,_ AT_IfB'BmI--I'-I-'--I 'Do

• [ __"" V _ VAR,A,LEI I
I\.,._" ' ," -, 1.__ /I / t IARR!VALDATE I I

I J _, I _ .k%.._ T"_t ^^...._'_l I I l l i I t I _eO ^

OCT9. ,974 JI_'_L_ _ ,..i/ l/ I __--4---P---_7 "ul

12 17 22 27 I 6 II 16 21 26 I 6 II 16 21 26

MARCH APRI k MAY

LAUNCH DATE 1973

Figure Z. 1973 Earth-Jupiter Trajectories, Optimum ZO-Day
Launch Periods Are Shown for Fixed Arrival Date
and for Variable Arrival Date

Note that DLA (-33.5 deg) represents a boundary for aLLLaunch

periods; ZAP (90 deg) bounds only the 197Z/variable-arrival date launch

period; and ZAL (100 deg) bounds all fixed-arrival date launch periods.

In the latter case, it is possible to reduce the maximum injection energy

requirements for the 197Z and 1973 opportunities by beginning the

fixed-arrival date launch periods earlier, thereby exceeding the 100-

degree value. However, the magnitude of such a reduction is lesll than ' •

Z kmZ/sec z.
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Figure 3. i974 Eartb-3upiter Trajectories, Optimum 20-Day
Launch Periods Are Shown for Fixed Arrival Date
and for VariabLe Arrival Date

A tabular summary of the pertinent trajectory data is given in

Table 5 for the optimum _ixed and variable arrival date launch periods f

identified in Figures I through 3. 0
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3. SAMPLE EARTH-JUPITER TRAJECTORIES

The trajectory characteristics of representative earth-Jupiter

transfers are summarized in Table 6 for each launch opportunity under

consideration. These sample trajectories have been selected from the

optimum launch periods identified in the previous section. With the ex-

ception of VHp and ZAE, all the quantities tabulated therein have been

defined in previous sections or are self-descriptive. VHp is the hyper-

bolic excess velocity or app_ oach velocity at Jupiter encoun_.er. ZAE is

the angle between the approach asymptote at Jupiter and the Jupiter-earth

direction.

Table 6. Characteristics of Sample 1972, 1973,
and 1974 Earth-Jupiter Trajectories

i972 1973 1974

Launch date Mar. 4, 1972 Apt. 9, _973 May20, 1974

Cy kmZ/sec Z 85 93 84

Arrival date Dec. I, 1973 Oct. 25, 19 4 Jun. 18, 1976

Flight time, days 637 564 760

DLA, deg -29.3 -31.4 -29.2

VHp, krnlsec 8.82 i0.14 6.46

ZAP, deg 139 146 115

ZAE, deg 148 153 107

ZAL, deg 85 86 81

Jupiter-earth distance 5.47 4.33 5.7.4
at encounter, AU

Inclination of space- i. 77 2.21 3.70
craft orbit plane to
ecliptic, deg

, mS I I _ --, n

4. TRAJECTORY CHARACTERISTICS

4.1 Near-Earth Traject0.ry Characteristics

The near-earth characteristics of the sample 1972 trajectory are

displayed in Figure 4. This ground trace, developed for a northeast _ •

launch azimuth of 82 degrees, approaches its maximum declination of

0 ,
5O <
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-29.3 degrees within two hours after injectiJn onto the escape hyperbola.

Rise-set histories of four ground stations are tabulated for the first

24-hours after injection.

Because the earth eclipse characteristics of the departing tra-

jectory and the injection attitude of the spacecraft have a significant

influence on the spacecraft design and operation, it is appropriate to

determine them for both extremes of the launch period. Figure 5 illus-

trates these characteristics for the first and 12.st launch days of the 197Z

opportunity.

The figure simplifies the geometry by rotating the plane of the

departing hyperbolic trajectory about the Voo vector (indicated by the

ZAL angle) until it contains the sun line. Thus it shows the trajectory

passing through the fullest part of the earth's cylindrical shadow. This

is conservative, as it maximizes both the eclipse duration and the angle

of the spin axis from the sun line in the injection attitude. Note that

the traject( z'ies correspond to launches at the beginning of the daily

launch windows. This also maximizes the time from liftoff until

emergence from eclipse. _-

EARLY LAUNCH DATE LATELAUNCH DATE

2/_p2 3/17/72
TO _JN TO SUN

2_

,.)_1o CONEANGLEOF U_,
SMNAXISININJECnON

,_e"_ATTITUOE

TIME IMIN} EVENT TIME (MIN)

0 i UFTOFF 0
9 4 2 BEGIN COAST 9.4

10.4 3 EN1ER ECUPSE 17.6
24.7 4 INITIATE SECOND FIRING 24.7
27.4 $ INJECTION 27.4
35.7 6 EMERGEFROMECUP2 42.5

lAUNCH AT BEGINNING OF DAILY WINDOW i

(
Figure 5. Injection Attitudes and Earth Eclipses O I
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4. Z Interplanetary Trajectory Characteristics

Figure 6 gives an ecliptic projection of the interplanetary portion

of the ,,ample 197Z trajectory. This figure shows the relative positions

of eurth, _ _acecraft, and Jupiter throughout this phase of the mission.

The ecliptic edge view illustrates the out-of-ecliptic motion of the space-

craft' s interplanetary trajectory.

Figure 6. 1972 Sample Earth-Jupiter Trajectory, Interplanetary
Portion, Ecliptic Edge and Projection Views of the
Sample 197Z Trajectory Show Relative Position o£ Earth, ' ¢
Spacecraft, and Jupiter

I
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Figures 7 throug_ I0 display the following heliocentric orientation

angles and distances as a function of time from earth departure for the

sample 1972 trajectory:

i) Sun-spacecraft-earth angle

ii) Earth- spacecraft-Jupiter angle

iii) Sun-earth-spacecraft angle

iv) Heliocentric longitude of projection of earth-
spacecraft line on plane of ecliptic

v) Spacecraft-earth distance

vi) Spacecraft-sun distance

vii) Spacecraft-Jupiter distance

Figures tl through 14 give corresponding characteristics of the

sample 1973 trajectory, and Figures 15 through 18 are for the 1974

, sample trajectory.

The heliocentric angles and the spacecraft-earth distance oscillate

with a cyclic character. This cyclic characteristic is attributed to the

:" revolution of the earth around the sun, which is rapid, compared with the

spacecraft; hence, the period of these oscillations coincides approximately

with either one-half or one complete revolution of the earth.

The sun-spacecraft-earth angle (Figure 7)* has a high initialspike

and then oscillates with a continuously decreasing amplitude. The angle

goes to approximately 0 degrees every time an earth-sun-spacecraft or

sun-earth-spacecraft alignment occurs. The envelope of the maxima

remains small due to the relatively smaU size of earth's orbit and does

not change very much at great distances from the earth.

The angle which offers the maximum time rate of change throughout

the entire trip is the sun-earth-spacecraft angle, shown in Figure 8.

Utilization of this angle should yield the greatest degree of accuracy in

spacecraft position. For earth-sun-spacecraft or sun-earth-spacecraft

¢
1| m ....

*Figures are cited for the 1972 trajectory. The remarks apply also to C_
the corresponding figures for 1973 and 1974 trajectories. __I
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alignments, the sun-earth-spacecraft angle oscillates between approxi-

mately 0 and 180 degrees. Exact 0- and 180-degree angles are not

attainable because the earth, sun, and spacecraft are not precisely co-

linear due to the relative inclinations of the heliocentric orbit planes.

As will be seen in the discussion of the spacecraft-earth distance graphs,

-_0 degrees corresponds to an earth-sun-spacecraft alignment and _ i80

degrees corresponds to sun-earth-spacecraft alignment.

The projection of the heliocentric longitude of the earth-spacecraft

line on the plane of the ecliptic is shown in Figure 9. The cyclic nature

of this graph reflects the periodic motion of the earth around the sun as

mentioned previously.

The spacecraft-earth distance relationship (Figure 10) is a sinu-

soidal curve. The cyclic nature of this curve corresponds approximately

to the revolution of the earth around the sun, or one revolution of the

earth for each cycle of the curve. At the peak of each cycle the distance

is the greatest, corresponding to an earth-sun-spacecraft alignment;

i.e., the sun-earth-spacecraft angle is---0 degrees. At the trough,

where the distance reaches a minimum, the alignment is sun-earth-

spacecraft; i.e., the sun-earth-spacecraft angle is close to 180 degrees.

Anticipating that the spin-stabilized spacecraft design is based on

an earth-pointing spin axis during the cruise phase to favor communica-

tions performance, and solar panels deployed in a plane perpendicular

to the spin axis, the time history of the sun-spacecraft-earth angle,

e.g., Figure 7, indicates a possible conflict for several weeks following

launch. Table 5 and Figure 5 show that the initialvalue of this angle

(actually I or Z days after launch, thus avoiding the rapid variations

associated with the geocentric hyperbolic trajectory) may range from

69 to 98 degrees.

When the spacecraft is near ! AU from the sun, the generation of

adequate solar power requires pointing the spin axis no farther than

about 75 degrees from the sun. (Cosine-law interception would permitt

: an 86-degree angle; 75 degrees is employed to give a comfortable margin

for less-than-cosine-law absorption and possible shadowing. ) Thus, for *

d the earlier launch dates, the spacecraft must assume an interim attitude,
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non-earth-pointing, for a period up to possibly Z0 days, except for brief

times when the battery supports the operation. These times include

from injection until first attaining the interim orientation, and the diver-

sion from it for the first midcourse correction.

Figure 19 illustrates a typical spin axis pointing program for such

a spacecraft (solid line), with sun-spacecraft-earth angles (dashed lines)

also shown versus time. (Note the nonlinear time scale. ) The figure

indicates an interim attitude with the spin axis a nominal 70 degrees from

the sun line. It shows maneuvers to this attitude from the injection atti-

tude, from it to the attitude for the first midcourse correction, and to it

from th,, midcourse attitude. It also shows when (It days after launch,

in this case) the earth-pointing attitude may be assumed as the cruise

attitude.

4.3 Approach Targeting and Encounter Tra)ectory. Characteristics

The sample 1972 trajectory has been used to illustrate the options

on sun eclipse, earth occultation and closest approach radius at Jupiter

which are available during the Jupiter encounter phase of the flyby

missions. The boundary between eclipsed and noneclipsed planetocentric

hyperbolic trajectories at Jupiter encounter is shown :,1 Figure 20 together

with contours of various eclipse durations. Earth occultation boundaries

are superimposed on this figure to show the region wherein an earth

occultation experiment may be performed without experiencing a sun

eclipse. A spherical Jupiter and cylindrical shadow were assumed in

generating these boundaries.

The coordinates R and T in this figure are from the orthogonal

set of unit vectors _, _, 'r', defined as follows:

is parallel to the _.ncoming planetocentric asymptote

is perpendicular to _ and parallel to the ecliptic plane

_ = _ ×'r, and has a positive southerly component

_', the impact parameter, lies in the R-T plane; it originates at the planet

"_ center and terminates on the incoming asymptote, to which it is perpen-

dicular. Thus, the vector _', or any point on the R-T plane, indicates a

targeting in terms of what the trajectory would be in coordinates relative

68 <
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SAMPLE 1972 TYPEI TRAJECTORY

L_UNCI_: MARCH 4, 1972
ARRIVAL: DECEMBERI, 1973
FLIGHT TIME. 637 DAYS

VHp = 8.82 KM/SEC PERIAPSISDISTANCE FROMJUPITER'SCENTER IN
JUPITERRADII

EARTH IZE OF JUPITERSIZE PROJECTED
ON R-T PLANE NO

T

..... . J ]/'\
/ '.HOUR ECLIPSE

1-1,/2 HOUR ECLIPSE

1-1/2 HOUR 1 HOUR ECLIPSE

1 HOUR ECLI NO ECLIPSE NO EARTH I/2 HOUR ECLIPSE
OCC ULTATION

SCALE
I I

i R 106 KILOMETERS

Figure 20. Sun Eclipse and Earth Occultation Boundaries

to the planet, if the planet were massless. The effect of gravitational

focusing of the incoming trajectories is indicated by the circular contours
of radius of closest approach (periapsis radius).

The post-encounter, heliocentric trajectory is defined by the de-

parture velocity from Jupiter, which, in turn, is a function of the en-

counter targeting. This relation is shown in Figure 21, with vectors

representing velocity space. For a given earth-Jupiter trajectozy, the

asymptotic appraoch velocity, _oo in' is fixed. The asymptotic depar-

ture velocity, _oo out' has the same magnitude, but its direction depends

on e and _. e is the angular coordinate of _', measured clockwise from

the T axis. The angle _ is the angle of deflection of the V vectorOO

caused by JupiterWs gravity, and is an inverse function of the magnitude B.

The gravitational influence of Jupiter is so great, that the possible direc-

tions of _ out cover almost the entire sphere.

The post-encounter trajectory characteristics implicit in Figure 21 q

are transformed onto the R-T plane in Figure 22, which repeats the

O,

I I
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Vsc o, Op = ORIGIN OF PLANETO -CENTRICVELOCITY SPACE

out
Oh = ORIGIN OF HELIOCENTRIC

VELOCITY SPACE

g = INCOMING ASYMPTOTE
TARGETING ANGLE

= ANGLE THROUGH WHICH
PLANETOCENTRIC VELOCITY
IS DEFLECTED

TO SUN

( Figure Zl. Swingby Geometry

eclipse and occultation boundaries of Figure 20. The circ!es indicating

periapsis radius are again shown. Circles indicating three aspects of

the post-encounter, heliocentric trajectory are shown:

• The boundary between hyperbolic and elliptic tra-
jectories. Within the circle, the spacecraft is on
a solar escape trajectory; outside of it, an elliptical
trajectory which eventually repeats.

• The boundary between trajectories which depart
from Jupiter with an initial heliocentric radial
velocity co2nponent which is + (outward) or
- (inward).

• Contours of equal inclination to the plane of Jupiter's
orbit. For the sample earth-Jupiter trajectory
illustrated, 41 degrees is the maximum possible
inclination.

Figure ZZ also indicates three sample target points, chosen to illustrate
i

in greater detail the range of properties available in the encounter and •

_, post-encounter trajectories. I
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The encounter trajectories associated with these target points are

shc,_vn in detail in Figures 23 to 27, each of which is in the plane of the

pl,,netoc_.ntric orbit:

Figure 23 Trajectory No. I Witlain I00 Rj

Figure 24 Trajectory No. i Within I0 Rj

Figure 25 Trajectory No. 2 Within I00 Rj

Figure 26 Trajectory No. Z Within Z0 Rj

Figure 27 Trajectory No. Within 100 Rj

4.4 Post-Encounter Trajectory Characteristics

Figure 28 shows the heliocentric trajectories of the post-encounter

phases corresponding to the three target points. {It has been assumed

that Jupiter's gravitational influence is that of a spherically symmetric

body. While the planet's oblateness could cause slight deviations from

the indicated results, even greater errors would be induced by close

passage to one of the four major Jovian satellites. Such perturbations

depend on the exact timing of the encounter, as well as on the near-

Jupiter path of the spacecraft. )

Trajectory 1 carries the spacecraft beyond Jupiter on a solar

escape trajectory. However, because the departure from Jupiter is

initially slightly inward, the spacecraft remains within 6 AU of the sun

for over a year after encounter. Trajectory Z brings the spacecraft

back in almost to I AU from the sun, in a secdnd 640-day period,

on a trajectory which is almost a symmetric image of the earth-Jupiter

portion. However, a close passage with the earth is avoided, as the

earth is almost 180 degrees around the sun from the spacecraft at the

time. Trajectory 3 has the greatest inclination to the ecliptic plane,

39.5 degrees; it takes 4 years after encounter to drift back to perihelion

(2.9Z AU) and the plane of the ecliptic. Its maximum distance out of

the ecliptic is 2.4_ AU, about Z. 4 years after encounter.

Table 7 summarizes the encounter and pose-encounter character-

istics of the three trajectories.
A
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Figure Z7. Encounter Geometry Trajectory No. 3, Within 100 Rj
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5. LAUNCH VEHICLE

This section presents data describing the interface of the primary

launch vehicle, the Atlas SLV-3C/Centaur/TE-364-3, and the spacecraft.

The data are taken from the work statement of the study. (Injection accu-

racy of the launch vehicle was evaluated by TRW, and is given in

Section 7. ) Except where indicated under vehicle performance, the

alternate launch vehicle (Atlas SLV-3X/Centaur/TE-364-3) has the

same interface characteristics.

5. 1 Launch Vehicle Description

The SLV-3C first stage is a member of the Atlas family of launch

vehicles which has been designed for use with the Centaur upper stage.

The SLV-3X first stage will be an uprated version of the SLV-3C. Per-

formance improvement will be obtained by increasing the tank volume

and by improving the booster engine thrust.

The Centaur second stage is the dual-burn configuration. The

coast period capability of this configuration is limited to a maximum of

25 minutes.

The TE-364-3 third stage is a spin stabilized spherical solid pro-

pellant motor. The motor case is 37 inches in diameter and contains

1440 pounds of propellant.

5. Z Payload Fairin$

The basic payload fairing is the Centaur fairing developed for the

Centaur Program. The allowable payload envelope within this fairing

is shown in Figure Z9, with E = 0. This basic fairing weighs 2032 pounds.

The cylindrical portion of the basic fairing can be extended at least

12 feet, also shown in Figure 29. Fairing weight, will increase by

5 pounds for each inch extension of the cylindrical section. Location

and length of two current cylindrical spacecraft adapters, 18 and 37

inches in diameter, are shown.

5.3 Vehicle Performance
t

The performance capabilities of the SLV-3C/Centaur / TE-364- 3

and the SLV-3X/Centaur/TE-364-3, each using the basic payload fairing,

13-
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E= EXTENSION OF
SHROUD CYLIN-
DRICAL SECTION.
E MAY BEFROM
0 TO AT LEAST
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I
I
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_

47 IN. D: IN. D
ADAPTER
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_ v,
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¢

Figure zg. Payload Envelope Within Fairing '
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are shown in Figure 30. These performance capabilities are reduced

one pound for each eight inches extension of the cylindrical section.

90-DEGREELAUNCHAZIMUTH
PAYLOADFAIRING= 2032LBDUA.-B_RNCENTAURTE-36.-3PROPEL.ANTLOAO,NG: ,.0L_PAY.OAOWE,GHT,_CLUD_SWE,GHTOFS_ACECRAFT-TO-TH,RD-_TAO_AOAPTER

600 1 '\ I' ,, . ,

1 _\,

•1- _ -- _ --___

_o \
,,, ,__. 4oo ___

o_ SL¢-3C/CENTAUR/TE-364-3

47 48 49 50 51 52 53 54

INERTIALVELOCITYAT 100N MI, Vc, (103FEET/SEC)

L, 1 I I I
i 90 100 110 120 130

GEOCENTRICINJECTIONENERGY,C3, (K/VVSEC)2

Figure 30. Launch Vehicle Performance Capability

5.4 Launch Vehicle Environment

5.4. ! Thermal Environment

On stand, the prelaunch environment is controllable between 60

and 110°F, and can be maintained within ±5°F. During the boost phase,

the maximum temperature of the payload fairing inner surface is shown

in Figure 31.

The action time of the third stage TE-364-3 motor is nominally

43 seconds during which time the external temperature of the spherical

motor case will not exceed IS0°F. The combustion temperature of the

TE-364-3 solid propellant will be taken as 6000°F. Subsequent to the

third stage burnout the temperature at the forward end of the TE-364-3
spherical motor case will reach a maximum of 900°F in no less than

40 seconds nor longer than 60 seconds. _{-_

8O
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Figure 31. Payload Fairing Internal Temperature

5.4.2 Limit Load Factors

--( The limit load factors (g's) experienced by the payload during

powered-flight are as follows:

Flight Condition Longitudinal Lateral _

Launch + 1,8 ±(1.0 + A) :
i

Mach I to maximum + 2.3 ± (I.0+ A) |
dynamic pressure

Maximum booster + (5.9 + B) :I:B
acceleration

Centaur thrust + (0.9 + A) ± (0.50 + B)

Centaur cutoff - 0.8 + A) ± (0.50 + B)

11000
TE-364-3 ignition i1576 �payloadweight (Ib) 0

II000

TE-364-3 burn Jut 120 + payl()adweight (Ib) 0

Payload weight is considered to be the weight of the spacecraft plus the ¢

weight of the spacecraft-to-TE-364-3 adapter. The values of the vibra-

( tory components A and B of the limit load factors are given in Figure 32.

<
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PAYLOAD WEIGHT INCLUDESWEIGHTOF
SPACECRAFT-TO-TE-364-3ADAPTER

500
400 / COM

 o0F1
200L__

0.3 0.4 0.5 0.6 0.7 0.8

VIBRATORYCOMPONENT OF LIMIT LOAD FACTOR(g)

Figure 32. Vibratory Componen:,_ _f L_it Load Factors

The longitudinal and associated lateral load factor_ " :_ _o be considered

as a set of load factors simultaneously applied to the center of gravity

of the spacecraft.

5.4.3 Vibration Environment
t

, The spacecraft will be designed to withstand an environment con-

sisting of both sinusoidal and random vibrations. Steady-state vibrations

are represented by the random vibration spectrum, and transient vibra-

tions are represented by the sinusoidal portion of the environment. For

equivalent test conditions, the random vibration is applied continuously

while the sinusoidal vibration is swept through the frequency range.

a) Sinusoidal Portion. The vibration environment for the

sinusoidal portion of the combined random-sine test,
applicable along each of three mutually perpendicular
axes and with a frequency sweep of 2 minutes per octave,

is given below:

Frequency Acceleration

., (Hz) (_',s)(rms)

5 to 50 I. I

50 to Z000 0.9

Random Portion. The vibration environment for the _r_b)

random portion of the combined random-sine test is
I

given below:

8z [
..... _oJJ_L.J _.!,k....... .: . _, ,, :!t_"",'-'"--'-, i..... .-'_ ,_ " '-
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Frequency Acceleration

IHz) (_'s) (rms)

2.0to 100 0.001 at 20 Hz with roll-off of 6 db

per octave from I00 to gO Hz

100 to 1000 0.025

1000 to 2000 0.025 at 1000 Hz with roll-off of 12 db

per octave from 1000to 2000 Hz.

5.4.4 Acoustic Environment

The maximum acoustical noise levels to be experienced by the

spacecraft are presented in Figure 33. Spacecraft components shall be

capable of functioning to the indicated values within an overall sound

pressure environment of 141 db.

140 j
IN NOSE OF PAYLOAD

/FAIRING AT LAUNCH

U \ NEAR PAYLOAD INTERFACE

0 Z _," D_JRING TRANSON ,CS( _z_>13o
go
-_ _ ,, ---- -_
Z .. 125 _--
<=u

INTERFA

O_ 12o
O=-.

i15 ! f
53 106 212 425 850 1700 3400 6800 i

OCTAVE BAND CENTERS(Hz) i

Figure 33. Acoustic Environment

5.4.5 Shock Environment

The most significant shocks occur during Centaur insulation panel

jettison when a linear shaped charge cuts the structural joints of the ex-

ternal panels. The shock response spectrum at the payload separation i' •

latches (separation plane) due to insulation panel jettison is shown in I

Figure 34. tI I
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Figare 34. Shock Response Spectrum

6. WEIGHT CAPABILITY, 1972, 1973, 1974
EAR TH- J UPI TER TR AJEC T ORIES

Payload weights have been determined for each of the optimum

20-day launch period_, previously identified. These weights have been

determined by the maximum injection energy, C 3, associated with each

optimum launch period and the $LV-3C/Centaur/TE-364-3 performance

capability (Figure 30). Table 8 summarizes the maximum C3 _nd

maximum payload which may be achieved with both fixed and variable

arrival date Z0-day launch periods in the 1972, 1973, and 1974 launch i
' opportunities.

Based on this table, the spacecraft gross weight of 510 pounds was

selected for this study. It is assumed that the variable-arrival-date

interpretation of the 20-day launch period is satisfactory. (Using this

interpretation, the first lg to 14 launch days can still utilize the same

arrival date. Only if the launch is delayed more than this must the later

arrival dates be used to get the ful! 20-d_.T_ period. )

0
84
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Table 8. Weight Capability for Optimum
20-Day Earth-Jupiter Launch
Periods

Launch
1972 1973 1974

Opportunity

Arrival date Fixed Variable Fixed Variable Fixed Variable
variation

Maximum injection 96 87 103.3 95 93.3 89
enetgy (_a),
km_/sec _

Maximum pay- 452- 528 397 460 473 510
load, lb

With the other ground rules as defined at the beginning of Section C,

the spacecraft gross weight of 510 pounds permits these launch periods

in the opportunities considered:

Year Launch Period, Days

1972 23

1973 7

1974 20

Examination of Figure 2 shows that the constraint, -33.5 deg _ DLA

imposes a substantial penalty in 1973. The 7-day launch period can be

raised to 20 days for a 510-pound payload, if the minimum DLA is

changed from -33.5 to -39.5 degrees. This single constraint change can

be accommodated by changing the allowable launch azimuth range from:

71 deg _;launch azimuth < 108 deg

to: 60 deg ":launch azimuth < i08 deg.

The 510-pound figure is considered "gross spacecraft weight, " as

two penalties must be subtracted:

7 Ib, launch azimuth penalty (other than 90 deg)

16 Ib, shroud extension penalty (E = IZ8 inches, at 8 in./lb) _. ¢

23 Ib, penalty 1

85 <
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This leaves 487 pounds fer the spacecraft plus adapter as ilastalledon t"_c

TE-364-3 stage.

7. INJECTION ERRORS

7. I Error Models

Two injection error models have been developed, both assuming

deviations from the nominal trajectory are caused by these phenomena

only:

• Improper impulse imparted by the third stage motor

• Improper average orientation of the third stage thrust
vector during firing

The 3a error sources assur__ed for the two error models are the

following:

Error Component Mod,_l I Model 2

Impulse magmtude I% I%

Lateral attitude error I, 6 deg I, 2 deg

Vertical attitude error I, 6 deg i. 2 deg

• Model I is based on work in 1906" using the launch vehicle of this study,

the Atlas SLV-3C/Centaur/TE-364-3; however, it is unduly conservative

for the present study, as it was based on a sequence in which the space-

craft and third stage were separated from the second stage before being

spun up. Model2 is amore realistic assessment of the errors, con-

sidering the current sequence employing a spin table for spinup before

separation. Some calculations have been made based on both models;

therefore, both are presented.

The details of calculations of these injection errors and their effects

are given in Appendix 2.

I

"Advanced Planetary Probe Final Technical Report, " Volume 2
Section 7.4. I, TRW Systems document No. 4547 6004 R0000,
27 July i966. _J ,
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7.2 In_ection Covariance Matrix
t

The injection error covariance ma,:rices are expressed in coordi-

nates ortbogonal to the departure hyperbolic trajectory at its perigee:

r (radius from the geocenter), t (along the velocity vector), n (= _'×T),

r, [, and n. For the coordinates in this sequence, the covariance matrices

of the tw_ error models are, for Model 1:

"Z 36,439 - 1,868.8 0 + 15, 4 tO. 5 - 148, 7 0

-1,868.8 i02,414. 771 0 -17-1.80 +1,652.375 0

0 0 236,439 0 0 +15,410.5

+ 15,410.5 - 1Z 1.80 0 I, 004,42 -9. 692 0

- 148.7 + 1, 65Z. 375 0 -9. 692 166. 5035 0

0 0 +15,410.5 0 0 1, C04.42

and for Model 2:

!32,996.94 -1, 051. ZO 0 +8,668.41 -83. 644 0

-1,051.20 104,408.309 0 -68.517. +1,651.861 0
(

0 0 13 :, 996.94 0 0 +8, 668.41

0

+8,668.41 -68.51Z 0 564.99 -5.45Z

-83. 644 +t,651.861 0 -5. 452 166.46_6 0

0 0 +8. 668.41 0 0 564.99

the dimensions are

moe,  ,eo1
,eters2/sec meters2/'sec _]

7.3 Transformation to Voo

One measure of the velocity increment requirements to correct

injection errors is best _een by removing the influence of proximity to

the earth from the above matrices, This is done by transforming the

"V " on the departure hyperbola. The corresponding 3 x 3 (velocity) tCO

covariance matrices are, in meters2/sec2:

87 '_

I-

i_ " ':__. _:,- - .,.,.,..:,...:........,._

V
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Model 1 Model Z

99. Z7 390.99 0 +9.. Z0 390.99 0

o 0 347.46 0 195.45

7.4 Transformation to J_lpiter

Miss ellipses at Jupiter were generated from the injection errors
I

of Model 1, for the sample trajectories defined in Section 3 for the three

launch opportunities. These ellipse _ are illustrated in Figure 35. The

more realistic Error Model Z would give lff miss ellipses at Jupiter

about 75 percent as large.

¢_ = 7.50x 105 KM
a = 31.8x 105KM B • L B • R 11

o"2 = 1.8x 105 KM (KMx 105) (KMx 105) a2 _ 2.45x 105KM

I_ _,_ 0 = 6.15 DEG
e_- 7.28 B .T B. T

-_o_-----'--[-,o 2'0 _o/_lO5) -_o ,_ _ I._ ,o5_ gl

,_,_TRaJeCTORY 1__R_JEC_ORY

= 46.3x 105KM
1 B.F,

cr2 = 1.5x 105KM (KMx 105)

0 = 8.0 DEG (x r ]0 /_1

B'T

-(:pO 60 (KMx 105)

,10

1974 TRAJECTORY

Figure 35. Miss Ellipses at Jupiter Due to Injection Errors £or
the Sample 1972, 1973, and 1974 Trajectories

8. VELOCITY INCREMENT REQUIREMENTS

8. ! Based on Injection Errors Transformed to Vco

Appendix Z shows the calculation of velocity increment required to

correc, for all components of the inject'on errors indicated in Section 7.3,

allowances for 1) the difference between "V " and the actualincluding (30 _ r
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point of correction, and 2) the requirement of a second maneuver to re-

move residual errors remaining after the first correctlon. The results

are:

Probability of Velocity Increments (m/sec)
Adequate AV Error Model i Error Model 2.

0.9 66.6 54. 1

0.99 98.5 79.6

0. 999 123.4 98.9

0. 9999 144. 1 ! 15.2

The allocation used in sizing the spacecraft propellant is 79.6 meters/see,

the 99 percent figure for Error Model 2.

8.2 Variation with the Time of the Correction

The injection error covariance matrix due to Error Model 1 has t_

been utilized to compute the velocity requirements for the first midcourse

correction as a function of time from injection for the sample 197Z t.-a-

jectory. See Figure 36. Tbe total error correction is a ICr value of the

C velocity required to cancel impact parameter errors and flight time

error due to injection errors. The critical plane correction is a 10"

value of the minimum velocity required to cancel the impact parameter

: errors due to injection errors while leaving the flight time error uncon-

. trolled. Both the total error and critical plane corrections reach a

minin,um within Z0 days after injection, and then increase steadily for

the next 80 days. The minimum 1Or velocity requirements and corres-

ponding execution times for the first midcourse maneuver are 45.5

meters/see and 7 days for the total error correction and 35.5 meters/sec

and 3 days for the critical plane correction.

Figure 37 illustrates the orientation angle time histories which

': apply to the first midcourse correction (critical plane only) for the sample !

1972 trajectory. These time histories show the relative orientations of

the spacecraft-earth line, the spacecraft-sun line, and a "preferred" AV J

direction. The "preferred" _V direction is the most probable direction
I¢

for a given AV magnitude) for AV corrections in the critical plane.
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Figure 36. Vetocity Requirements £or First Midcourse
Correction, 197Z Trajectory, tc Vatues

9o

_, _,. _ .---- SUN-SPACECRAFT-EARTHANGLE
O

v . ANGLE BETWEENPREFERRED_V DIRECTION60 f- AND SPACECRAFT-EARTHLINE
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Figure 37. Orientation Angles for First Midcourse ¢

Correction_ 1972 Trajectory
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8.3 A Late Retar_etin 8

For propuls.ve maneuvers late in the interplanetary phase of the

mission (but stillbefore entering the Jovian gravitational sphere of

influence) the propagation from maneuver velocity to AB at Jupiter is

essentially linear. This is because both the spacecraft and Jupiter move

at velocities only slightly changed by solar gravitation over periods of

I00 or 200 days. For example, trajectory deflections caused by a

spherically distributed velocity increment of i0 meters/sec executed

116 days (107 seconds) before encounter leads approximately to a cir-

cular miss envelope of 108 meters, or I00,000 krn.

As the time before encounter increases, the deviation from the

above model increases. Typically, the envelope on the R-T plane at

Jupiter becomes elliptical rather than circular, with the major axis

roughly east-west and exceeding the equivalent circle diameter, and the

minor axis north-south and less than the equivalent circle diameter.

(
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D. SELECTED SPACECRAFT DESIGN

This section contains the physical and operational description for the

selected spacecraft design, its performance characteristics, its ability to

accommodate science, and a description of the selected representative pay-

load. Included also is a discussion of environmental effects on the spacecraft.

i. DESCRIPTION

The selected configuration is shown in Figure 38. The spacecraft is

solar powered and is spin stabilized. Its spin axis lies in the ecliptic plane

and is directed toward earth. This aligns the 9-foot parabolic high-gain

antenna on the earth. The solar array consists of six panels, totaling

167 square feet, folded aft during boost. The panels unfold so that their

surface is perpendicular to the spin axis and thus are earth-pointing during

nominal cruise attitude.

The body is hexagonal in cross section with an inside diameter across

flats of 50 inches. The high-gain antenna encloses the forward part of the

body, the aft enclosure is the equipment-mounting surface. The compart-

ment varies in depth from 15.5 inches at the center to 20.5 inches at the

hexagonal corners. Thermal control louvers are mounted on the aft sur-

face. The entire compartment except for these louvers and apertures for

experiments is covered with multiple-layer aluminized mylar insulation.

The spacecraft incorporates five antenna systems, three for space-

craft operations and two for scientific experiments. The parabolic antenna

feed assembly also houses the conical horn medium-gain antenna, the

forward low-gain antenna, and the radio propagation antenna feed. A

second low-gain antenna is mounted on the aft surface of the spacecraft.

The radio astronomy antenna elements are mounted on the solar array

panels, spaced at 90-degree intervals.

The equipment compartment houses the single blow-down mono-

propellant tank. Hydrazine thrusters are used for midcourse AV thrusting

as well as for precession and spin rate control. The forward AV thruster

is in the parabolic antenna feed assembly. The other AV thruster is on the

aft surface of the spacecraft. The precession thrusters are on the edge

of the high gain dish, one pointing forward and the other aft. Spin control O I
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thrusters are located on the main body of the spacecraft. Initial despin

solid rockets are located on the edge of the high-gain reflector.

The spacecraft is attached to the third stage by means of a tape red

conical adapter.

2. OPERATION

The functional block diagram of Jupiter Pioneer is shown in

Figure J9. Spacecraft operations commence upon separation of the third

stage, which enables the sequencer in the command distribution unit. The

sequencer fires the solid despin rockets to slow the spin rate from 60 to

approximately 11 rpm. The solar array is then deployed, farther reducing

the spin to approximately 5 rpm.

The spacecraft then performs the two-step maneuver to orient the

spin axis between the earth and sun and to provide solar power and com-

munications with the earth by means of the TWT, which is enabled shortly

after liftoff. These maneuvers are similar to those on previous Pioneer

missions. Step I incorporates precession of the spin axis in the plane of

( the spin axis sunline plane. Step H maneuvers are performed by coning
of the spacecraft spin axis about the sunline.

Quantitative commands stored in shift registers initiate these

maneuvers. A pipper sun sensor provides timing signals ,hich are

processed by the control electronics unit for firing of the forward and aft

0.5-pound precession thrusters. The thrusters are fired in pulse pairs

180 degrees apart. Firing the thrusters in forward and aft pairs elimi-

nates a net AV imparted to the spacecraft and spacing the firing at

180-degree intervals reduces wobble to an acceptable level.

The initial orientation maneuver is a coarse precession thruster

mode which precesses the spin axis at a rate of 5 deg/min, compared to

the fine rate of I deg/min. Closed-loop earth tracking uses the fine

precession mode, which preces_,es the axis 0.2 degree per pulse pair.

The closed loop system uses a conical scan technique for precessing the

i spin axis. The medium-gain antenna whose 20-degree beamwidth is

i offset I0 degrees with respect to the spin axis is used for coarse earth •pointing. The high-gain antenna with an electromechanical offset feed is

_ ' used for fine _arth pointing.
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The offset feed provides an amplitude-rood,slated signal when the

spin axis is not aligned with the earth. The zero crossings of the signal

are used to fire the precession thrusters. The dead bands of the coarse

and fine modes are set by the amplitude of the filtered signal. Since the'

automatic gain control of the receivers provide a nearly constant voltage

per db, the dead zone is independent of average signal level.

The spacecraft can accept commands throuooh any of its three

antenna systems, any of its two frequency addressable receivers, and

either command decoder. Commands can be executed in real time,

routed for storage in experiment registers, or stored in the command

distribution unit. Stored execution time can vary between I and 256 sec-

onds between commands. Stored commands are enabled by real-time

discrete commands.

Downlink communication is by either driver with either TWT and

any one of the antenna systems. Additionally, for the initial liftoff phase

of the mission, driver number i is connected directly to the low-gain i

antenna system. The transmitter driver accepts either uncoded or i

convolutiorml coded, biphase modulated data from the digital telemetry i

( unit, which can vary from 16 to 2048 bits/sec. Switching for the various I

!received modes is by means of standard Pioneer low magnetic coaxial

switches.

The digital telemetry unit time multiplexes and formats science,

video and engineering data. Seven scientific formats are selectable by

ground command. The basic science mainframe is a module of 192 bits,

grouped into three-bit digital words. The basic science mainframe

contains engineering and science subframes. The engineering subframe

words are six bits and contain analog, digital, and bilevel words. The

science subframe is similar but does not contain bilevel words.

The digital telemetry unit accepts video data in analog form one

picture line at a time, converts it to digital data, stores it in the digital

data storage unit, and transmits it at the prevailing bit rate. The modes

of operation are simihr to existing Pioneer modes. The digital telemetry

unit also contains the spacecraft nmster clock and provides experiments _ t

with control signals.
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In addition to storing commands the command distribution unit also

routes con_mands, distributes primary power, provides for und6rvoltage

protection, and conditions engineering and certain science data. The

power control unit provides a regulated bus to primary loads such as the

experiments. Two converters are used for the TWT's, and another for

all other equipment.

The monopropellant, blowdown propulsion system uses 3,5-pound

thrusters for midcourse correction. The nominal _V mode of operation

is to process open loop to the desired firing direction by means of fine

Step I and Step II maneuvers and fire the AV engine. Then reverse fine

precession Step II and Step I maneuvers are performed. The entire

operation is performed with the solar array illuminated. If the failure

of a AV thruster causes the maneuver to be performed under battery

power a coarse mode Step I and Step II maneuver is used to position the

thruster. A coarse mode is used in order not to exceed battery capacity.

The experiments can view __orward through the antenna dish, aft

through the equipment mounting platform, and out the side through any of

the side panels. }

3. PROVISIONS FOR SCIENCE PAYLOAD

Science data handling requirements are fulfilled by providing multi-

pie formats and flexibility in assigning the main frame word. With seven

scientific formats available, the format for the various scientific phases

of the mission can be selected by ground command. There are three

igz-bit, three-digit word formats, one of which can be combined with

the other two. Moreover, the basic cruise format can be combined with

any of the special event formats, providing formats of 384 bits, and two

encounter formats are available, one of 384 bits devoted only to science

and the other 768 bits divided between science and video. In establishing

format content caasideration was given to bit rate and total number of

bits per frame required by experiments. For example, for the cruise

form&t a total of 25 bits on the average can be allocated to each experi-

ment. Format word allocations within the main frame is by the "patch*

plug" t_chnique, perrnittlng aalsignment of any word to any experlment, t

0 ,
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and the number of digits provided to a particular experiment is deter-

mined in three-bit groups by patch plugs. Supercommutation is possible

for those experiments requiring higher data rates, such as for encounter.

The provision for storage of digital data allows for the acquisition of data

at higher rates than can be telemetered, whenever the experimental cir-

cumstances make it desirable.

In addition, the data handling subsystem provides the following

support for the science payload:

• Master clock pulses

• Bit rate

• Word rate

• Frame rate

• Telemetry mode

• Bit rate identification

The experiments are also provided with roll reference index.

- Data rates can be varied by ground comraand from 16 to 2048 bits
per second in binary increments. At encounter science requirements

are estimated to be 500 bits/sec. This transmission rate can be accomo-
dated, provided that only sci:nce data is transmitted. If video and science

are both transmitted, however, the scientific data is limited to 256 bits/sec.

A totalof 50 GFE science commands are provided, and the totalcan

be increased i_required. In addition, commands for the scientificpay-

load can be stored in the command distributionunit.

To prevent magnetic interference with the magnetometer sensor it

has been placed on a boom at the end of the solar array, providing a 16-

foot separation from the spacecraft. Pioneer EMC technology has been

applied in the de sign of all new or modified equipment.

The structural configuration is designed to accommodate increases

in the payload volume. The aft mounting surface can accommodate smaU

increases in this volume, and larger increases can be accommodated by

mounting equipment_ on the side panels. The spacecraft also has a growth

C capability in terms of payload weight.
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The configuration permits experiment mountings such that they may

view through the antenna, through the aft surface, or through the sides,

i.e., toward the sun and earth, normal to the ecliptic, and toward the

planet, as required hy the general classes of experiments discussed in

Section B. Additionally, the spacecraft exterior is clear of structure

except for the antenna feed assembly and the solar array, permitting

experiments to have large fields of view.

The thermal requirements imposed by the general class of experi-

ments considered for this mission are fulfilled by the active thermal

control design. The design accommodates both temporal and spatial

fluctuations in power to be dissipated. The latitude in dissipated power

ranges from negligible amounts to a m_ximum heat of 0.4 watt per square

inch.

The electric power subsystem will provide enough power, with a

5 percent contingency, for total spacecraft demands along with simultan-

eous operation of the science complement and the video system.

4. REPRESENTATIVE INSTRUMENT PAYLOAD

4. I GFE Science Payload

The reqo.ireme :ts for the representative complement of experi=

ments are discussed in Section B, and summarized in Tables 9 and 10.

In addition to these requirements, those of the radio propagation antenna

are presented later in Section D. The radio astronomy cross dipole

antenna wiU take the form of a flexible wire which is weighted at the tip

and stored during launch on four reels. Each reel will deploy 30 feet of

wire. The reels will be secured near the outboard ends of the solar array

panels, as indicated in Figure 38. At deployment the holding device on

the reel wiU be released and the centrifugal force from the rotating space-

craft will deploy the antenna tip approximately 7 ft/sec. The rate of de-

ployment can be controlled by a simple electromagnetic damper co_,sisting

of a small thin aluminum disc on the reel shaft rotating dose to (but

not touching) an electromagnet.

¢
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Table 9. Size, Weight, Power and Communication

Requirements for the Representative
Science I'ayload

S_ze Bit Rate (blts/sec)

Exper unent _ Wtqght Power No. of{lb) (w) Crmse Spe c_al Conlmands
Event

_l=sn,a 7 7 _ 9. 5 4. 0 I0 150 b

C o_nnL dnst 8 8 8 5. 0 0. 5 3 b0 3
(nucrometeoroid)

Cosmic ray c_ 7 _ 5, 0 Z. 0 10 40 4
(charged partxcles)

Radio propagation 5 5 5 5.0 2.. 0 10 50 3

Magnetonltt_ r _, ¢_ _, 7 5 g. 5 _ g

I%h ctrlc l>ld 5 3 4 1.5 0,5 3 _ampl, _ 1
e_er_ frailly

X-ray 8 U rj 3.2 0.5 I0 I0 5

Ultraviolet 8 6 6 3.0 1.0 I sample 1
every frame

I_frared 6 6 6 3.0 1, 0 1 sample I

i every frame

Radio astronomy 5 5 5 4.0 1.3 80 t60 8

46.7 15, 3

(',,
!

Tab!o It. Mountil_g Requirements for the
Representative Science Payload

Viewing Aperture H&If Cone Heat Temperature

Experiment Poaltion Opening View Angle Dismipati0n (OF)
(w} L U

Plasma Top - through 2 × I/2 In. long 20 dog at 4.0 -22 104
ante,ma Direction normal center of

tO radius detection

Cosmic ray 1) Normal to, 2-a m. diameter l) 30 dog 2.0 -13 167
(charged particles) 2) 30 dog to 2) 30 deg

$pln axis

Micrometeoroid Look toward 3 m. diameter 90 dog 0.5 -20 I00
, (cosmic dust) Jupiter (bottom)

Radio propagation 2.0 -gO 100

Magnetometer 2.5 -g0 140
4 in. d2ameter x4 in. I,ensor on boom - 20 It from center of spacecra/t
< O. i ¥ at een/,or

Electric field 0.5 -g2 IX2

X-ray Bottom look 5 i*,. diameter 4S deg O. 5 -120 150

i toward Jupiter

Ultraviolet Looks toward 2-2 in. diameter '_ (leg I. 0 -30 30
Jupiter (bottom)

Infrared Looks toward 2-4 in. diameter go day 1.0 *gO tO0

Jupiter (bottom) f

Radio astronceny 1.3 -gO tO0
ant ennl ¢r0811

(+ di , <
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4.2 Photo-Imaging Subsystem

Photo imagery will be initiated at a range of I00 Jupiter radii, or

7. 14 × i06 k_na. Continuous imagery of Jupiter can be obtained over

170 hours, permitting 95 frames to be obtained. Initially, the apparent

angular subtense of the planet will be 20 milliradians, covering 40 per-

cent of the optical field of view of the camera. At a range of 40 R j, or

2.85 x I06 ks, the image will fillthe field of view and ._.resolution of

342 kn_/object line will be obtained. At the conclusion of the observation

interval, assuming a range to the planet of 5 R j, resolution of 44 km/

object line will be obtained. The resolution capability of the camera

subsystem is defined in Table Ii. Detailed analysis of the subsystem

performance is in Appendix 3.

Table 11. Resolution Capability of Television Camera

_)istance i'r orn
Range 6 Area Covered Resolution

Planet (krn x 10 ) (on a sidq) (krn/object line)
(R_) {ks x 10_

i00 7. 14 Entire planet 856(1), (3) i070(2), (3) )

40 2.85 Entire planet 342 427

25 I. 79 89.3 215 268

10 O. 714 3_.7 86 I07

5 0. 357 17.8 44 54

(l)Wlth a scene contrast ratio of 211, with a highlight brightness of 100foot-lamberts

(2)With a scene contrast ratio of 2/I. with a highlight brightness of 10 foot=lamberts

(3)Signal-to-noise ratio = 20 db (peak-to-peak signal to rrns noise)

Camera field of view = 3 x 3 degrees
Raster line density = 714 lines/frame
_urnber of gray shades = 64

The strength of the magnetic field of Jupiter has been estimated

as 0.3 gauss at 3 R j, and by extrapolation via the inverse cube law the

field at 9 Rj would be 0.01 gauss. At 3 Rj the density of the electrons

trapped within the magnetic field is estimated to be 105/cm2-sec, with ¢

an energy level of 20 Mev. Electrons wilt be trapped within the magnetic

<
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field of 0.01 gauss, but lower magnetic strengths probably could not con-

tain the high electron energies (100 _vle_;) then required.

The SEC vidicon utilizes an image section in which secondar'¢ elec-

trons are generated by acceleration of the primary photoelectrons from

the photocathode with a voltage of 7 to 8 kilovolts. Therefore, the trapped

electrons at Jupiter can have several effects upon the photo-imaging sys-

tem. Bombardment of the sFacecraft will result in x-rays and secondary

electrons. Partial absorption of the hzgh energy electrons within the

SEC vidicon will generate secondary electrons and the video signal. This

same effect will prevail using other types of image tubes, i.e., vidlcons,

in which hole-electron pairs would he generated in the photoconductive

target by electron bombardment.

As computed in Appendix 3, 2. 17 X 109 photoelectrons are gene-

rated within the SEC vidicon given the maximum brightness of Jupiter at

the subsolar point with a luminance in the order of 2t0 foot-lamberts. In

this situation the secondary electrons, comparable to this number, from

( the electron flux of Jupiter will degrade the imagery. Further investiga-
tion is required to define precisely the profile of the flux densit.y and

energy leve! of electrons at Jupiter to establish the range at which

imagery cannot be obtained.

The type of camera tube selected for this application is SEC

(secondary electron conduction) vidicon (Figure 40_. The choice is based

on a) high sensitivity, permitting a short exposure interval without the

use of image motion compensation, b) simplicity cf operation, requiring

a minimum of adjustments prior to launch, and c) electron charge storage

capability of the target, permitting a slow scan readout of the video sig-

nal to telemetry without a tape recorder.

The SEC vidicon is approximately 30 times more sensitive than

the conventional vidicon in contemporary spacecraft cameras; in corq-

parison to the image orthicon it has higher dynamic resolution, is less

complex, and is free from blooming and halation effects in the areas of
¢

, | • |

"5. W. Warwick, "Radiophysics of Jupiter, " Space Sci Revs., 6 (May ,
t967), 856.
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image highlights. The weight and power requirements of the camera

are comparable to a conventional vidicon camera and are considerably

_.ess than the requirements of an image urthicon camera.

4.2. 1 Description

The configuration of the photo-imaging subsystem is illustrated

in Figure 41, and its features are summarized in Table 12. The sub-

system consists of fixe units: SEC vidicon camera, SEC control unit,

optical system, cone angle mirror, and planet sensor.

The camera is mounted with the optical line of sight orthogonal to

the spacecraft spin axis. With a girnballed mirror, which can be pointed

over a range from 0 to 120 degrees from the spacecraft spin axis, con-

tinuous observation of the planet during the 170-hour approach phase is

possible. The cone angle mirror is pointed by ground command toward

the planet only during the short interval when exposure of the SEC vidi-

con is required. Although the exposure will require an interval of only

0. _8 millisecond per frame, the cone angle mirror will be airected

toward the planet for one minute to provide sufficient time for stabiliza-

tion of the servo system.

Since the spacecraft will be spinning at 5 rpm, the vidicon target

must be exposed at the precise interval during which the optical line of

sight scans the desired area on the planet. This will be done by means

of a planet sensor consisting of a solid-state silicon cell at the focal

plane of the optical system and mounted adjacent to the SEC vidicon

photocathode. Using a field of view with a radius of 50 milliradians

subtending an arc of 120 degrees, the planet sensor will sense the entry

of the image of the planet limb into the optical field of view. The output

signal from this sensor will enable a time delay circuit with the time

delay programmed by ground command. After the prescribed delay,

the vidicon target is exposed by electronic gating of the SEC image

section with a high voltage pulse lasting 0.28 millisecond.

The required dynamic range of the camera system has been deter-

mined as follows. During the 1972, 1973, and 1974 opportunities, the q

distances of Jupiter from the sun are 5.05, 4.95, and 5.05 AU, respec-

( tively. The geometric albe, do of Jupiter is 0.445 at a wavelength of I
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Table 12. SEC Vidicon Camera Parameters

Sensor Westinghouse WX 31189N SEC vidicon (or
equivalent )

Optical system field of view Refractive, 14 in, focal length, f/4.5, 3. 1 in.
din., 50 ×50 mrad

Scan pattern 512 TVlines, noninterlaced

Exposure interval 0. Z8 msec

Frame scan time 1 hr, 46 rain

Line scan time (active) 1.0 msec

Interval between scan lines 12. 0 sec

Video bandwidth 250 kHz

Encoding level 6 bit

Gray scale Linear, 64 shades of gray

Target brightness increment per gray shade 4 foot-lamb_.rts

Total dynamic range 0 to Z56 foot-lamberts

Data samples/line scan (active) 500

Data bits/line scan (active) 3000

Data bits/frame (video data) I. 54 x 106

Performance

Limiting resolution

(Highlight brightness = i00 foot-lamberts 0, Z3 mrad/object line-pair
Lowlight brightness = 50 foot-lamberts) with S/N = 20 db
or

(Highlight brightness = I0 foot-lamberts 0. Z? mrad/object line-pair
Lowlight brightness = 5 foot-lamberts) with S/N= Z0 db

Physical Characteristics Optic
Lamera Control Unit Cone An_le Mirror

Weight (lb) 6 2 3

Volume (in.) 4 x 6 x I0 5 x 5 X4 3.2 din. x 13

Power (watts) 7 (Included in 3
camera power (including servo)
budg et)

5550 _k. At this value the brigbtaess of the subsolar point at 4.95 AU

will be 2 i0 foot-le_nberts, assure:rag that the distribution of luminance

from the planet is Lambertian. However, since the Jovian atmosphere

exhibits limb darkening, allowance must be made for the corresponding

increase in brightness of the subso|ar point. To account for this eHect,

'_ the camera system has been configured to accommodate a maximum t
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scene highlight brightness of 7.56 footolamberts. In encoding the vi(_o

signal from the camera a linear gray scale is used, consisting of

64 levels with an incremental brightness between shades of gray of

4 foot-lamberts.

Because the optical system operates at a relatively high f-number,

itneeds only a few refracting element_. An optical system similar to

the Bausch and Lomb Super Baltar (20-inch focal length f/5.6) is pro-

posed, using a doublet objective lens with a negative doublet fie]d lens

assembly close to the image plane.

The function of the camera control unit is to accept signals from

the digital telemetry unit defining the desired mode of operation and to

generate the appropriate sequencing functions for operatior of the camera.

Other characteristics of the photo-imaging subsystem include the

following:

Raster format on SEC 0.70 x 0.70 in.

Vidicon photocathode (18 x 18 mm)

Operating Modes

Power off No voltage applied

Warmup SEC vidicon filament on

Standby SEC vidicon filament on
SEC vidicon beam off

SEC vidicon high voltage on
SEC vidicon image section high

voltage power supply energized

Expose SEC vidicon filament on
SEC vidicon beam off

SEC vidicon high voltage on
SEC vidicon image section high

voltage--pulsed by either command
of on-board planet presence sensor
or by ground command

Readout SEC vidicon filament on
SEC vidicon beam on

SEC vidicon high voltage on
SEC vidicon image section high

voltage power supply de-energized ¢

i
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Erase target SEC vidicon filament on
SEC vidicon beam on

SEC vidicon high voltage on
SEC vidicon image section high
voltage power supply de-energized

Readout Mode

Scan pattern 5i2 lines/frame, noninterlaced

Total scan time per line, i.025 msec
including flyback

Active i.0 msec

Intervalbetween con- i2.0 sec
secutive scan lines

Total frame scan time 6144 sec

Erase Mode

Scan pattern 512 lines/framc, noninterlaced

Total scan time per line, i.025 msec
including flyback

Active i.0 msec

Interval between con- i.025 msec
secutive scan lines

Total frame scan time 0.525 sec/frame •

Number of frames/erase 10
cycle

Total duration of erase 5.25 sec
cycle

PrearnplHier

Low-noise, using either cascade Nuvistor or field-effect
transistor s

Video Bandwidth 250 kI-Iz, analog bandwidth

Video Data Encoding

i Data sampling rate 500, 000 sarnples/sec

Encoding level 6-bit
Output data rate to 3 X 106 bits/sec

buffer

Command

- Warrnup mode Digital, i-bit I
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Standby mode Digital, i-bit

Expose Digital, i-bit

Readout Digital, l-bit

Erase target Digital, i-bit

Pointing mirror cone Digital, i0-bit
angle

Exposure delay Digital, S-bit

Output Signals to Data Handling
Subsystem (in readout mode)

Start of line scan Digital, i-bit

End of line scan Digital, i-bit

End of frame Digital, i-bit

Line count register output DigitalR i0-bit

Video signal Analog, 250 kHz bandwidth

Output Signals, Housekeeping Data

SEC vidicon target Digital, 4-bit
temperature

SEC vidicon heater Digital, 4-bit
current

SEC vidicon high Digital, 6-bit
voltage

SEC image section high Digital, 6-bit
voltage

Power supply temperature Digital, 4-bit

Pointing mirror cone Digital, 10-bit
cone angle

4.2.2 Operation

The commands to the photo-imaging subsystem will be in the form

of operating mode signals. The duration of these modes for a typical

mission is defined in Table 13.

Before the photo-imaging sequence is started, the command to

the camera control unit (see Figure 42) applies filament power to the

SEC vidicon for IS minute_. This is followed by the standby command,

applying high voltage to the SEC vidicon reading section, SEC vidicon ¢

high voltage power supply, and all electronic circuits within the camera

for one hour to permit thermal stabilization. ___
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Table f3. SEC Vidicon Camera Power Budget

Operating Mode Warmup Standby Expose Vidicon Readout Erase

Total duration of mode 15 min i hr i hr 167.3 hr 8 min

during mission

Item Power Requirement in Watts

Filament 1 1 1 1 1

Readout electron2cs 0 5 5 5 5

Image section high 0 1 l 0 0
voltage

Cone angle pointing 0 0 3 0 0
mechanism

Total Power I 7 I0 6 6

At 170 hours before Jupiter encounter, the expose mode is

initiated. The cone angle command is supplied to the servo system,

pointing the cone angle mirror toward Jupiter, One minute is allowed

( for pointing the mirror and stabilizing the serve system. The limb of

the planet image is sensed by the planet sensor. The sensor sends a

voltage pulse to a delay circuit, the amount of the delay having been

determined by ground command. By this means a particular area of

the planet can be brought into the optical field of view of the SEC vidicon.

The delayed pulse is then applied to the high voltage power supply which

supplies a 7 kv potential to the image section of the SEC vidicon for

0.28 millisecond, permitting electrons from the SEC vidicon photo-

cathode to be accelerated toward the SEC vidicon target.

The next mode is readout, in which the electrons accumulated on

the SEC vidicon target are scanned by the electron beam within the tube. i

The video signal is read out sequentially on a line-by-line basis using !

a noninterlaced scan pattern. The interval between each line is i

f12 seconds with an active line scan tizne of I.0 millisecond. During

this scan time, the video data is sampled at 500 kbits/sec and the ampli-

tude of the video signal is digitally encoded to a 6-bit level, resulting in ! •

3000 bits of data per line. This data, transmitted at the rate of 3 Mbits/

( sec, is stored in a buffer storage unit fro.__ which the data is telemetered _ ,

111 1

ic
_. Jill.............. ,. _ ...... _.,-z._:- --_- ..... Illll _. -:rv-:"_r,_y-":'"i_?..... :,.'?:Z"_'"--r:...... ;, ..:.,_,, .,., .,.,,:,_,,,,_yr_,,_F_d_ _

1969010484-146



z _, _;
0 O_ 0
- ZZ Z

_ ,--- _0_
-7 _. _ r_ Z_Z

-; " _ 0 _, D _ Z'- 0,,_0 ZO Z Z 00"=0

/_>_l' ] _ _ '__ T_ t

_ _/1_! ; F-]_ ' _o.._

_ 0
oo

_._ _.
___: I , o

, , o s,o,< - >---1i!u u _z_.-d ._ ,_
I_ i#l ill ill ,_,_

' TTT"T °! i - ? " _1}

-i!i_ ,.

0 ,
112 (

%

i I.

i

1969010484-147



at 256 bits/sec. After a 1Z-second interval in which all video data from

the buffer storage unit has been removed, the next line on the SEC vidi-

con target is scanned and the cycle repeated.

After the transmission of one frame the erase target mode is

initiated, during which the SEC vidicon target is completely scanned for -

10frames to erase any residual electron charge. In this mode, the

same line scan rate is used. However, continuous scanning is used,

with no time {including flyback) and a 5 t2 line raster, the time for one

complete scan of the target is 0. 525 second.

In the preliminary design of the sweep generati._x, circuits a clock

operating at a frequency of 249.97 kHz is used for the erase line rate

of 9.76 pps (1. 025 milliseconds per line) through an 8-stage counter.

During the readout mode this rate is reduced to 5 pulses per minute by

a counter which is reset to zero at the count of 11,707 by a logic net-

work. The horizontal sweep voltage is generated by a one-shot

horizontal sweep generator. The input to this generator is supplied to

a 9-stage counter, the output of which is processed by a digital-to-analog

, converter to generate the vertical sweep voltage waveform. At the count

of 512, this counter is reset to zero by a logic network, thus developing

the 512 line raster.

The servo subsystem for pointing the cone angle mirror is of

conventional configuration utilizing a digital 10-bit input command,

which is converted to analog form in a digital-to-analog converter and

compared to the demodulated output of a single-speed resolver which

measures the actual position of the cone angle mirror. The diHerence

between the signals defining the commanded position and the actual

position of the mirror drives a servo amplifier to supply power to a

brushless DC torquer on the mirror shaft. Angular rate information

is obtained for the servo amplifier by the use of a tachometer mounted

on the mirror shaft.

The planet sensor consists of a photosensitive silicon cell, pre-

amplifier, and delay circuit. The amount of delay incorporated in this

circuit will correspond to an angular rotation of the ipacecra_t of from ¢

I 50 to 420 milliradians (3 to 23 degrees). The former value permits

E ii3 <

.. .: .... _ '"' , , ....... , .......:._'_:-"__ ... _ ........................................ .

1969010484-148



centering the image of Jupiter within the optical field of view at the

initiation of the photo-h-naging sequence at a distance of 100 Rj. The

latter value permits imagery of any part of the planet, assuming the

closest approach is at a distance of 5 Rj. If a trajectory is selected

in which the distance to Jupiter at closest approach is smaller, the

range of this delay circuit must be increase" With the delay command

encoded to a 5-bit level, variation in the angle of spacecraft rotation at

which the SEC vidicon target is exposed in 0.66-degree increments

will be obtained.

4.2.3 Grouud Support Equipment

In evaluating the performance of the photo-irnasing system during

manufacturing, assembly, and test of the spacecraft certain unique items

of test equipment will be required. Conventional tests will include

electrical sequenciug, raster scan pattern distortion, spatial frequency

response, signal-to-noise ratio, light transfer characteristic, and gray

scale response.

In addition, one test is worthy of particular emphasis. The uni-

formity of the sensitivity of photoemissive photocathodes in television

pickup tubes in terms of electrical output when subjected to uniform

illumination is normally in the order of ±25 percent. In addition, the

uniformity of the electrical signal from the SEC vidicon target, in terms

of shading due to the variation in incidence angle of the electron beam in

landing on the target, may be as large as 30 percent over the entire

target area. Both of these effects will result in modulation of the image.

Therefore it is desirable to map the overall sensitivity pattern of the

SEC vidicon prior to launch, in order that the sensitivity pattern thus

obtained may be used for compensation of the video data in ground

picture reconstruction.

A summary of the functions to be performed by this equipment is

as follows:

i) Test of all electrical sequencing functions

2) Overall camera system performance test, using a square
: wave television test pattern with a spatial line density

from i00 to i000 TV lines per raster height, test patterns 0
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of several levels of target opticalcontrast to be supplied,
Test patterns will be illuminated by calibrated light
source of specified brightness and effectiveradiation
temperature. Tests to be performed will consist of:

• Measurement of geometrical distortionof raster
scan pattern

• Measurement of camera system spatialfrequency
response (modulation transfer function)at both
high and low target opticalcontrast

• Signal-to-noise ratiovs. spatialfrequency a*.
both high and low target opticalcontr_tst

• Light transfer characteristic

• Gray scale response

3) Mapping and recording of sensitivity contour of the SEC
vidicon photocathode and target to an accuracy of one
percent with a resolution of 500 × 500 TV lines.

In addition, a similar but less complex fixture is recommended for

use in prelaunch tests of the photo-imaging system. The tests to be per-

( formed with this equipment are as foUows:

i) Test of all electric ,I sequencing functions

Z) _verall camera system performance test, using a square
wave television test pattern with a spatial line density
from 100 to iO00 TV lines per raster height. Test
pattern• of several level• of target optical contrast to be
supplied. Test patterns will be illuminated Ly a c;,i-
brated light source of specified brightness and effective
radiation temperature. Tests to be performed will
consist of:

• Measurement of camera system spatial frequency
response (modulation transfer function) at both
high and low target optical contrast

• Signal-to-noise ratio vs. spatial frequency at both
high and low target optical co:.*,rast

s Light transfer characteristic

s Gray scale response

/
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5. SYSTEM CONSIDERATIONS

5. I Mass Properties

In determining the mass properties of the Jupiter Pioneer, the

following requirements were imposed:

• Equivalent launch vehicle capability not to exceed
5 i 0 pounds

• Spacecraft capable of accommodating 50 pounds of
GFE experiments

• Solar array sized to provide 79 watts of electrical
power at encounter (5.05 AU)

• Midcourse propellant based upon a AV of 80 meters/sec

• Spacecraft spin stabilized during both the injection and
cruise phase

• During the cruise phase, the mechanical axis of the
fixed high-gain antenna on the spin axis

Th._ weight of 487 pounds for the spacecraft plus adapter is based

upon the payload capability of the Atlas SLV-3C/Centaur/TE-364-3 (

launch vehicle for the specific mission minus the penalties associated

with shroud extension and launch azimuth. Based upon an estimated

weight of 30 pounds for the adapter, which includes contingency, the

aUowable gross spacecraft weight is estimated to be 457 pounds. The

weight breakdown is summarized in Table i4, and detailed in

Table i5. For the selected configuration, the gross spacecraft weight

is estimated to be 428.9 pounds, thus allowing a contingency margin of

28. i pounds. This contingency aUowance is approximately 7.9 percent

of the estimated subsystem hardware weight less experiments and

expendables and should be ample barring any major design changes.

Because of the favorable mass distribution of the spacecraft sub-

systems about the spin axis, the spacecraft is stable in the cruise mode }

as well as in the stowed condition. The inertia ratios (ratio of spin :, i
moment of inertia to average transverse inertia) are estimated to be !

i. 69 in the cruise mode and i. 19 for the spacecraft with the solar array

paddles stowed. See Figure 43.

0
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Table 14. Jupiter Pioneer Weight Summary

Item Weight
(lb)

-xpe _'iments (GFE and CFE) 61.0

Electrical Power 134. 0

Communication Electronics and Antennas 58.3

Data Handling 10.4

Command and Electrical Distribution 3 I. 0

Attitude Control Sensors and Electronics 7. i

Propulsion (Including Propellant and Pressurants) 37. 2

Thermal Control 8.9

Structure 78.0

Dynamic Balance Weight 3.0

Contingency Provision 28. I

Gross Spacecraft 457.0

Spacecraft Adapter 30.0

Shroud Extension Penalty t6.0
f

Launch AziI,mth Penalty 7.____0

Equivalent Launch Vehicle Capability 510.0

With the adapter and injection motor attached, the inertia ratio is

less than unity prior to TE-364-3 ignition and at burnout. Nonetheless

the spacecraft plus _dapter and motor will be stable over the short time

involved, since it is spinning about the axis of least inertia. The differ-

ence in the transverse inertias results from the fact that the magneto-

meter is mounted on one of the array paddles and an impact wobble damper

is mounted on the opposite paddle. The radio astronomy antenna is

assumed to be deployed symmetrically about the spin axis.

Since the mechanical axis of the fixed high-gain antenna must be on

the spin axis, a requirement of the s*atic and dynamic balancing will be to

satisfy this requirement. The symmetry of the structure and the dis-

tribution of the components about the spacecraft centerline assure that the q

magnitude of the inbalance will be small. To reduce the balance weight

( requirements, adjustments will rely principally on shHtlng the locations

it7 <
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Table 15. Detailed Subsystem Weight_

Number Weight
Item Required (lb)

Experiments 61.0

GFE Experiments 50. 0
(Representative Selection) (46.7)
Plasma 9. 5

Cosmic ray 5.0
Radio propagation 5.0
Magnetometer 7. 5
Electric field 1. 5

X- ray 3. 2
Ultraviolet 3. 0
Infrared 3.0

Radio astronomy 4. 0
iMicrometeoroid (dust) 5.0

CFE Imaging Experiment (vldicon camera) 11.0
Camera 6. 0
Camera control 2. 0

Optical _ystem 3.0

Electrical Power 134. 0

Solar array paddles (167 sq It total) 6 116.0
Battery (silver-cadmium) 1 Z.5
Shunt element assembly 1 3.0
Power control umt 1 10. 0

Equipment converter 1 2. 5

Communications Electronics and Antennas 58.3

Electronics Z0.2
Automatic rece*ve reverse 1 0.5
Receivers Z 6. 2
Transmitter drivers Z Z.7

Branch line coupler I 0. 2
Power amplifiers 2 6.7
Diplexer s 3 2. 1
Switches 9 1.

Antennas 38. 1

Low-gain antenna assembly (dual omni-coupler) 1 5.5
Medium-gain antenna assembly 1 3.3
High-gain antenna assembly 1 26.3
Cabling 3.0

;; Data Handling 10.__.__4

-', Digital telemetry unit t 5.0
'_ Data storage unit 1 3.0

Command decoder (dual) 1 2. 4

Command and Electrical Distribution _1.0

Command distribution unit 9. 0

' Cabling and connectors 22. 0

:- Attitude Control Sensors and Electronics 7.1
_

ar_:; Sun sensor 1 0. 3
'- Roll reference sun sensor i 0. 5

¢ Control electronics assembly i 6. 3

_' Propulsion 37.2

Propellant feed assembly 6. 3
"} Propellant tank assembly I 3.2J

_ Nitrogen fill and vent valve 1 O. 2 _t_
_: Hydraelne fill and drain valve l 0. 2 ..

:i_ Pressure transducer i 0.3 ,_
,£; Plumbing 1 2. 4

_: 1 18
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Toble 15. Detailed Subsystem Weights (Continued)

Namber WeightItem
Required (lb)

propulsion (Continued)

Thruster asserc.bly 4. 8
Spin speed thrusters 2 1. 2
Precession thrusters Z l. 2
MiOcourse thrusters 2 1. 2
Heaters and control 6 1. 2

Propellant and pressurant 23. 7
Prect ssion and spin control propellant ZZ. 7
AV n,idcourse propellant
Pressurant 1.0

Despin solid motor 2 2.4

Thermal C,,utrol 8.9

Insulati,.n 6. 2
Thermal _,,uvers 2. 7
Thruuter heaters and control

(il:cluded in propulsion subsystem} ---
Thermal :or.ling

(inc.lude.J in high-gain antenna estimate} ---

Structure 78. 0

Platform t 20. 5

Side panele 6 21.6

Frame a csembly 1 7. 6
Solar c.rray paddle support assembly 6 13. 0
Solar array preload support assembly 6 3.5
Separation ring l 5. 2

- Tankage, thrusters, miscellaneous supports 2. 4

Attachment hardware 2. 2
Wobble damper 1 2. 0

Dynamic Balance Weight Provision 3.0

Contingency Pl :,vision 28..=__I

GROSS SPACECRAFT 457.0

Spacecraft Adapter 30,0

Structure 17. 3

Separation hardware 6. 9
Electronics 5.8

GROSS PAYLOAD 487.0

of the equipment on the equipment platform. The effect of the asymmetric

deployment of the magnetometer is counterbalanced to nullify the products

of inertia. Thus, the estimates in Figure 43 assume the radial center of

gravity to be on the spacecraft geometric centerline and the products of

inertia to be negligible.
i

} 5. I. I Electrical Power Sub..system
¢

The solar array weight estimate includes the weight of the cell

module, substrate, miscellaneous paddle beef-up structure, dampers, ,
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and the hinge and latch mechanisms. The estimate does not include the

paddle supports or the preload supports; these are assigned to the struc-

ture subsystem.

The cell module consists of 2 x 2 cm x i0 rail thick, l0 ohm, n-on-p

silicon cells with 6-rail microsheet coverglass. The weight per unit area

of the cell module, which includes cells, coverglass, glass to cell adhesive,

cell to substrate adhesive, diodes, interconnects, and bus bar, is estimated

as 0. 252 lb/sq ft.

The selected substrate design consists of a Pioneer type composite

1.0-inch thick aluminum honeycomb core (1.6 lb/ft 3) with ?-rail fiberglass

facings, weighing 0. 299 lb/sq ft. For the basic array (i. e., cell module

and substrate), the weight is 0. 551 lb/sq ft. Thus the basic array is

estimated to weigh 92 pounds. With the addition of incremental paddle

beef-up structure, inserts, ribs, hinge assemblies, deployment and reten-

tion mechanisms, and paddle dampers, the total array is estimated to

weigh ti6 pounds with an overall weight to area ratio of 0. 695 lb/sq ft.

5. I. 2 Communications

In the communications subsystem the high-gain l_rabolic antenna is

the heaviest single item, estimated to weigh 26.3 pounds. Aside from its

primary function, this antenna also acts as the forward closure for the

equipment compartment. The center portion (i. e., that which acts as the

closure) is a composite structure, weighing 0.381 Ib/sq ft, consisting of

a t. 0-inch thick aluminum honeycomb core with 3-mil aluminum facing on

the reflector side and 10-rail aluminum facing on the compaztment side.

This portion is sized primarily for structural requirements. The outer

annvlus is also a composite structure, weighing 0. 18 lb/sq ft, consisting

of an 9.25-inch thick aluminum honeycomb core with 3-rail aluminum

facings. The reflector dish including 2. 2 pounds of thermal coating on

the reflector side is estimated to weigh 18.8 pounds. The remaining com-

ponents (feed support, forward compartment, feed and the displacement

mechanisms) are estimated to weigh 7.5 pounds.

Of the total weight of 5. 5 pounds for the two low-gain antennas plus
t

coupler, the forward low-gain on the hlgh-gain feed weighs 2. 0 pounds

t
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and the aft on the equipment platform weighs l. 0 pound. The antenna

cabling is estimated to weigh 3.0 pounds.

5. t. 3 Data Handlin 8

The total weight of 10.4 pounds for the data handling subsystem

includes built-in redundancy in all units.

5. i. 4 Electrical Distribution

The cabling and connector weight of 22 pounds includes the inter-

connections between the various equipment boxes, test connectors and

vehicle interface connectors and switches. The cable construction is of

the open wire bundle type as used on the existing Pioneer.

5. i. 5 Attitude Control

Propulsion hardware for attitude control and the propellant require-

ment of 3.7 pounds of hydrazine for precession and spin control are

included in the propulsion subsystem.

5.1.6 Propulsion

The 2i. 2 pounds of propellant include that required for attitude

control along with that te provide a _V capability of 80 meters/sec for

midcourse. Included is an allowance of 3 percent for expulsion efficiency

and 0.05 lbJyear/thruster valve for leakage. Based upon a 2 to i blow-

down, the nitrogen pressurant requirement is estimated to be i. 0 pound.

5. i. 7 Thermal Control

The thermal control subsystem is composed basically of insulation

blankets (0. 072 Ib/sq ft) and thermal louvers (0. ? Ib/sq ft. Thruster

heaters and controls (l. 2 pounds) are included in the propulsion subsystem.

5. I. 8 Structure

The equipment platform is a composite structure (i. 214 lb/sq ft)

consisting of a I. 5-inch thick aluminum honeycomb core (2. 3 Ib/sq ft 3)

filled with 2 Ib/ft 3 foam with 20-rail aluminum facings. The side panels

are also of a i. 5-inch thick composite structure (0. 913 Ib/sq ft), con-

sisting of I. 6 lb/ft 3 aluminum honeycomb core filled with 2 lb/ft 3 foam ¢

- with 8-roll oute; and 20-rail inner aluminum facings. The structure

' 122 <
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weight also includes the 32-inch diameter separation ring, equipment

mounts and supports, attachment hardware and a ring wobble damper.

5. I.9 Experiments

The total weight for the selected complement of GFE science is

estimated to be 46.7 pounds; however, an allowance of 50 pounds is used

in the weight analysis as requested by the Work Statement.

5. I.i0 Dynamic Balance Weight

Since this is a spin-stabilized spacecraft and must be dynamically

balanced, an allowance of 3.0 pounds is included; predicated on an

assumption of rigid mass properties control.

5. I.II Contingency

A contingency or growth provision is included to account for prob-

able increases in spacecraft weight as the design approaches the hardware

stage.

5. t. 12 Adapter

( The spacecraft adapter, assumed to be a new design, is estimated

to weigh 30 pounds. This includes the basic shell structure, spacecraft

separation and TE-364-3 motor attach rings, separation springs and pad

fittings, clamp/band and pyrotechnics, shell stiffening and electronics

mounting structure, and the electronics. The estimate includes a

contingency of 10 percent.

5.2 Electrical Power Requirements

Electrical power requirements for the subsystems of the Jupiter

Pioneer are presented in Table 16. Total power requirements vary

considerably over the mission, as shown in Table 17. In establishing

the power the following approach has been taken:

• Size the battery to provide the necessary electrical
energy from liftoff through solar acquisition,

; L + 54 minutes (see Table 17). Other phase_ of the
mission, such as battery-powered orientation
maneuvers and Jupiter occultation operation, are
constrained to the available capacity of the battery. ¢
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Table 16. Electrical Power Requirements

Nr, Steady State Transient
Subsystt m and Unit ol l_uwer Power Remarks

-- l;mts {watts) {watts}

a llandlln_ Subsym_ee _m

Digital telemetry unit 1 0. b ,_t +16 v
O. 6 at -it) v

I._at �5_
I. 0

at + 5 : JAdditional power required only durxn_

photo- imaging operations

Command decoder 2 0. 2 at +16 v Total power for both units on

0. 8 at + 5 v contlnuot, qly

Data storage unit l 0. 2 at +16 v Required on command for data storage

O. 2 at -16 v only
O.i at + 5v

Communications Subsystem

Receiver -_ 0. 2 at +lZ v l'otal power for both umts on

0. Z at -t2 v continuously

TWT dnd converter 2 30. 0 at +28 v One unit on, one unit off

Transmitter driver 2 O. 2 at +28 v One unit on, one unit off
t. 5 at -t6 v

Coax switches 9 6 for 20 ms Required during switching only

Antenna feed positioner 1 _6 for 30 ms During positioning only

90 for 4 ms Required once per i'lght for permanent
offset ordnance device

Attitude Control Subsystem

Control electronics assembly t I. 3 at 428 v
I. 0 at +t2 v
t. 0 at -12 v

0.5at + 5v

Electrical Distribution Subsys.tem

Command distribution tmtt i t. 0 at 4- 5 v
0. 5 at 428 v
0.8 at +t6 v Continuous additlorml power required

0.8 at 4 5 v during command processing only

- Cable losses 0. g to 0.8 Assumes i percent lost in cables

Therrr_l Control Subsystem /-

dV thruster heater g g. 0 at 428 v I Heater power is uLed only when
" I required and when excess array power
_. Spin thruster heater Z I. 0 at +Z8 v I_ is available. Power shown is the

.total for both heaters in each case

Precession thruster heater 2 I. I a: 428 v Total for both heaters. Required
continuously after acquisition

Electrical Power Sub_/stem

Power control unit i 0.9 to 5.0
at +Z8 v

Equipment converter I 20 to 3. Z v Conversion losses at 80 percent i

efficiency {

Clmrgin j power is required only !Battery l

during periods of orbit when excess
array power is available i

Propulsion Subsystem _t

Pressure transducer t 0. 2 at +Z8 v

Despin rockets 2 i00 for l0 ms Required durin 8 ignition only

AV thrusters 2 5 Required for duration of fire
command

PrecesJlcm thrusters 2 tO TotM required for both thrusters
for duration of fire command

Spin control thrusters Z l0 Total required for both thrusters
for dur&tto_ of fire coms_nd •

0
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Table lb. Electrical Power Requirements (Continued)

No Steady State Transient

Subsystem af_tl Umt ol Power Pov, er Remarks

Science

Plasma probe 1 4. 0 ,it +28 v

Costal, ray detector 1 2. II at +2H v

Radio propagatzon experlrTlcnt 1 2. 0 ,It +28 v 90 fol 4 ms Transient po_er required once per
thght for antenna release ordnance

Elet. trlt held experiment 1 0. 5 at +Z8 _ 90 for 4 ms Transient power reqmred once per

flight for antenna rel.'ase ordnance

Radzo astronom_ experiment 1 I. 3 at +28 ", q0 for 4 ms Transient power required once per
flight for antenna release ordnance

Magnetometer 1 2. 5 at +28 v

I:ltravl_)iet detector 1 1 0 at +2S v I<equlred during planetary phase

only

Inlrared detector l I. 0 at 428 v Required during plan ,ry phase

only

X-ray detector 1 O. 5 at +28 v

MicrometeoroJd experiment l 0. 5 at +28 v

Photo Irnai_ ng

SEC Vxdlcon camera 1 6. 0 at +28 v Required during planetary phase

(Average) only

Control umt i 4. 0 at +28 v Additional power requ, red for

exposure {less than I percent of

encounter period)

(

• Size the solar array to provide the necessary steady-
state electrical power for planetary encounter with
both science and video equipment in operation. The
battery is assumed to provide electrical energy for
short duration and transient power requirements.

The battery was sized for a 28 watt-hour useful capacity, which

includes a 25 percent margin. The margin conszsts of a 5 percent toler-

ance on total energy required and a 5 minute tolerance on enabling the

TWT to provide a single-turn-on time for any given launch period. The

28 watt-hour useful capacity establishes a maximum battery-powered

midcourse correction maneuver of approximately 33 minutes. Assuming

a battery degradation of 35 percent during the 637-day cruise, a fully

charged pattery and a single event depth of discharge of 80 percent, the

battery can provide power for 69 minutes of operation in Jovian occultation.

A conservative approach was taken in establishing solar array power

i requirements. It was assumed that all scientific experiments and the video ¢

( system would operate during the entire 170-hour encounter, requiring a I

I
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steady state power of 74.5 watts. Short duration and transient energy

requirements above the 74. 5 watts would be provided by the battery. The

2. ! watts required on the command distribution unit during command

. .ocessing represent 14 milliwatt-hr per command. The 10 watts for

o. i0 second per pulse pair in the precession thrusters represent a total

of 28 milliwatt-hr for the entire encounter phase.

In addition to the;_e transients, the photo-_.maging system requires

au additional 4 watt-hr during the 170-hour encounter, assuming photo-

imaging is performed during the entire encounter. Thus, the total energy

demands should be less than 6 watt-hours during the encc..mter. The

battery will be more than able to provide this energy,

Should the battery fail prior to, or during the encounter, a duty

cycle n:ode of operation between scientific experiments and the video

system would be required. The duty cycle would depend on the transient

power requirements. During the brief period of preccssion thruster

firing, estimated to be less than two minutes for the encounter phase,

10 watts of scientific experiment power would be turned off. During the

( one minute times for positioning of the photo-imaging mirror, 3 watts of

scientific power would be turned off. During periods of command proc-

essing 2. I watts of power would be turned off.

5.3 Command Requirementsn

For the Jupiter Pioneer a command , ,.pability was required which

could perform the following:

• Provide on-board time sequenced events in the
spacecraft in the period prior to acquisition by
the ground station

• Provide multi-bit quantitative commands with
real time or storage capability for precise
positioning and control

: • Initiate discrete events in the scientific payload
or the spacecraft from ground stations.

All command processing, initiation, and distribution is done within the

command distribution unit. ¢
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Three time-sequenced on-board initiated commands have been

identified as necessary for the flight operations plan. These commands

can be easily preset for selected event times referenced to spacecraft

separation from the TE-364-3. One command is required to initiate

firing of the despin rockets, another for firing of the ordnance devices to

release the solar paddles, and the third for turnh_g on the TWT and enab-

ling the initial Step I and Step II maneuvers. Each of the sequence com-

mands have ground command backup capability.

A capability to store five quantitative commands has been provided.

For each of the five commands, a capability is also provided to store the

time at which the command is to be initiated. Each of the five stored

commands can be routed by discrete commands to any of the users in the

spacecraft. Primarily, these commands are used to provide the precise

thruster firing periods during maneuvers and by the photo-imaging sub-

system for precise positioning of the cone angle mirror. The commands

are also available for any experiment requirement subsequently defined.

The capability is also provided to use the quantitative commands to initi-

ate any of the discrete commands. Ground verification that the command

stored, and its time for initiation, is provided prior to exec,:tton. The

contents of the registers are not disturbed during the telemetry sampling.

Any of the stored commands can be changed prior to execution by trans-

mit*_ing a new command from the ground.

A capability of 256 discrete commands has been provided by the

CDU. These commands can be provided in any of four types:

Type i A 28-vdc power switching (experiment power)

Type H A 5-vdc, 150-ms pulse (discrete commands
for modes)

Type LLI A 28-vdc, LS0-ms pulse (coax switch)

Type IV A rehay contact closure which remains
hatched until commanded open
(battery off)

The duration of the pulse commands was selected to prevent

inadvertent actuation of commanded equipment by electromagnetic inter-

ference or power transients. The relay contact closures are provided i;

I only for battery switching, where it is not feasible to use solid _tate

' 0 "circuitry due to the continuous high currents required, i
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The discrete commands are used to command selected equipment

on or off, select redundant equipment, change to alternate modes of

operation and to inltiate discrete events. The selection of these com-

mands was made in conjunction with the selection of the telemetry

measurements to ensure that ifanomalous behavior of the spacecraft

equipment was noted, a means to rectify itwas available.

_rhe discrete command requirements are summarized for each

subsystem in Table 18. A detailed list of the commands is presented in

Table 19. In addition to commands identified in Table t9, a spare

capability of 77 commands is available.

Table lb. Command List

Commands Required
Subsystem Type I Type II Type III Type IV

Electric Power 3

Electrical Distribution !6

Structure 1
(

Thermal Control 6

Propulsion l

Communications 5 2 _ 4

Data Handling 3Z

Attitude Control t 6

Science 20 50

Photo Imaging 2 6
TOTAL 38 tZZ ! 6 3

5.4 Engineering Telemetry Requirements

The digital telemetry unit provides a capability to telemeter

!Z8 words in its engineering format. The flexibility of formats and bit

rates allows sampling of engineering data during critical periods at

almost ,-ny rate up to a maximum o. 10 samples per second. Three

types of engineering data can be provided: analog, digital, or discrete
r

(bilevel) bits. Amy required signal conditioning of the measurement is

provided within the command distribution unit. %
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Table 19. Jupiter Pioneer Command List

Command Type Functlon
Subsystem and Unit Command Title r II III' IV

Electrlc_l Power Subsystem

Power control anlt Battery off 1 Re_ncves battery from pramary bus

Power control unit Battery charge 1 Removes battery from primary bus
and connects to charge clrcuatry

Power control umt Battery normal 1 Com.ectr battery to pramary ous

Electrical Dlst rfl_utxon
Subsystem

Command dlstr13ution unit Undervoltage protection on 1 Allows undervoltage sensor to re-
rrlovelos_s durlng low voltage

Command dlstrabutlon umt Undervoltage protectaon off I Inhabits above functzon

Command distribution umt Select real -tame 1 Routang of command message for
real-time execution of discrete
commands

Command distribution unit Select regaster No. 1 1

Command dlstributaon umt Select register No. 2 I Enables selected storage- register
Command distribution umt Select register No, 3 ! to accept quantitative anput data for

later execut ion
Command distribution unit Select register No. 4 1

Command distribution unat Select regaster No. 5 l

Command dlstrabu_.aon umt Select register No. 6 1

Command distribution unit Select reg2ater No. 7 1 Enables selected storage regaster
Command distribution umt Select regaster No. 8 1 to accept quantitative data :ndlcatmg

time for executaon of data stored in
Command dastrxbutmn umt Select regaster No. 9 1 above registers
Command distrlOutmn unit Select regaster No. 10 1

Command distribution unit Ordnance safe 1 Sets ordnance circuitry to safe con-
ditaon

Command distribution unat Ordnance arm 1 Sets ordnance carcuitry to arm con-
datlon

Command dlstrabution unit Execute stored sequence 1 Enables stored quantitative data to
be routed to user for execution

Structure Subsystem

Solar array Deploy paddles 1 Ground backup command to de I loy
solar paddies

Thermal Control Subsystem

AV thruster heater Heater on 1 Turn thruster heater on

AV thruster heater Heater off 1 Turn thruster heater off

Precession thruster heater Heater on 1 Turn thruster heater on

Precession thruster heater Heater off I Turn thruster heater off

Spm thruster heater Heater on 1 Turn thruster heater on

Span thruster heater Heater off 1 Turn thruster heater oil

Propulsion Subsystem

Despin rockets Fire despin rockets 1 Ground backup command to ignite
despin rockets

Communications Subsystem

Transmitter driver No. I Driver No. I on I Tu_r,s transmitter driver No. I c,n,
No. Z off

Transmitter driver No. 2 Driver No. 2 on l Turns transmitter driver No. g on,
No. loff

Receivers Coherent drive enabled 1 Enables coherent output from
receivers

Receivers Coherent drive disabled l Disables coherent drive from
receivers

TWT converter No. t TWT No. t 1 Turns TWT No. I on, No. 2 oH af

TWT converter No. 2 TWT No. Z I Turns TWT No. Z on, No. I off

TWT converters TWT'a off i Turns boeh TWT's o_
i
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Table 19. Jupiter Pioneer Command List (Continued)

C ommand Type F anct Ion
Subsysten_ and Un,t Command Title I IS III IV _'

Con_munlcat Ions Subsystem
(Contlnued)

Coaxlal swltch High galn - transmit i Connects high galn antenna to
selected transmitter

Coaxial switch Omnl - transmit I Connects omnl antenna to selected

transmitter

Coaxial switch Medium galn - transmit I Connects medium gain antenna to
selected transmitter

Coaxial switch Receive - normal mode ! ! Connects receiver No, 1 to omnl

antenna and receiver No. Z to high

gaJn antenna

Coaxial sw*tch Receive - normal mode Z 1 Connects receiver No. i to omnl

antenna and receiver No. Z to

med*un_ gain antenna

Coaxzal switch Rece*ve - alternate mode 1 1 Connects recezver No. Z to omnl

antenna and receiver No. I to high

galn antenna

Coaxial switch Receive - alternate mode Z 1 Connects receiver No. 2 to omn*
antenn_ and receiver No. I to

medium gain antenna

Coaxial switch Recelver reverse diseble - 1 D,sables automatic reverse of re-

execute ceive modes in case of one receiver

failure

Coaxial switch Receiver reverse disab,e - I Lock and key type comr_and to

ready enable above command

High gain antenna Feed offset ! Sets antenna feed to offset posIt*on

for spacecraft attitude reference

High gain antenna Feed normal 1 Returns antenna feed to normal

pos*txon

High gain antenna Feed offset enable I Arms ordnance circuitry to allow

permanent offset of antenna feed
High gain antenna Feed offset execute i Fires ordnance device to perma-

nently otfset antenna feed

High gain antenna Feed release | r'_res ordnance to release antenna
Sauna,, restraint device

Data Handling Subsystem

Digital telemetry unlt Real-time mode I Routes telemet*y data to trans-
mitter for real-tlme transmission

Digital telemetry unlt Telemetry store mode No. i 1 Routes telemetry data to data

storage unlt for storage an first
section of memory

Digital telemetry unit Telemetry store mode No. 2 i Routes •telemetry data to data
storage unit for storage in second
section of memory

Digital telemetry unit Telemetry store mode No. 3 l Routes telemetry uata to data
storage unit for storage m entire

memory

Digital telemetry unit Memory readout mode No. i 1 Routes 'stored telemetry data in

first section of memory to trans-
m,tter for transmission

Digital telemetry unit Memory readout mode No. 2 i Routes stored telemetry data in
second section of memory to trans-
mitter for transmission

Digital telemetry unit Memory readout mode No. 3 i Routes stored telemetry data in
both sections of memory to trans*
mitter for transmission

Digital telemetry unit Duty cycle store mode l Routes selected data frames to
data storage unit on duty cycle
basis

Digital telemetry unit CGU power on - uncoded i Turns convolutional coder module
power on

Disital telemetry unit CGU power off 1 Turns convolutional moder module
power _lf ¢

(r I
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Table 19. Jupiter Pioneer Command List (Continued)

Cummancf "__,pieV I",mc t 1onSt*bsystem and Umt Command T*tle I 1I III

Data Handling Subsystem
{Continued)

D]gltal telemetry umt CCU coded data 1 Routes telemetry data through con-
volutlonal coder

Digital telemetry _mlt 2048 bit rate 1 Selects 2048 bits/sec bit rate

Digital telemetry umt 1024 b_t rate 1 Selects 1024 bits/see bit r_.e

D.gltal telemetry umt 512 bit rate 1 Selects 512 b:ts/sec bit rate

Digital telemetry umt 256 bit rate 1 Selects 25_ bits/see b:t rate

Digital telemetry umt 128 bit rate 1 Selects lZ8 b_ts/sec bit rate

Digital telemetry umt _4 bit rate 1 Se'ects b4 bits/see bit rate

Digital telemetry umt 32 bit rate 1 Selects 32 blts/sec blt rate

D_g_tal telem_'ry umt 16 bit rate I Selects 16 blts/sec bit rate

Digital telemet y umt Format A 1 Selects crmse data format

Digital telemetry umt Format B I Selects astermd data format

Digital telemetry umt Format C 1 Selects combmed engmeermg format

D_g_tal ,_lemetry umt Format C- 1 1 Selects sclentdlc engmeermg data
format

Digital telemetry umt Format C-g 1 Se:ects electr]cal engmeermg data
f,)_'mat

Digital telemetry umt Format C-3 1 Selects commumcatlon engineering
da_a format

Digital telemetry umt Format C-4 l Selects orientation eng2neermg data
format

Digital telemetry umt Format D 1 Selects occultation format

D]gltal telemetry umt Format E 1 Selects encounter science data format

D_g_tal telemetry umt Format A B 1 Selects combined data formats A and B

Digital telemetry umt Format A D 1 Select_ combined data formats A and D

Digital telemetry umt Format E F I Selects combmed science and v_deo
formats

D_gital telemetry umt Redundancy command A 1 Selects DTU redundancy cortfigura-
t_on A

Digital telemetry umt Redundancy command B 1 Selects DTU redundancy configura-
tion B

D_g_tal telemetry umt Redundancy command C 1 Selects DTU redundancy cortfigura-
t_on C

D:gital telemetry umt Redundancy command D I Selects DTU redundancy cor_xgura-
lion D

Attitude Control Subsystem

Control electronics umt ACS power on l Turns attitude control system power on

Control electronics unit ACS power off l Turns attitude control system power off

Control electronics unit Valve driver set No. I Selects redundant valve driver set No. l
for thrusters

Control electromcs umt Valve driver set No. 2 Selects redundant valve driver set No. 2
for thrusters

Control electromes umt Spin "CW" pulse Ground command to f_re "CW" spin
thruster

Control electronics unit Spin "CCW" pulse Ground command to fire "CCW" spm
thruster

Control electronics unit Sun reference No. I Selects sun sensor source No. 1 for
attitude reference

Control electronics unit Sun reference No. _ Selects sun sensor source No. _ for
attitude reference

Control electronics unit Receiver orient on Turns on ACS mode to use modulated
receiver signal for attitude reference

Control electronics unit Step I-I orientation Loads stored quantitative data for first
Step I orientation maneuver in ACS
register d_

Control electronics unit Step II-i orientation l Loads stored quantitative data for first

Step LI orientation maneuver in ACS _k
register
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Table 19. Jupiter Pioneer Command List (Continued)

Con_mand TYP;V FunctlonSubsystem and Umt Command T,tle I Ii III

Attitude Control Subsvsteln

(Continued)

Control electronlcs unlt St_,p i-Z orleotatlon 1 Loads stored quantltatlve data for

second Step I orientation maneuver

in ACS reglster

Control electromcs unit Step lI-Z orlentatxon 1 Loads stored quantatatlve data for

second Step II orlentatlon maneuver

in ACS register

Control electronics anlt AV data 1 Loads stored quantitative daea for

AV f*r*ng m ACS register

Control electronics unit Execute stored data 1 Enables stored quantitative data to
be executed

Control electronics unit Receiver orxentatlon off 1 Turns oil ACS mode to use modu-

lated receiver s,gnal for attitude
reference

Control electronlcs Llolt Automatic orlenta_lon - l Turns on ACS mode whlch uses

AV start stored quantItatlve commands fer
orientation

Control electronics umt Automatic or,entatlon - 1 Turns off ACS mode which uses

AV stop stored quantltatlve commands for
orlentatlon

Phot o-imaging Subsystem

Video camera Camera on ! Turns power on tO video systel'n

for warmup mode

Video camera Camera off 1 Turns power off to vldeo system

Video camera Camera standby 1 Puts vldlcon system in standby
mode

Video camera Expose 1 Exposes target to photocathode
tube

Video camera Erase photo 1 Erases photo xmage from vldlcon

Video camera Set mxrror angle and time 1 Initiates stored quantitative mirror
delay angle and tLme delay data

Video camera Stores mirror angle 1 Loads stored quantitative data

mdicat*ng desired mirror angle

posatave in video storage regaster

Video camera Stores t_me delay 1 Loads stored quantltat2ve data ,$

indicating desired time delay be-

tween planet hor*zon and start of

photo sequence

Science Subsystem

Expermaengs Expergment power on 10 Turn eXperiment power on

Experiments ExperLrnent power off 10 Turn experLment power off

Experiments Expertment pulse command 50 Low level pulse commands for
experiment calibrate, mode change,

sensitiv*ty change, etc.

Command T)'pes:

I Z8 vdc power switching

I1 5 vdc, 150 msec duration pulse

Ill 28 vdc, 150 msec duration pulse

IV Relay clomure command, remains latched until commanded open

¢

' i
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The engineering measurements are selected in the following

categories.

• Data required for operational control of the spacecraft
or payload, such as spin rate output, mirror cone angle,

and ACS Step IIpulse counts.

• Data required for indication and diagnosis of degraded

or non-standard performance and isolation of mal-

functions, such as converter outputs, TWTtemperature

and battery voltage.

• Data required for determining the operational
configuration or status of the spacecraft, such as

receiver No. i signal present indication, TWT No. I

on or off, and ordnance relay safe/arm status.

• Data required for verification of ground transmitted

commands, such as storage register contents and
command execute indication.

• Data required for processing of ground recorded

telemetry data, such as DTU calibration voltages

and spacecraft bit rate.

The engineering telemetry measurements selected are summarized

in Table 20. A total of 102 telemetry words are required for the

measurements. An additional I2 words are required for synchronization

and identification, leaving a spare capacity of 14 words. A detailed list

of the measurements is presented in Table 21.

Table Z0. Engineering Telemetry Measurements Summary

Subsystem Analog Digital DiscreteWords Words Data Bits i

Electrical Power 20 f4

Structure 3 9

Propulsion 4 8 2

Electrical Distribution 2 8

Communications 18 I 17
.[

Data Handling 7 32

Attitude Control 3 3 11

Science l 0 ¢

Photo-Imaging 7 /-%
TOTAL 65 21 93 _ I- k
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Table 21. Engineering Telemetry Measurements List

Data Type
Subsystem and Umt Parameter Analog Digital Discrete

Words Words Bits

Electrical Power

Equipment converter Equipment converter temperature 1

Equipment converter +i6 vdc output _oltage level 1

Equipment converter -lO vdc output volta_,e level 1

Equipment converter +IZ vdc output voltage level 1

Equipment converter -12 _dc output voltagc level 1

Equipment converter -_5 vdc output voltage ie_el 1

Equipment converter +16 ",dc output No. 1 1

Equipment converter +16 vdc output No. 2 1

Equipment converter -16 vdc output No. 1 1

Equipment converter -16 vdc output No. Z 1

Equipment converter +12 vdc output No. I 1

Equipment converter +IZ vdc output No. Z 1

Equipment converter -lZ vdc output No. 1 1

Equipment converter -12 vdc output No. Z 1

Equipment converter +5 vdc output No 1 I

Equipment converter +5 vdc output No. Z 1

Equipment converter Converter redundancy A/B 1

Power control unit Battery on/off status 1(
Power control unit Battery charge/discharge mode 1

Power control unit Battery voltage 1

Power control unit Primary bus voltage i

Power control unit Primary bus current I

Power control unit Battery current I

Power control unit Battery current sign 1

Power control unit Solar array current !

Power control unit Battery temperature I

Solar array Paddle No. I temperature l

Solar array Paddle No. 2 temperature I

Solar array Paddle No. 3 temperature 1

Solar array Paddle No. 4 temperature I

Solar array Paddle No. 5 temperature 1

Solar array Paddle No. 6 temperature l

Shunt element assembly Temperature No. I I
No. I

Shunt element assembly Temperature No. 2 I
No. 2

Structure

Equipment panel Temperature No. I I

i Equipment panel Temperature No. 2 l

! "; (
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Table 21. Engineering Telementry Measurements List (Continued)

Data TiYPeSubsystem and Umt Parameter Analog _)igit Dlocrete
Words Words Bits

Structure (Continued /

Equipment panel Temperature No. 3 1

Solar array Paddle No. 1 hinge latched 1

Solar array Paddle No. 2_ hinge latched 1

Solar array Paddle No. 3 hinge latched 1

Solar array Paddle No. 4 hinge latched 1

Solar array Paddle No. 5 hinge latched 1

Solar array Paddle No. 6 hi.ge latched 1

Radio astronomy _ntenna Radao astronomy antenna deployed 1

Electric field antenna Electric field antenna deployed 1

Radio propagation antenna Radio propagataon antenna deployed !

,Propulsion

Propellant tank Tank pressure 1

Propellant t_nk Tank temperature 1

Spin thruster No. 1 Span thruster No. i pressure switch 1

Spin thruster No. 2 Span thruster No. 2 pressure switch 1

Precession thruster Precession thruster No. Z fire g
No. g duration

Precession thruster Precession thruster No. 3 fire g
No. 3 duration

Aft AV thruster Aft AV thruster fire duration 2

Forward AV thruster Forward AV thruster fire duration 2

Aft AV thruster Aft AV thruster temperature I2

Forward AV thruster Forward A V thruster temperature 1

Electrical D1stribution

Command distribution unit Ordnance relay status I

Command distribution unit Undervoltage level I

Command distribution unit Undervoltage control status i

i Command distribution unit Sequencer status No. I ICommand distribution unit Sequencer status No. 2 1

Command distribution unit Sequencer status No. 3 I

Separation switch Separation status I

Command distribution unit Storage register contents 2

Command distribution unit Comman,i execute indication 1

Transmitter driver No. i Driver No. I temperature !

Transmitter driver No. 2 Driver No. 2 temperature l

TWT converter No. i TWT No. i helix current I

TWT converter No. 2 TWT No. I cathode current I

TWT No, I TWT No. I temperature i _"
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Table 21. Engineering Telemetry Measurements List (Continued)

Data Type
Subsystem and Umt Parameter Analo_ ' Digital Discrete

Words Words Bits

Commumcations (Continued)

TWT converter No. 1 TWT No. 1 on/off 1

TWT converter No. 2 TWT No. Z on/off 1

TWT converter No, 2 TWT No. 2 helix current 1

TWT converter No, 2 TWT No, 2 cathode current 1

TWT No. 2 TWT No, 2 temperature 1

Receiver No. 1 Receiver No. 1 s,gnal present i

Receiver No. I Receiver No. 1 signal strength 1

Receiver No, I Receiver No. I loop stress I

Receaver No. I Becelver No. 1 temperature 1

Receiver No. 2 Rece*ver No. 2 signal present 1

Receiver No. 2 Receiver No. Z signal strength 1

Receiver No, Z Receiver No. 2 loop stress 1

Receiver No. 2 Receiver No. Z temperature 1

TWT converter No. 1 TWT converter No. I temperature 1

TWT converter No. 1 TWT converter No. I reference voltage 1

TWT converter No. 2 TWT converter No. 2 temperature 1

TWT converter No. 2 TWT converter No. 2 reference voltage 1

Receiver Receiver reverse elapsed time 1

: Receiver Receiver reverse enable status 1

Receiver Receiver reverse inhibit status 1

Receiver Coherent drive enabled/disabled 1

Coaxial switch No. 1 Driver No. l/No. 2 high gain status 1

Coaxial switch No. Z Driver No. 1 high/low gain 1

Coaxial switch No. 3 Receiver No. I low gain status 1

Coaxial switch No. 4 Receiver No. Z low gain status 1

Coaxial switch No. 5 TWT No. i/No. 2 status I

Coaxial switch No. 6 Low gain TWT/driver status 1

Coaxial switch No. 7 TWT high gain status 1

Coaxial switch No. 8 TWT medium gain/low gain status 1

Coaxial sw*tch No. 9 Receiver high/rnedium gain 1

High gain antenna Antenna feed position 1

Data Handling

Digital telemetry unit 2048 bps bit rate 1

Digital telemetry unit 1024 bps bit rate 1

Digital telemetry unit 512 bps b,t rate I

Digital telemetry unit 256 bps bit rate I i
• Digital telemetry unit 128 bps bit rate 1 !

Digital telemet_'y unit 64 bps bit rate 1

' Digital telemetry unit 32 bpI bit rate I ¢

Digital telemetry unit 16 bps bit rate !
(

i
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Table 21. Engineering Telemetry Measurements List (Continued)

Data T),De
S,_bsystem and Umt Parameter Ana'log Digital Discrete

Words Words Bits

Commumcations (Contmved)

Digital telemetry malt Format A - cruise 1

Digital telemetry unit Format B - astermd l

D_gital telemetry umt Format C - combined engineering 1

D_g_tal telemetry umt Format C1 - engineering - sclentff_c 1

D_gltal telemetry umt Format C2 - engineering - electrical !

Digatal telemetry umt Format C3 - engineering - communications 1

Digital telemetry umt Format C4 - engineering - or_entatlon 1

Dlgxtal telemetry umt Format D - occultation 1

D_g_tal telemetry umt Format E - encounter sctence 1

Digital telemetry umt Format F - video 1

D_gxtal telemetry umt Redundancy status A 1

Digital telemetry umt Redundancy status B 1

Digital tel2metry unxt Redundancy status C 1

D_g_tal telemetry umt Redundancy status D l

Digital telemetry umt Data coded/uncoded l

Digital telemetry unit CCU power on/off 1

Dagital telemetry umt Telemetry store mode No. 1 2

Digital telemetry umt Telemetry store mode No. 2 2

Digital telemetry umt Telemetry store mode No. 3 _

D_gital telemetry unit Duty cycle store mode 1

D_gatal telemetry umt Memory readout mode No. l 1

Digital telemetry unit Memory readout mode No. 2 1

Digital telemetry unit Memory readout mode No. 3

Digital telemetry umt DTU temperature 1

DlgRal telemetry umt Calibration voltage No. l l

D_gital telemetry umt Calibration voltage No. 2 l

Digital telemetry unit Calibration voltage No. 3 l

Digital telemetry unit Calibration voltage No. 4 1

Command decoder Decoder temperature l

Data storage unit DSU temperatm • l

Sun sensor No. l Sun sensor No. l temperature l

Sun sensor No. 2 _un sensor No. 2 temperature !

Control electronics unit Spin rate output l

Control electronics unit Spin rate source No. l/No. 2 l

Control electronics u,iit Step I initiated I

Control electronics unit Step I cocnplete !

Control electronics unit Step II initiated 1

Cc,ntrol electronics unit Step LI complete l
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Tabtc LI. Engineering Telemetry Measurements List (Continued)

Dxta ,Type
Subsystem and Unit Parameter Analog D_gital IA_screte

Words Words Bits

Attitude Control (Continued)

Control electronics unit Corneal scan error 1

Control electromcs unit Dlg_'.al timing status No. i

Control electronics unit Digital timing status No. 7

Control electronics umt D_gltal timing status No. 3

Control electronics unit Digital timing status No. 4

Control electromcs unit Valve driver No. i/No. 2 status

Control electronics unit CEU on/off

Control electronics umt Step I pulse counts I

Control electrol_lcs unit Step II pulse counts 1

Scienc_

Plasma probe Temperature 1

Cosmic ray detector Temperature 1

Radio propagation experi- Temperature i
lnent

Electric field experimpnt Temperature l

Radio astronomy experi- Temperature l
ment

Magnetometer Temperature !

Ultraviolet detector Temperature i
/

Infrared detector Temperature !

X-ray detector Temperature !

Mac rorneteoroid experi- Temperature i
merit

Photo-lmaging

SEC vidicon camera Target temperature l

SEC vidicon camera Heater c.rrent I

SEC vidicon camera High voltage - vidicon [

SEC vidicon camera High voltage - image _ection l

SEC vidicon camera Power supply temperature 1

Control unit Mirror cone angle Z --

J

i
i •
(

i 139 <

]9690]0484-]74



0. SUBSYSTEMS

6. 1 Structure and Mechanisms

The structure subsystem includes the basic framework and

various support and release mechanisms for the spacecraft and its

appendages. The subsystem is compatible with all natural and induced

environments which will be experienced from initial component fabri-

cation through assembly, integration and test to mission completion.

Existing technology, based on that utilized on Pioneer and oth _r space-

craft designed and built by TRW Systems, has been employed.

Established procedures were utilized in the design of the structure.

These included selecting concept-, which ensured uniform load levels for

the entire structure; providing direct load paths from major load items

to support points; selecting stiffness characteristics for such items so

as to avoid deleterious coupling with launch vehicle resonant frequencies.

Structural shapes and materials were selected to yield maximum

strength/weight and stiffness/weight ratios, consistent with limiting

costs on materials and fabrication techniques.

As shown in Figure 38A, the spacecraft body is hexagonal in cross

section with an inside dimension of 50 inches from flat to flat. The

9-foot diameter high-gain antenna dish encloses the forward part of the

spacecraft body forming an equipment compartment varying in depth

from approximately 15.5 inches at the centerline to 20.5 inches at the

hexagonal corners.

The equipment compartment structure supports the antenna at its

forward end, attaches to the adapter at its aft end, accommodates the

! major portion of other subsystem equipment and the experiment payload,

and provides for the mounting of various external components and

appendages, including the solar array paddles. Six longerons, of

channel cross section, form the vertical corner members of the equip-

ment compartment. At both the upper and lower ends of the structure,

the longerons tie into octagonal frames. Removable panels form the

sides of the equipment compartment and a fixed platform forms the ¢

base. Both panels and platform utilize a honeycomb sandwich structure

0 ,
,<140 ,

........... I II 111111I I Ill . I

1969010484-175



of 1.5-inch thickness. Facings and core are of aluminum, the core

being filled with polyurethane foam to provide micrometeorold protec-

tion. Foam filling is omitted in certain areas of the platform, where

the basic honeycon b sandwich structure serves as radiators and louver

supports for thermal control.

A tripod weldment of hollow aluminum tubular members is fastened

to each corner of the equipment compartment. At the apex of these

structures are attach points for the solar array paddles. Each attach

point accommodates the hinge pickups for two adjacent paddles, and

each incorporates provisions for locking the deployed paddles. Also

provided is the attachment of viscous fluid dampers used to absorb the

energy generated during deployment. Provisions are made at the lower

edge on all six sides of the equipment compartment for the attachment

and separation of members used to apply preload to the solar array

paddle s.

Major axial and bending load paths are applied through the longerons,

with the side panels supplying shear rigidity. Loads from the solar array

and antenna are transferred from the longerons through attachment flanges(
to the periphery of the platform; additional loading is imposed on the plat-

form from attached equipment. Total spacecraft loading is reacted through

a separation flange, which is attached to the underside of the platform by

a ring of mechanical fasteners. Brackets, designed as separate fittings

to economize machining of the separation flange, are provided to react

the load imparted by the separation system springs. Structure is provided i

within the equipment compartment to support the propulsion subsystem i

tankage and the aft thrusting midcourse correction engine. These com-

ponents form part of a modular propulsion unit.

The feed for the high-gain antenna is mounted on a tripod forward

of the 9-foot antenna dish. At the tripod are also mounted the forward

omni antenna, the forward thruster, the medium-gain antenna, and the

UHF antenna. The high-gain reflector is 18 inches in maximum depth, with

a 108-inch maximum diameter. Fiats 105 inches across are provided at

six places around the outer edge to clear the solar array paddles in

their deployed position. That portion of the reflector covering the equip-

ment compartment is fabricated from l-inch thick honeycomb sandwicht
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utilizing aluminum alloy facings and core; the remainder which extends

from the edges of the equipment compartment to the outer periphery is

fabricated of similar construction, 0.25-inch thick. The feed compart-

ment is supported by a tripod structure of hollow aluminam tubular

members. The feed compartment is secured at three of the alternate

attach points of the antenna reflector to the equipment compartment.

Nonmetallic bushings at the spacecraft body attach points thermally

isolate the antenna reflector and feed support members from the equip-

ment compartment structure. The propellant and electrical lines which

pass between the equipment compartment and the feed compartment are

routed along the tripod support tubes. Housing panels are fabricated from

foam-filled honeycomb sandwich structure to provide structural strength

and micrometeoroid protection.

Power for the spacecraft is derived from six solar array panels

deployed by centrifagal force normal to the spin axis in daisy petal

fashion. The solar arrays are hinged from structural supports near the

rim of the high-gain antenna dish and fold parallel with the faces of

the equipment panels. The six 56 × 71-1/2 panels provide t67 square

feet of solar array. The array length is constrained by the clearance

required in freeing the TE 364-3 motor-to-Centaur interstage. The

solar array structure primarily consists of six panet substrates

radially placed around the equipment compartment and located so that,

on forward and outward deployment, their upper faces lay flush with a

plane through the peripheral edge of the high-gain antenna reflector.

This minimizes sol_r array shadowing by the dish. Each paddle sub-

strate is constructed from honeycomb sandwich structure, l-inch in

thickness and composed of aluminum alloy core and fiberglass facings.

Substrates are supported at the corner extremes of their upper edges

(folded position) by stand-off hinge fittings. Hinge fittings at the corners

of two adjacent panels pick up with a common fitting supported by

tubular member structures from the equipment corn artment. Integr&1

hooks are incorporated at each panel hinge fitting to engage with latch

springs on the mating spacecraft hinge fitting to lock the paddles in the

deployed position. Included as part of each solar array panel assembly ¢

is a preload structure, consisting o¢ a tubular member incorporating a

,42
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turnbuckle device for the application of a panel preload. At the space-

craft end of each preloadmember, attachment is made to the lower

edge of the hexagonal side of the equipment compartment, Attachments

are mechanical fasteners; incorporated in the end joint is a pyrotechnic

device that initiates release o_ the panel from the spacecraft. At the

panel end of eachpreload member, a torsion spring is provided to

fold it against the underside of the panel. Energy absorption material

is provided as part of the fitting incorporating the latch spring to absorb

the energy generated during preload member stowage, One face of an

aluminum alloy bearing pad is secured to the lower end (folded position)

on one ed_.e of each panel. To the other fade of the pad is bonded a

rubbe1' _'..t_. configured to accommodate, under compressive loading,

the edge of the adjacent panel. Compressive loading is applied by

suitable torquing of the preload member at the center of each panet

substrate.

Thrusters are located on the spacecraft as follows:

Thruster Type Thruster Location

( Aft thl-uster Aft end of equipment compartment

Forward thruster Forward end of high-gain antenna
feed

Precession thrusters On solar array support structure

(see view C-C, Figure 38)

Spin thrusters On corner of equipment compart-
ment (see section A-A)

Despin motors On solar array support structure
(see view D-D)

All use hydrazine propellant except the solid-propellant despin motors.

Each hydra_ine feed line and nozzle outside of the equipment compart-

ment is insulated to prevent the freezing of the hydrazine. The thermal

balance in the equipment compartment will keep the propellant tank

above freezing. The single propellant tank is centered on the aft bulk-

head for c.g. symmetry.

Meteoro d protection for the equipment is provided by a I. 5-inch

thick foam-filled aluminum honeyc_nb on the aft bulkhead and hexagonal ¢

, sides. A /-inch thick unfilled honeycomb is used for the high-gain I
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antenna dish over the equipment. The unfilled smaller thickness can be

used at this location because of its orientation with respect to probable

meteoroid impact directions. Thermal protection is afforded by multiple

layers of aluminized Mylar and selection of finishes with proper co-

efficients of absorptance and emittance. A ring of thermallouvers on

the base of the equipment platform (3-ft 2 area) accommodates the vary-

ing equipment heat loads to be dissipated.

The attachment of the spacecraft to the TE 364-3 solid-propellant

motor offered the possibility of an i8- or 37-inch diameter cylindrical

interstage or a conical one from the i8-inch diameter TE 364-3 upper

interstage joint to a larger diameter at the aft equipment bulkhead. The

37-inch diameter cylinder appeared to be needlessly heavy. The 18-inch

diameter left a la _e cantilevered bulkhead overhang that required a

much heavier bu __.nead than one supported at a larger diameter. Ideally,

the area inside the supporting bulkhead intersection ring should equal

that outside the ring enclosed by the hexagon. This is near 0.75R for

a hexagon, where R is the radius to the hexagonal flat. A radius of

i6 in¢'hes was selected to minimize weight. Consequently, the resulting

interstage is a 29-inch cone, tapering from i8 inches in diameter at

the TE 364-3 motor to 32 inches in diameter at the spacecraft. A sepa-

ration joint is provided near the spacecraft bulkhead.

The adapter structure provides for the transfer of spacecraft

a:.ial and bending loads to the upper stage of the launch vehicle system

and for the release and separation of the spacecraft. The forward end

of the adapter mates with the separation flange portion of the equipment

compartment using a 33-inch diameter V-band clamp assembly which

serves as the spacecraft-launch vehicle separation joint. The aft end of

the adapter attaches to the TE 364-3 launch vehicle stage at a i7.5-inch

diameter bolt circle; this connection forms the field joint between the

launch vehicle and spacecraft systems. A signal from the launch vehicle

activates the clamping ring ts redundant pyrotechnic separation devices,

thereby disengaging the V-band clamping shoes. Spring-loaded lanyards

retain the released V-band clamping shoes to the adapter structure. The

separation release device is a unit already qualified and flown on the •

Vela spacecraft. O i
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Shielding on the adapter structure ensures that the released sepa-

ration system components do not strike any of the spacecraft externally-

mounted equipment. Four springs matched in pairs provide the impulse

for a relative velocity between the spacecraft and launch vehicle systems.

The adapter structure is of monocoque construction, consisting of

aluminum alloy sheet web and alur,_inum alloy flange members which

are machined from rol! ring forgings. Local web stiffeners are pro-

vided to attach electrical equipment associated with the separation

function and to react separation spring loads.

6. _- Thermal Control

The thermal control subsystem assures adequate temperature

control for all phases of the mission for the entire spacecraft, including

experiments. The thermal desigil will provide average platform tem-

peratures for internally mounted components ranging from 80°F near

earth to 40°F near Jupiter. Individual components may be either warmer

or colder than the average platform temperature, but they will generally

remain within the specified operating temperature limits of -20 to +90°F.

{
6. Z. I Subsystem Description

The basic thermal control concept is identical to that of the current

Pioneer, an insulated equipment compartment with controlled energy

rejection via an aft-mounted louver system, as illustrated in Figure 44.

An improved insulationsystem consisting of Z4 layers of aluminized

Mylar blankets prote_.tsthe spacecraft from the large insolation {

excursions and heat leaks to space. Side panel and aft surface blankets

are mounted externally;the blankets on the forward end are mounted to

the inside surlace of the parabolic antenna dish. The blankets will be

attached by conventional techniques, consisting of boltingin place for

those blankets that need not be removed and Velcro tape for removable

blankets and insulationboots. An improved Pioneer louver system

developed under contract NAS 2°4266 provides the active control.

The design requires minimization of heat leaks through structural

jointswhich penetrate insulationblankets. Heat conduction between the ¢
high-gain antenna dish and the equipment compartment is minimized by
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Figure 44. Thermal Control Design Concept

means of 0.5-inch long sections of fiberglass at structural attachment

points.

Total experiment aperture area influences the performance and

design of the thermal subsystem. The performance assumes an effective

black aperture area of 30 square inches; however, as Table 22 shows,

the design can accommodate a large deviation from the value for the

Table 22. Allowable Experiment Aperture Area

Average ALlowable Area
Platform (sq in. )

Temperature Sp_tcecraft Power" Spacecraft _°ower
, (oF) 75 Watts . 3t Watts

0 320 45

20 270 37

40 216 30*

| =1 i j =1 ii i

*Total nominal aperture area on proposed spacecraft 0
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present experilnent complement. The results in TabLe 22 take combined

heat losses of 10 watts into account, at 7upiter, in addition to insulation

and louver losses.

External components and experiments require insulation, thermal

coatings, and heaters. The propulsion, spin rate, _nd precession

thrusters and their associated fuel lines require insulation and heaters.

The thermostatically controlled heaters will be redundant with ground

commanded over-rides. The propulsion and spin rate heaters will be

turned off at encounter, to conserve electrical power, since their

function will have been completed then.

The flux gate magnetometer sensor on the end of a boom will have

a near-earth temperature of 120°F and a near-Jupiter temperature of

approximately -200°F. The temperatures are achieved by coating

approximately half of the total surface area with black paint and insu-

lating the remaining surface area, to achieve a total radiating surface

area to projected sun viewing area ratio of 2.28.

6.2.2 Performance

The performance of the thermal subsystem is measured by its

ability to maintain spacecraft temperatures within acceptable limits.

Figure 45 presents design margins in terms of total heat gains and

losses with effective insulation conductance as the critical parameter.

The items of interest are the upper and lower curves, for they repre-

sent design margins for near-earth and Jupiter operations. Near

Jupiter, where available electrical power is at a minimum, it is highly

desirable to have a low value of insulation conductance to enhance the

available design margin. The design value taken for the conductance of

the insulation system is represented by the dashed line in Figure 45. i

The curves indicate that a total heat leak into the spacecraft of approxi-

mately 37 watts may be tolerated for near-earth operation, which repre-

sents a margin of 3Z watts over present design estimates of 5 watts.

The design will also accommodate approximately 60 watts of heat leak

out of the spacecraft for near-Jupiter operations, which represents a

design margin of 45 watts. In addition, in order to maintain average

compartment temperature near 40°F a total of 31 watts is required for :
\

I
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Figure 45. Allowable Heat Gains/Losses for
Equipment Compartment

post-Jupiter o2eration since, heat leaks are estimated to be 10 watts

through insulation and louvers.

In order to determine preliminary temperature distributions a

thermal model of the spacecraft was developed for computer evaluation.

The equipment-mounting surface was section into 19 nodes as shown in

Figures 46 and 47. Table 23 identifies the nodes. Table 24 lists the

equipment power dissipation.

Figures 48 and 49 present the restflts of the computer runs for ¢

temperature distributions for near-earth and near-Jupiter operations.
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Table 23. Node Identlficatior

Node Description

1- 19 Equ'.pment platform

21-33, 36, 39 Platform insulation under nodes
1-13, 16, 19

44, 45, 47, 48 Externalface sheet under louver
nodes 14, 15, 17, 18

50-55 Honeycomb panels

56 Interiol of top insulation blanket

60-,65 Insulation external to nodes 50-55

66 Dish sensor

68 Space

70 C 1-TWT transmitter

71 CZ-TWT voltage converter
(

7Z ._3-PC U and equipment converter

73 P4-command distribution unit

74 ACSZ-ACS electronics

75 DH3-digital telemetry unit

76 E l-plasma probe

77 EI0-TV camera and control unit

The significance of the results in these figures is that the thermal sub-

system can provide an adequate thermal environment for mission

extremes in external thermal environment, and can accommodate

variations in science selection and critical design parameters. The

critical parameters assumed in the analysis are:
! •
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Table 24. Power Dissipation

Watts Input Node

Communications

C 1 TWT transmitter ,-_) 18.2 70

C2 TWT voltage converter (2) 6.5 71

C3 transmitter driver l. 7 8

C4 recelver (2) 2.4 7

C5 TWT coupler 0 -

C6 diplexer (3) 0 -

C7 branch line coupler 0

C8 bandpass filter 0

C9 coaxial switch 0

Power

Pl battery 0 -

PZ shunt 0 -

P3 PCU and equipment converter 5.4 72

P4 command distribution ,:nit 3. 1 73

Attitude Control

ACS1 roll position sensor 0.5 5

ACS2 ACS electronics 4.5 74

Data Handling

DH1 data sto:age unit *0.5 l 1

DH2 command decoder (2) 1.0 13

DH3 DTU 3.7 75

Experiments

E1 plasma probe 4.0 76

E2 magnetomet-r 2.5 2

E3 -lectr;c fi ._d electronics 0, 5 4

E4 radio propagation 2, 0 I

E5 micrometeoro2d sensors 0.5 13

E6 cosmic ray 2, 0 3

E7 x-ray 0, 5 2

E8 ultraviolet * I. 0 12

E9 radio astronomy I. 3 I

;: El0 TV camera _, 0 77

_4 F i I infrared * l, 0 J
(,

Total near-earth 59.8

Total near-,lu_ 67.8 !

-" r3
• Power on near-Jupiter only • i
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Heat loss to the antenna dish _ 10 watts

Total equivalent black body = _ watts
aperture area (30 sq. in)
heat loss

Insulation conductance = 0. 0013 Btu/hr-ft2-°F

Louver effective emittance = 0. 1 closed, 0.8 open

These assumptions, except for experiment aperture area, are

based on accepted heat transfer analysis techniques or on published test

data. Effective experiment aperture area depends upon whether the

individual experiment has a window and the type of window. The aperture

characteristics assumed for the selected complement of experiments

are as follows:

Plasma probe Black hole

Cosmic ray Thin metallic foil B:

X-ray Thin metallic foil

Ultraviolet IR-transparent cover
Infrared Black hole

Micrometeoroid Metallic foil

TV Black hole

The heat leaks attributed to the apertures were evaluated at the platform

temperatures presented in Figures 48 and 49. This is a conservative

assumption, especially for the infrared experiment, since the detector

will more than likely be thermally decoupled from the remainder of the

experiment in order to improve its signal-to-noise ratio.

Solar array temperatures are presented as a function of distance

from the sun for extremes in the solar constant in Figure 50. As

shown, the lower temperature limit of -300°F is not exceeded even for

distances well beyond Jupiter. Figure 51 presents solar array tempera-

i tures for earth and Jupiter solar occ_:tations. The maximum duration

i after liftoff until the solar array is illuminated (on rear side) produces

I a minimum temperature of -ZOO°F, well above the lower limit. For a

i ( '
i '
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Jupiter eclipse the limitatlon on duration is imposed by battery capability

instead of solar array minimum temperatures, as shown in Figure 51.

6.g. 3 Alternatives

The widely varying external environment and the ability to

accommodate changes in scientific experiments requires a variable heat

rejection capability which is not possible by exclusively passive means.

Thermal switches, current Pioneer louvers, and improved Pioneer

louvers were considered. Thermal switches are advantageously used

for localized thermal control of not more than one c,r two high-powered

dissipating components (gO watts or higher). For spacecraft cortfig,,r_a- =

tloos, such as the one proposed, louvers are more efficient, reliable,

and lighter. The improved Pioneer louver system was selected over the

present Pioneer system in order to reduce heat leaks for closed louvers,

a reduction of about 9 watts for the three square feet of louver area at

an average platform temperature of 40°F.

The design value selected for the effective conductance of the in-

sulation system is that which could be achieved from a carefully designed
1

( system consistJ__ of 24 layers of_ milalum:,nized Mylar. The selected

value of 0. 0013 Btu/hr-ft2-°F is degraded by 50 percent of the reported

value as is suggested by "Planetary Vehicle Thermal Insulation System -
.t '

Final Report, " prepared by General Electric for JPL, DIN-68SD4266,

3 june 1968. The assumed performance for the improved insulation sys-

tem requires amore sophisticated design than for the current Pioneer.

The adherence to this design value must await detailed design, since

the margins presented for the design could be used to alleviate this

requirement.

Several solar cell-substrate combinations were evaluated to deter-

mine their temperature for near-earth and Jupiter operations. Figure 52

summarizes the results. The aft surface is left bare fiberglass since

it possesses a high infrared emittance and the weight of paint can be

saved, approximately five pounds.

6.3 P.ropulsion Subsystem , ¢

- The Jupiter mission requires three propulsive functions: \
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DESIGN)

_'I..... r_o.oo9 _N.F_ERGLASSJ _0.75 IN. ALU,_INUM COJ_E
i J I I _ i I .v .''BAREFBERGLASS

..-.--SOLAR CELL
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TEMPERATURES

NEAR EARTH NEAR JUPITER BEYOND JUPITER5.3 AU

CONFIGURATION 1 138_'F -196°F -202OF

CONFIGURATION 2 12I°F -201OF -20B_'F

CONFIGURATION 3 212_'F -160C'F -169OF

Figure 57.. Solar Array Construction Alternatives

• Spacecraft orientation and earth-pointing

• Despin and spin control

• Midcourse velocity correction

The requirements for these maneuvers are as follows:

Despin (60 to 10 rpm) 613 ft-lb-sec

Initial orientation and re- 500 deg precessiG._ at
! orientation for midcourse 2,8 ft-lb-secldeg

maneuvers

Earth pointing 700 deg precession at
Z. 8 ft-lb-sec/deg 0

_" iS6 <
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Midcourse velocity 80 meters/sec
correction

Spin control Equivalent to 60 deg at

2.8 ft-lb-sec/deg {_5 rpm)

Certain interface constraints are also pertinent to the propulsion sub-

system, as follows:

Precession (pointing) 0.2 and 1.0 deg {selected level)
!

resolution

Thermally controlled _5 ft diameter cylinder

envelope

Packaging Propellant tank(s) to be centrally
mounted to minimize access inter-

ference with experiments on

platform

Power penalty 1.7 Ib/watt {continuous power re-

quired past 4 AU)

Function interaction Precession must be done in couples

to null _V increment
/
f

6.3. ! Description

The recommended propulsion subsystem {Figure 53) consists of a

monopropellant hydrazine system for velocity correction, spin control,

and precession, and two solid propellant motors firing in a couple for

despin. Simplicity, reliability, weight, and a minimum interference in

packaging were major considerations in arriving at the integrated system.

The loaded weight of the monopropellant system is 34.8 pounds, 22.7 of

which is propellant. The solid motors ,-,eigh g.3 pounds.

Aside from the initial despin {which occurs once during the mission),

the propellant is comnlon for all functions, permitting available impulse

to be reallocated from one type of maneuver to another and minimizing the

i quantity of contingency propellant needed. For example, propellant re-

i maining from midcourse maneuvers of less than the maximum velocity
t

increment {which will normally be the case) is available for precession or

spin control. ¢

(, :
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VA LVE

GN 2 FILL/DRAIN _,%

PROPELLANT/PRESSURANTQ_)

TANK WITH BLADDER

TANKPRESSURE N2H4
SPIN/DESPIN TRANSDUCER FILL/DRAINVALVE PRECESSION
THRUSTERS THRUSI"ERS

(0.5 LBfTHRUST) J (0.5 LBf THRUST)

SOLID
AV THRUSTERS DESPIN

(3.5 LBf THRUST) _ MOTORS

Figure 53. Propuls._.on Subsystem Schematic

Figure 54 shows the location of the propulsion subsystem in the

spacecraft. Two midcourse velocity correction thrusters are [rovided,

one facing forward and the other aft, to allow posigrade or retrograde

correction without maneuvering to undesirable sun angles. In the event

of a mi_lcourse thruster failure, however, the opposite unit may still be

used byprecessing the spacecraft 180 degrees.

The precession thrusters are located at the edge of the antenna

dish, providing a moment arm of 4.5 feet. They are located together to

minimize weight and power required for heating (they must be maintained

above 34°F to prevent freezing the hydrazine). The propellant line

supplying them is also insulated and heated. Redundant heaters will be

used on these units to preclude loss of precession capability due to a

heater failure and subsequent freezing of the propellant. The power

required for this function is I. ! watts. Since the primary operating

mode of the precession thrusters is in pulse pairs fired 180 degrees

apart, this function is not completely redundant. However, a single

thruster is sufficient for precession provided the velocity increment

imparted is accounted for. Thus, no single failure will cause loss of _ i i

the mission, i
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Figure 54. Propulsion Subsystem Location

The spin control thrusters are packaged similar to the precession

thrusters and are located outside the thermal shell of the spacecraft to

minimize heat leaks. They also require heaters. The power required

to maintain minimum temperature of the spin control package is 0.94

watt, but this will be turned off, allowing the propellant to freeze in the

thruster valves once the spin vernier operation is completed. Thus

power drain is minimized and leakage is effectively negated. If, for

any reason, subsequent spin correction is necessary, the heaters may

be turned on, thawing the unit and rendering it again operational. A

similar technique is also used with the AV thruster located on the

_ antenna feed and requiring 2, watts of heater power. No redundancy

(other than heaters and valve coils and seats) is provided for the spin ¢

control function because of the short operating life requirement and the

i (
relatively high reliability.
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The solid propellant despin motors are almost identical to the

small spin and retro units used on Thor-Able, Pioneers 1 and Z, Transit,

Explorer 6, and Discoverer. The service history and one-shot operation

of these motors does not indicate a need for redundancy.

The components of the subsystem and their function are listed in

Table 25.

Table 25. Subsystem Components

No.

Required
Item Function Remarks

per

STstem

Propeilant/pr es surant 1 Propellant Bladdered 6AL4V
tank storage and titanium tank simi-

expulsion lar to Mariner '69

GN 2 fill/drain vah, e 1 Pressurizing pro- Same as used on
pellant feed Intelsat III
system

Propellant fill/drain i Propellant loading Same as used on
valve Intelsat III

Pressure transducer 1 Telemetry of tank Same as used on
pressure In_elsat III

Thruster, 3.5 Ib 2 Midcourse Same as used on

velocity Intelsat ILl
correction

Thruster, 0.5 Ib 4 Precession and Developed but not

spin control yet qualified

Motor, solid pro- Z Despin Similar to small
pellant motors used on

Thor-Able and

other space !
programs

6.3.Z Performance

The reconarnended propulsion subsystem weighs 37. Z pounds, •

broken down as follows: /'%
_ P
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Weight (lb)

Hydraz_ne system
Propellant tank 3. g
Fill/drain v_lves (2) 0.4
Pressure transducer 0.3

Thrusters, _V (2) 1.2
Thrusters, spin and 2.4

precession (4)

Lines and plumbing 2.4
Insulation/heaters 1.2

Dry Weight 11. 1

Propellant 22. 7

Pressurant I.0

23.7

Total NzH 4 subsystem 34.8

Despin motors (2) 2.4

Total 37.2

The monopropellant hydrazine system operates in a blowdown

mode from 556 to 28Z psia at 70°F. Assuming a temperature variation

at the propellant tank of_30°F, the tank pressure extremes become

600 and 265 psia. The resulting thrust is a function of tank pressure

is shown in Figure 55.

The propellant required to perform the mission is calculated for

the various functions as follows:

For AV,

Wi [2 262.5 ft/sec ]E = exp 251b-sec/lb (32.2 ft/sec 2)

Wp, AV = W. -Wf = 460- 4601 1.0368 = 16. 351b

For precession,

W = (2.8 ft-lb-sec/dec).(lZ00de_) = 4.66 lb
p, precession (160 Ib-secllb) (4.5 ft) ¢

(
i

i
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Figure 55. Operating Thrust/Pressure Range

m

For spin control,

W = (Z. 8 ft-lb-sec/deg) (60 deg) = 0.4Z lb
p, spin (160 lb-sec/Ib) (Z, 5 ft)

--._'_-Wp= 16.35+4.66 + 0.4Z = ZI.431b

Allowing a leakage rate of 0.05 pound per year through each valve, and

an expulsion eHiciency of 97 percent, the total propellant weight is

Wp : [zl.43+ (b) (z) (o.os)] 1. o3 : zz.7 lb

A contingency factor is not included since the weight of 460 pounds used

;_ in sizing the AV requiremeT.t includes a 7.5 percent weight contingency. Q
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[

The required propellant and pressurant volume is, then, 1Zo2 cubic

inches. The central location of the propellant tank necessitates the use

of a bladder to orient the propellant and separate it from the pressurizing

gas. This requires an additional O0 cubic inches. Thus the required tank

volume is ij22 cubic inches, which car, be accommodated in a 13. o-inch

diameter sphere.

Since the propellant tank pressure will blow down and thrust will

decrease as propellant is expended, these variations must be accounted

for in the performance of the various maneuvers. Tho thrust and tank

pressure variation has already been discussed, but specified impulse

and iinpulse bit variations are also important. Since the velocity cor-

rection thrusters operate in steady state mode (the required minimum

firing is over one second), only the steady state condition is important.

Figu:e 56 shows the variation of specific impulse for this thr_,ster over

the operating range.

230

I _ ,.t

,_. 228 .....
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!

_' 226

ya,.

:_ 224
U
u.

° /n_

222 /

220
300 40O 500 60O i

TANK PRESSURE,PSIA

:_ Figure 56. Steady-State SpecHic Impulse, 3.5-Lbf Thruster ¢
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The precession and spin control thrusters operate in the pulse

mode, Figure 57 shows the specific impulse and impulse bit produced

by these units, assuming one 0. l-second pulse each spacecraft revolu-

tion (every 12 seconds at 5 rpm). The impulse bit produced by the first

pulse on a cold (70°F) thruster is 60 percent of the value shown for hot

pulses. At I0 pulses the impulse bit is within 5 percent of the nominal

"hot pulse" value. The impulse bit during this transient is predictable

and will be accounted for in programming maneuvers.

200

HOT THRUSTER

.-..,,,180 _ _ /I" 0.05 G"
_., .... /

uu HOT PU_E / Q.
II

O. a,.

-
140 0.04 _..

Q.

_ 120 --

/.7
101) 0.03

300 400 500 600

TANK PRESSURE(PSIA)

Figure 57. Performance of 0.5-Lbf Thruster (12-Sec
Cycle, 0. i-Sec Pulses)

Another facet of thruster performance is pulse centroid. Three !_
i

variables affect the location of the centroid: i

• Inlet (tank) pressure

• Thruster temperature (if below 200°F)

The compilation of these variables can account for an error of ZZ milli-

seconds if they are additive. This would produce an axis error of •

0
164 <
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0. i7 percent or 0.6 degree at 5 rpm. By accounting for the inlet pres-

sure only, this error can be reduced to 0.25 degree. Since the thruster

temperature will be below Z00°F for only the first pulse, it is cf no

significance except for maneuvers requiring a very small number of

pulses (<5). Since these maneuvers will be done closed loop, corri-

pensation for centroid shift due to a cold thruster is probably not

necessary.

The total impulse torque necessary to despin the spacecraft from

o0 to 10 rpm before deplo_unent of tt_e solar panels is estimated to be

o13 tt-lb°sec. Aminimum of two motors must be used to produce a

couple so that the despin forces are not translated into other planes.

In order to maximize the moment arm and minimize impingement

of the exhaust plurne on the spacecraft, these motors have been located

on the edge of the antenna dish. The resulting moment arm is 4.5 feet.

If necessary, adjustment of the despin to compensate for updated

moments of inertia may be accomplished by canting the motors, thus

reducing the moment arm. The moment arm, L m, is

: _ = 4.5 cos0

: where 0 is the angle of cant. Then the total impulse of each motor is: i

613 ±x ft-lb-sec
I =

(4.5t9) n

where x = the despin adjustment tolerance desired

n = number of thrusters used

Assuming a despin adjustment tolerance x = 10 percent = 61 ft-lb-sec,

the despin motors must be sized to produce 674 ft-lb-sec when e = 0 de-

grees. If e = 36 degrees, 552 ft-lb-sec will be produced.

The minimum total impulse of the despin motors, given this

adjustment flexibility is then:

674 149.8
I = _ = "-'-----n Ib=sec

¢

C ,
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If two motors are used, each must produce a total impulse of

74.8 lb-sec. -fhis will requir ,_ _ propellant weight of O.3I pound and a

total weight per mot,_r of 1.2. pounds.

Anticipated despin time is approximately one second. The maneuver

is initiated by a g8-volt signal to the motor squibs from the control sub-

system. Sure-fire current is 2 amperes per m)tor, with no-fire at

0.3 ampere. The impulse accuracy is +1 percent assuaning a tempera-

ture uncertainty of +50°F.

6.3.3 Propellant/Pressurant Tank

The propellant/pressurant tank will be a 13. o-inch diameter sphere

fabricated from 6A14V titanium, quite similar to the Mariner '69 tank,

shown in Figure 58. This tank utilizes a butyl rubber bladder attached

with a standpipe at the base flange. Gas and propellant fill as well as

propellant feed parts are provided in r:,_ flange. Design working pressure

is 600 psia, with 900 psia proof and i_'J psia minimum burst pressures.

The tank, including the standpipe and bladder weighs 3. g pounds.



6.3.4 FIll and Drain Valves

The filland drain valves for the propellant and pressurizing gas

are identical to those on Intelsat Ill. The valve shown in Figure 59, is

manually operated with ordinary open end wrenches and has redundant

seals for positive sealing against leakage. When loading is completed,

the fitting is capped for additional protection agalnst leakage. This

valve has been manufactured for TRW by Pyronetics, Incorporated,

and weighs 0.2 pound. No modifications are needed since ithas been

qualified to specifications representative of those anticipated for the

Jupiter mission.

6.3.5 Propellant Valves

Although the propellant valves are an integral part of the thrusters,

a common design will be used for all the thrusters. The function of the

propellant valve is to initiate and terminate propellant flow to the re-

quired tolerances of accuracy and repeatability. Figure 60 shows a i

cross section of the propellant valve, which is currently being produced

" .

i Figure 59

Fill and Drain Valve,lnte tsat III

by Fairchild-Stratos for TRW, for Intelsat III and other spacecraft. The

valve is a dual coil, dual poppet coaxial design incorporating redundant

seat and coil features with minimum complexity and weight.

The valve seating configu_-ation utilizes a dual elastomeric seal

providing a high order of shutoff reliability and low leakage. Each

poppet is spring loaded to provide a fail-safe mode in the dosed position.

In the event one poppet fails to seal properly, the other poppet will pro-

vide a seal, thereby increasing the leakage reliability, reducing the

critical failure mode of the valve seats. The downstream poppet is an

integral part plunger, upstream poppet by
of the solenoid The is driven

I
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the solenoid plunger after a 0. 001- to 0. 002-inch free travel stroke.

The total stroke is 0. 010 inch.

Redundancy is also provided in the dual coil solenoid. Either or

both windings will actuate the valve. With separately wound coils, either

one or both may be energized depending upon the type of valve driver

circuit utilized and power available, each coil requiring 5 watts. Vanadium

permendure is used in the magnetic circuit of the valve to provide minimum

weight. Electroless nickel plating is used to assure corrosion protection.

Aside from the magnetic portion of the body, all valve parts are austenitic

stainless steel. A filter has been incorporated upstream of the poppets as

an integral part of the valve. By combining these features into a single

all-welded design, valve weight is minimized without sacrificing simplicity

or reliability.

6.3.6 Pressure Transducer

A high output type (0 to 5 vdc) of pressure transducer has been

developed and qualified for Intelsat III. The developed unit has a

0 to 600 psi range and is well suited for Jupiter Pioneer. The transducer

(-) uses solid state circuitry, with integral temperature compensation, and 5

a strain gage sensing element to provide the output signal. Selection of

the high output type of transducer allows feeding of the output signal

directly into a standard telemetry system. A single transducer will be

mounted on the fuel feed line to provide continuous monitoring of the

propellant pressure. The transducerp shown in Figure 61, is manu-

factured by Micro-Systems, Inc. This transducer weighs 0.3 pound.

6.3.7 Midcourse Thrusters

The thruster selected for the midcourse velocity correction,

identical to those on Intelsat ILI, is shown in Figures 6Z and 63. No

modification to these units is needed. They have been qualified to or

in excess of the operating conditions anticipated on Jupiter Pioneer.

These thrusters are fabricated from Haynes Alloy 25 and use Shell 405

catalyst to produce spontaneous ignition of the hydrazine. The operating

and qualification details for this unit are contained in TRW Equipment
¢

Specification EQ 8-Z8 and are summarized in Table 26. The thruster

( with propellant valve weighs 0.58 pound.
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Figure 6 t

• ._-_ Pre s sure Transduce r,
Intelsat III

6.3.8 Prece,sion and Spin Control Thrusters

The recommended 0. 5-pound thrust units for precession and spin

control have been subjected to extensive long-life operation tests. Over

1,000,000 pulses on a single thruster have been demonstrated at duty

cycles ranging from 0.06 percent to steady state and pulse widths as

short as 0. 005 second. These units also use Shell 405 catalyst to obtain

spontaneous ignition of the h,-drazine. They are designed with minimum

volume between the propellant valve and catalyst bed to produce efficient

limit cycle operation.

As shown in Figure 64, the thrusters are packaged in therrn'o/ly

controlled clusters for mounting outside temperature controlled areas

of space vehicles. A cluster similar to that shown but with the center

thruster removed will be used for spin control, A similar unit with one ¢

, thruster canted to match the slope of the back of the antenna dish will

be used for precession. _'_ :
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Table 26. Operating Characteristics, 3.5 Pound-Force
Thrust Chamber Assembly (P/N 401015)

Previous Jupiter PioneerIt em
Qualification R equir ement

Thrust, lbf 4.08 to 0.73 4.08 to Z.20

Inlet pressure, psia 600 to 75 600 to 265

Specific impulse, 229 to 198 229 to 2Zl
Ib-sec/Ib

Impulse repeatability, i-O. 037 _.6 (for O. ! m .'ter/sec)
lb-sec

Environment

Operating _em- 35 to IZO 40 to 100
perature, F

Maximum vibration 20 g at 130 Hz Not defined but expected
O. 25 g?"/Hz at to be similar

370 Hz

Operating LHe

Steady state, sec 14, 000 1225

Starts 18,800 2

$

Assuming all the precession propellant is expended through one

thruster in 0. 125 second pulses, a total life of 10,680 pulses would be

required. This is well within the demonstrated capability of the thruster.

The thruster package shown in Figure 64 uses single coil-single

seat propellant valves. These will be replaced by the redundant coil/

seat valve described above. Other than this change, onty repackaging

of the cluster is required.

6.3.9 Despin Motors

The design of the solid propellant spin motors is common to many

similar applications on other spacecraft. The unit shown in Figure 65

is representative of a class of motors produced and flight qualified by

Atlantic Research Corporation, and similar devices are produced by I •

" other manufacturers. The internal-external burning tubular propellant _ i
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¢

173

t"

........... _: - '.... _-- ".................. I I IIIIi _
¢

1969010484-208



grain is squib ignited and produces a relatively constant thrust for

I.Z seconds. The average thrust per motor to produce the required

74.8 lb-sec total ;n-,pulse (two-motor configuration) is 6Z. 3 lbf. The

motors weigh 1.Z pounds each, a total of 2.4 pounds per spacecraft

for the despin function.

6.4 Attitude Control Subsystem

The attitude control subsystem performs five functions:

• Spin control, maintaining _ rpm upon ground command

• Earth tracking, aligning the spin axis to earth
periodically upon ground comrn_nd

• Reorientation of spin axis, aligning the spin axis to a
commanded direction

• Roll referencing for scientific experiments

• AV firing control, turn on and off of AV thrusters

Spin control is accomplished by measuring the spin rate about the

spacecraft and by individually commanding an appropriate number of

thruster pulses and directions. Only _ne thruster is employed in each

spin direction. The spacecraft separates from its boost vehicle spin-

ning at an approximate rate of 60 rpm. Despin rocket are fired to reduce

this to 10 rpm. Deployment of the solar array reduces the rate to

approximately 5 rpm. The spin control system will remove any spin rate

errors.

The spin axis is periodically aligned to the eartL with the RF

conical scan method employing the DSIF transmitting stations. The

spacecraft spinning motion automaticaUy provideq conical scanning of

+.he antenna beam. If the spin axis alignment with earth is large

(greater than approximately 2 degrees), the medium-gain antenna is

employed for the conical scan process. When the attitude error drops

below the medium-gain antenna conical scan system deadzone of l. 06

degrees, the high-gain antenna conical scan can be corrmanded to take

over with further reduc_on in the error to within its deadzone of 0.266

degree.

0 ,
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Reorientation is accomplished by precessing the spin axis througha

commanded number of steps which are transmitted by the ground station

and set into the ACS register. The direction of precession and pulse

width selection are also commanded. The reorientation is accomplished

in two steps, as shown in Figure 66. The spin axis is first precessed in

the plane containing the spin axis and sun line. Then the spin axis is

is coned about the sun line.

ORIENTATION
|. PRECESSIONOF

/

Figure 66. Open Loop Reorientation Maneuvers

Orientations for nominal midcourse corrections are not time critical

and are performed in fine increments of O.Z degree per spin revolution.

To provide a means of roll referencing the various scientific experi-

ments, a roll sun angle sensor is included. The sun-spacecraft-earth

angle is fairly large over a major portion of the mission and therefore

the -'an is a suitable reference during these phases. When the sun angle

drops to low values, the roll reference can degrade due to uncertainties

in the spin axis alignment with earth. The attitude pointing errors could

be updated more frequently during the small sun angle mission phases

to reduce the magnitude of the pointing uncertainties if the scientific

experiments warrant such measures.

As a convenience, the electronics for the midcourse firings are ¢

located within the control electronics assembly of the attitude control

(- ,
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subsystem. This is a logical choice since registers which can be

employed for timing of the /xV firings are contained within this package.

Moreover, the power switches and circuitry to activate the control jets

would also be applicable to the _V thruster firing control. The firing

duration would be transmitted by the ground station and stored within the

Av register.

6.4. 1 Description

The attitude control subsystem consists of the following packages:

• Pipper type sun sensor assembly

• Roll reference sun sensor

• Control electronics assembly

Other components associated with attitude control but not categorized

under the subsystem are listed below:

Propulsion Subsys tern

• 0.5 lb thrust precession monopropellant thrusters (Z)

• Despin rockets (Z)

• 0.5 lb thrust spin control monopropeilant thrusters (Z)

• 3.5 lb thrust monopropellant _V thrusters (Z)

Communication Subsystem
i

' • High-gain antenna communication system it

• Medium-gain antenna communication system ]

• High-gain antenna offset feed

The control electronics assembly contains the following circuits:

• Zero crossing detectors

/.
• Signal level detectors

• Bandpas s filters

• Digital timing logic

_, • Power switches r_
J
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• Registers

• Sun sensor electronics

• Signal conditioners

A block diagram of the attitude control operations is shown in

Figure 67. Backup modes are furnished by the following:

• Medium=gain conical scan: backup fine pointing control upon
command requiring use of 210-foot DSIF antenna.

• Permanent offset feed high-gain conical scan: backup fine
pointing control for use with either 85- or 210-foot DSIF
antenr, a but entailing a 3-db loss in downlink transmission
performe.nce.

• Manual precession control: requires use of sun sensor
timing pulses.

6.4.2 Operation

6.4.2.1 Reorientation

In the derivations made in this section tae following approximations
( are assumed:

• The spacecraft is symmetric about the spin axis, which is
the principal axis of maximum inertia.

• The only torques acting on the spacecraft are produced by
the control system and can be considered to be impulse
functions.

• Effects of misalignments ar.3 ,-lqays in the control system
are negligible.

Let x, y, and z be a set of orthogonal body-fixed axes, where z coin-

cides with the spin axis. In the absence of external torques, the Euler

equations for the system reduce to

&x + AWy'#z = 0





• !

where _x' _' and _z are components of the rotation vector _0along the
respective body axes. C is the symmetric moment of inertia. A is the

transverse moment of inertia and k is given by

C-A
X =

A

Integration gives

co = _ = const
Z S

I

Using complex notation, the component of the rotation vector w on the

plane x- yis

:

Multiplying the second Euler equation by j and adding to the first gives

WE -j _sk coE = 0

Integrating:

j%xt
( _E (t) = K e

The constant of integration can be evaluated by considering condi-

_ns existing immediately after the application of an impulse. H this

vent occurs at the time t = to. the constant K is given by

"jmsXt o
K = toE(to) e

: ,vhere we(to) is the step change in angular velocity produced by a torque

i impulse at t o. If H° = C _s is the initial amplitude of the angular

momentum and 6H is the transversal component due to the applied

impulse, the magnitude of the transversal component of rotation will be

toe (to) = 61=IA

Substitution yields
¢

( c°E(t) = _.eJC%k{t°to }

179 I<
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Assuming to = 0, this equation reduces to

5H JC°skt
O_E(t) = --_-e

If H is the amplitude of the angular momentum after the application

of the firstimpulse, the angular velocity of nutationwill be

H Ho C°:s
coN = -_ _--X-- _ -_-

The process is represented schematically in Figure 68.

Two precession pulses are fired per spin revolution, one in each

direction upward and downward, thereby cancelling AV contributions

which might be obtained from

_v reorientationmane uve rs and

earth tracking operations.

_ _=_j;ATIONI.Io The second pulse is phased
such thatessentiallya pure

, couple is imparted to the vehicle.

The firing time of the second

thruster occurs after 180 deg-

__ rees of body rotation at

Figure 68. Nutational Motion Due t I = _-- = 6 sec
to Impulsive Torquing s

during this time, the spin axis will have nutated through an angle

C
_= 0JNt I = _-

For Jupiter Pioneer,

C = spin axis inertia = 309 slug ft z

A = transverse inertia = 183 slug_ ft 2 (_verage)

Therefore

309 (.)• 304 degv= i

i80 _<
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Wobble build-up and decay is exemplified in Figure 69. The

wobble is shown to be less than 1. 1 times the precession step size

angle for the Jupiter Pioneer inertia ratio in Table 27.

e : THE ANGLE THROUGH WHICH THE NUTATION MOVES BETWEEN PRFCESSION PULSES.

p > THE HALF CONE ANGLE OF NUTATION.

/ _ LOCATION OF TIP OF MOMENTUM

_...__--// /_ I Z \

"x.... i" I/ ..\

Po:O

Pl : -I

P2:-I +eJePl :-(1 +e ie)

P3 = -I + e.J_p2 : -(I + eJe+ e2je)

%=-1+*J'P,,-1=-0 +_ +2j_ .... +_(.-Ojo)__ I - ,"J*'
' 1._j 0

.e

enje-t . _ :J2- (enje_l)

Pn =" ej'O I 2 11112"_

e

_0

7/ ! i

_" ' I I /

( Figure 69. Precession Nutation t
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Table 27. Peak Wobble Amplitude
peak

One Pulse/Rev Two Pulses/Rev (180 ° apart)

C/A !0 ** S2peak Ip imax",-'* f_peak
,-_max (deg) (deg)

1 5 1 0.200 1.414 0. 141

1 55 1 012 0. 202 1.540 0. 154

1 58 1 032 0. 206 1.63 0. 163

1 60 1 051 0.210 1.701 0. 170

1 62 1 075 0.215 1.799 0. 180

l 65 l 122 0.224 1.912 0. 191

l 7_" l 236 0. 247 2.20 0. 220

Nominal inertia ratio based on average transverse inertia

p measured in units of angle change of momentum vector per pulse

based on 0.2 deg steps for the one pulse/r_;v design and 0. i deg/

_peak pulse for the 2 pulse/rev design

Conclusion: A dead-beat precession system is not required for this
range of inertia ratios if the wobble amplitude is acceptable.

L

The peak wobble amplitude is given by:

Z_e 1

where ZII_ is the pr_cession step per revolution from two thrust pulses

for the selected design.

The pulse duration for the initial reorientation maneuver after

leaving the earth's shadow is 0.6_.5 second, which corresponds to a pre* ¢

cession step size based upon _ pulses per spin revolution of I degree;

hence a wobble of l-degree amplitude, which becomes attenuated with _

182 <
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time, may occur. The pulse duration ,'Dr the midcourse reorientations

are 0.2 degree per spin revolution with 0. I25-second pulse duration.

A wobble amplitude of 0.2 degree would therefore be expected.

For the backup AV maneuver, a precession maneuver with 0.2

degree step size would take much too long in terms of battery capability

to perform this maneuver; hence a l-degree step size will be used through

ground command. Apossible 1 degree of wobble exists during the backup

_V mode of operation, but this effect is acceptable since it pertains only

to the contingency operation, in which one AV thruster has failed

6.4. i. Z The Conical-Scan System

The conical-scan attitude control system is represented in

Figure 70. The conical-scan antenna rotates with constant angular

velocity, Ws" The radiation pattern of this antenna is offset with respect

to the spin axis of the spacecraft. The RF carrier from the earth, e (t),C

is modulated in amplitude by the scan and the resulting modulated signal

to the receiver is eR(t). The receiver is represented by a variable gain

amplifier to take into consideration the AGG. To simplify the analysis,

( receiver noise is assumed to be generated at the input to the first ampli-

fie'r stage. The modulation envelope is recovered in the synchronous

demodulator, and after filtering this signal is used to develop trigger

pulses for the precessionthrusting system. The final result will be a

SPIN _s NOISE [ N(t) kEc eLlt)
I

I A"TE,_.A OE_OOUL_,O_
R,C_,,,ER_.cl,) • Nl,I ._l,)

q , , IDELAY _ AND PULSE _ BANDPASS FILTER

I I OENE'A'O_I I

SOLENOID v "_.VE
DELAY JET NO. 2

IJET NO. I

!,
. Figure 70. Block Diagram of the Conical Scan !
(

Attitude Control System i "
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__L_____._

im

1969010484-218



stepwise precession of the spin axis until the error is reduced to a value

inside the specified deadzone. The noise affects the accuracy of the deter-

mination of the desired direction of motion, and near null noise errors

dictate the deadzone amplitude required to minimize propellant waste.

Assuming the spacecraft is a symmetric body rotating about the

spin axis, the geometry of the conical-scan process is as shown in

Flgur,' 11. The antenna is assumed to have a circularly symmetric

' radiation pattern whose axis

of symmetry is inclined a deg-

'-P'"',"- rees with respect to tLe spin

_ axis. The spacecraft-to-earth

,_t/0_,_ A_,s line is called the target axis,
TAPG[T AXIS _ -4/

"l and the angle between it and the

//"II spin axis is the pointing error c.' I

/ _''k The plane containing the spin
L....._ and beam axes rotates with

constant angular velocity w ,s
and the angle between this plane

Figure 71. Geometry of the Conical and the reference plane y-z is
Scan Process

then ¢ = w t.s

Assuming the antenna pattern is gaussian for small pointing errors,

if the received carrier amplitude is _/'2 E c when the beam and target axes
coincide, then with a pointing error t the received signal will be

,,,,:+,e o .[,+,,.,co.i++.+,1/+,,
in which:

70
V "

BW [des l

BW = half-power beamwidth

a = 8quint angle; usually, the optimum a is ¢

1 B,W [deg] 43a _-_-BW [rad] = I14,6 - ",

184 <
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Unless otherwise indicated, this value will be assumed in the following

calculations :

mn(e )= modulation index for the nth harmonic

I (Zvz a_)
.'-2 n

1° (2u2 at)

e = carrier angular frequency
C

For small values of the pointing error E, these equations reduce to

2 2

eR(t) -_ .4"2E c e "y ce [I + ml(E)cos (est- _)] cos ect

ml(c ) _ 2 I1(2v 2 ac)

: pointingerror, radians

The receiver has a variable gain A(Ec) due to AGC. The signal i ,put

( to the synchronous demodulator will be AeR(t). Consequently, th-_

demodulator output signal will oe

Z Z

ed(t) = 2 AEcE L e -v a [I �ml(,) COS (est- *)]

where E L is the rms value of the VCO signal. In this analysis, the filter

following the synchronous demodulator is assumed to have unity trans-

mittance throughout the passband and zero transmittance elsewhere.

The conical-scan system signal, represented in Figure 72, may

be assumed to be sinusoidal, i.e.

e s = _-ZEsCOS (_,s t- _)

where E is the rms va/ue of the AC component of tb -_,r .I. Assuming
8

EL=I,
¢

i

i85
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2 2

E s = _2 AEc e'V _ i1(2v2 )_(
J

L t f

"_dz

Figure 72. Conical Scan Output Signal for
Small Error Angles

For small values of _ this reduces to

2 2
2

E = _-2E Ae-V a v a_
S C

The noise mean square value at the filter output is

E2n = _ BN A2 (i

where

@ = one-sided power spectral density of uncorrelated gaussiar
no18 e

B N = noise bandwidth = filter bandwidth

Finally, the signal-to-noise ratio at the output of the bandpass filter is

s zz2 _z.)2: s 2 2 2

where
(S/N) c is the carrier signal-to-noise power ratio obtained with

maximum antenna gain. i

The minimum value for the filtered signal-to-noise ratio (S/N)f
is selected as 10 db from considerations given to the phase and amplitude ¢
measurement errors, which are discussed subsequently.

0 ,
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The above equation can be employed to define the pointing accura-

cies that carl be achieved with the 9-foot high-gain antenna. The pointing

accuracy will be a f nction of the received carrier signal-to-noise ratio

as indica;,:J by the equation. Figure 73 shows the relationship between

pointing error and received carrier power for various transmitting DSIF

signal conditions. Also shown are the effects of employing antenna offset

feed at squint angles less than the 1.6 degrees, which corresponds to

the 3-db gain reduction point.

10

SLOPE= 0.5 PER6 db

POINTS
I
I

F

-- - HIGH GAIN ~ 85FT10KW i

5 rl J j I 1

- HIGH GAIN 210 FT KW ---_

• _ _---HIGH GAIN 2|0 FT400 KW_

°z I r
= i i
Z CARRIER I

SIGNAL FEED MODULATION
DEG GAIN OFFSET SIGNAL,

A_,.(_"CE RI_DUCTION
0.32 DEG tdb) (DEG) (db)

0.5 0.677 5.1
I 0.93 2.6 _

DEG 3 I. 6 0

!
DEG !t0. DEG i

0 I 0 20 30 40 50 60 70 80 90 100

RELATIVETRANSMITTEDPOWERDENSITY (db)

Figure 73. High-Gain Antenna Conical Scan Pointing Error
Resolution vs Carrier Signal-to-Noise Ratio for
Various Offset Feed Points

As shown in the figure, the high-gain conical scan system with

an offsettablefeed set at the 3-db point will produce a pointing error

resolution of 0.24 degree at Jupiter if the 8S-foot DSIF antenna is trans- i ¢

mltting at I0 kw. With the Zl0-foot DSIF antenna the pointing error is

C' reduced even further. To accommodate use o£ the 8S-foot transmitting

<
187

............ i i

1969010484-222



antenna, the desirable systen_ threshold is 0.24 degree. It is shown

subsequently that to retain a 99.7 percent probability that spurious

firings due to noise do not occur, a 10.6 percent increase in this thresh-

old is desirable, thereby setting the system deadzone at 0.266 degree.

Prior to Jupiter encounter, when the signal-to-noise ratio is greater,

the probability of spurious firings due to noise is diminished further.

The 0. 5-db power loss is shown in the figure to occur at a feed
I

offset angle of 0. 677 degree and the 1-db point is shown at 0.93 degree.

The relationship of pointing accuracy to received carrier power for

various transmitting DSIF antennas is shown in Figure 74 for the medium-

gain antenr_t conical scan system. The permanent offset angle of tl=e

medium-gain antenna is 10 degrees corresponding to the 3-db power loss

poJat. For operation with the 85-foot DSIF antenna transmitting 10 kw,

an attitude resolution of 1.4 degrees is obtained. The aasociated de_sira-

ble deadzone is then 1.55 degrees for the medium-gain conical scan system.

10

3 db ' 0.51 JUPITER] I

X _ _---i--_.-MEDIUM GA,N 85 FT IOKW

J _--_-- MEDIUMGAIN 2,0 FT 10 KW--SLOPE= 0.5 PER6 db X_ J

.o_ MEDIUMGAiN 210 FT 100KW _.I
2.5 DE _- MEDIUMGAIN 210 FT400 KW -

L
5 14 J

I 0.99 \_' _J

_ CAWER

i 0.73-- SIGNAL FEED MODULATION

GAiN OFFSET SIGNAL

--zO 0.55- _ _ REOUCT,ON

E _ o.s 4.25 5.15.8 2.6

,o0.31 _k

0.23-- __

,_ 0.175-I ,'--0.157

, 0. li$_, o.J,
_ o to 2o 30 4o _o 6o 70 oo _o loo

m.Atn__S_UttlO POWBD_SnVINdb

Figure 74. Medium-Gain Antenna, Conic&l Scan Pointing Error 0llelolution vl C&rrier Signal-to-Noise Ratio lot ,
Various Beam _sets

r
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A b ,ckup operation c'_n be easily implemented in which a smaller

deadzone is inserted into th_ system upon ground command for use with

the larger DSIF anterma. The deadzone for this backup operation could

be reduced to the deadzone level of the high-gain conical scan system,

which is 0.266 degree or a decrease by 5.83. With this deadzone,

the 210-foot DSIF antenna must transmit more than 50 kw to maintain

the control signal-to-noise ratio at re level greater than 10 db when the

spacecraft is at Jupiter.

For nominal conical scan operation, a single voltage level can

be employed to suit both the medium-gain and high-gain conical scan

operations.[ T] is is possible since the desired degrees of deadzone are

essentiall,, _t the same ratio as the beamwidth of the two conical scan

antennas, that is

Medium-gain antenna deadzone 1.55 deg
High-gain antenna'deadzone = 0. 266 deg : 5.83

Medium-gain antenna beamwidth = Z0 deg = 6. Z5
High-gain antenna beamwidth 3. Z deg

To obtain a single voltage deadzone the medium-gain antenna

deadzone would be set to I. 66 instead of I. 55 degrees. This difference

is negiigible since both deadzone degrees enable fine pointing acqulsi ....

tion with the high-gain antenna, which is the major constraint on this

deadzone size.

6.4. 2.3 Phase and Amplitude Measurement

The spin axis of the spacecraft is precessed by means of a mass

expulsion system which produces a discrete rotation _8 of the angular

momentum vector by firing a sequence of two-thrust impulses. Timing

and geometry of these impulses are such that the residual wobble is

acceptable. The process is illustrated in Figure 75, where Hn repre-

sents the initial angular m_mentum vector, which is assumed to coincide

with the spin axis. H represents the desired orientation for the spin

axis, and the initial pointing error is _n" Rotation of the spin axis

should take place on the plane r n determined by Hn and H, which forms '

an angle @n with respect to the reference plane p.
C, ,
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Figure 75. Discrete Attitude Control Process

The signal obtained from the conical scan system would be as

shown in Figure 72. If there is no delay between the first trigger pulse

and the corresponding thrust pulse, this trigger pulse could be generated

when the conical scan signal reaches its maximum value. If there were

no errors in the determination of the proper time for firing, the result-

ing rotation of the spin axis would be on v and the final pointing errorn'
would be • - AS.

n

Thermal noise will introduce errors in the process of determining

the right time for firing. If the spin rate remains constant during the

process, this timing error will be equivalent to an angular error LI_ n,

and precession will be on the plane Irn+ I. The resulting position of

the spin axis will be Hn+ 1 , and the pointing error will be En+l"

For small angles, the problem can be formulated as shown in

Figure 70. The following relationships are obtained:

C2n+l = c2n + A82 " 2A0Cn cos ACn

0n+l = tan" 1 c nsin0 n-_0sin(0 n+_@n )
(n cos On - AScos (Pn + _n )

0 i-
!

i9o
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These recurrence relations describe a nonstationary semi-random walk

process that starts with known values of ¢ and _ and ends when the
n n

error signal becomes less than the threshold of the selected deadzone.

Inside the deadzone there will be a finite probability due to the noise

that the process starts again. The equivalent phase angle error A¢ n is

a nonstationary random variable

whose probability distribution is a _-_n-- REFERENCEDIRECTION

function of _n and the method used __.._.

for estimating _n" Figure 77 gives

an example of a semi-random walk .....

terminating inside the deadzone with --F-- ....
_n+ 1

a small probability of recurrence.

The problem of phase measure- Figure 76. Small Angle

ment will be considered first in the Approximation

case of a narrowband random process. The output signal from the

conical scan system is

e(t) : e (t)+n(t)
S

( where

e (t) = _-Z E sinw t
S S S

! and n(t) is gaussian noise with a sman noise bandwidth as compared to

the signal frequency. With this assumption, the noise random process

can be expanded as follows:

n(t) : X(t) slnWst + Y(t) cos Ws t

where X(t) and Y(t) are independent random processes such that

n2(t) = IxZ(t) +IyZ(t ) = XZ(t) _ yZ(t )

The instantaneous phase measurement error wi/l be given by

Y(t)
X(t)+E

| ¢

(
,'_

i
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3
START 1

Figure 77. Example of Random Walk with
Dead Zone Limiting

which for sufficiently large signal-to-noise ratios reduces to

_ _-~ Y(t)
s

The mean square value of this error is

s)
where S/N is the signal-to-noise ratio at the input of the signal process-

ing unit_ This equation represents the effects of thermal noise only,

regardless of the method used for measuring phase. Additional errors

will be produced by the electronic systems, antennas, etc.

When the noise bandwidth is equal to or greater than the signal

frequency, the analysis has to be made in particular for each signal

processing scheme. The simplest approach consists of a zero-crossing

detector and the associated electronics for measurement of phase with

respect to an arbitrary reference and the generation of adeq_te trigger-

ing pulses. A fairly large signal-to-noise ratio is assumed so that noise

effects can be analyzed in terms of the resulting shift of the zero-

crossing points. The slope of a pure sinusoidal signal at its zero cross-

ing points is

&s(o) : Es= s
r it'

In the neighborhood of a zero crossing the noise can be assumed to be

constant_ The composite signal at this point will be approximately _ :

192 <
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sinusoidal and the zero crossing will be displaced a small interval At.

For large signal-to-noise ratios the slope can be assumed invariant and

the following expression will be approximately valid

n(o) _2E _sAt = S

where n(o) i,_ the noise amplitude at the zero crossing. The corresponding

angular error is A_ = _s At, and finally

A_2 = n_o) = 1

which is identical to the previous expression for _-_2. This result proves

that the angular errors are independent of the noise au_ocorrelation time

for large signal-to-noise ratios.

The rms value of the phase measurement error as a function of

input signal-to-noise ratio is plotted in Figure 78.

(

3C

o_ Io zO _o ¢
S_o 4

( Figure 78. Phase Angle Error as a Function of
Input Signal-to-Noise Ratio
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Implementation of a deadzone requires measuring the peak value of

the conical-scan error signal. This operation can be done easily by

means of a level detector, but, due to the presence oi noise, spurious

fi: _ngs will occur with a frequency that is dependent on the signal-to-noise

ratio. An approximate solution can be obtained by considering the case

of narrowband gaussian noise when the signal-to-noise ratios are high.

The output signal e(t) will be a quasi-sinusoidal signal of amplitude _2 E.

, Its rms value is then

For small values of N/S

and the rms value of the differential {the 1_ value) is:

N
AE = _-_E s

For 99. 7 percent probability of remaining inside the deadzone, the dead-

zone amplitude must be

Edz :_f2Es (1 + 3 N) (1 + 1 06 Nz,/'z S = es " -s')

Therefore, for a signal-to-noise ratio of I0 db, the deadzone amplitude

must be approximately 10 percent greater than the value required in the

absence of noise.

The narrowband gaussian noise will result from the bandpass

filter included in the signal processing electronics, thereby validating

the assumed noise mode_.

6.4.2.4 Performance Characteristics

The characteristics of the elements of the attitude control sub-

system are as follows:

194 , <
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Pipper Type Sun Sensor

Size Z x Z x 0.6 in.

Weight 0.35 lb

Power 0.3 watt

Accuracy _+ 0.5 deg

Field-of-view + 80 x Z deg

Roll Reference Sun Sensor

Size 3 x Z.5 x 1 in.

Weight 0.5 lb

Power 0. 1 watt

Accuracy _ O. Z deg

Field-of-view + I0 dog

Control Electronics Assembly

Size 7.5x 9. Sx6. Sin.

Weight 6.3 Ib

Power 3.3 watts

Spin Control System
0. 024 rpm coarse control

Resolution 0.00Z4 rpm fine control

Propellant rate 0. 056 Ib per rpm

Estimated propellant
requirement 0. 1 lb

Pulse duration O. 6 sec coarse control
0.06 sec fine control /

/

Earth Tracking Systems

High-gain antenna conical scan

Deadzone 0.266 deg

Pulse duration 0. 125 sec

Preceasion step size 0.2 deg per spin r-_volution

Control signal-to-noise I0 db

Antenna feed offlet I. 6 deg (3 db)

Beamwidth 3.2deg

¢
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Medium-gain antenna conical scan

Deadzone 1.66 dee

Pulse duration 0. 125 deg

Precession step size 0. Z deg

Control signal-to-noise ratio 10 db

Antenna feed offset I0 de E (3 db)

Bearnwidth Z0 deg

AV/Firing Control System

Timing resolution 1 ft/sec

Thrust 3.5 lb

Reorientation Maneuver System

Initial reorientation and backup AV reorientation

Pulse duration 0.625 sec

Precession step size I deg/rev

Precession rate 5 deg/min

Firing angle 18.8 deg

Midcourse corrections

Pulse duration O. IZ5 sec

Precession step size O. Z deg/rev

Precession rate 1 deg/min

Firing angle 3.8 deg

6.4.2.5 Spin Rate Selection

The final spin rate is a compromise. Low spin rate is desired

to:

• Reduce image smear for the T_" system, doubling spin rate
doubles optics aperture area for a glvez: resolution since
exposure time must b_ halved for a given amount of smear

$ Reduce attitude control gas requirements for reorienta-
tion and earth tracking

High spin rate is desired to: i

• Reduce drift rate arising from disturbance torques such i
as light pressure or meteorite impact i ¢

O!,
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• Reduce the number and frequency" of updating for earth
tracking

• Increase the monopropellant thruster pulse width associated
with the O. 2-degree precession step size

The tradeoffs between the number of attitude correction updates,

propellant weight, and monopropellant thruster pulsewidth require-

ments versus spin rate are given in Figure 79. The number of updates

14 -- 230
0.30 -

Figure 79. Tradeof_s Between Spin Rate vs Number of

Updates, Propellant Weight, and Required i
Pulsewidth !

!

was based on performing corrections after a l-db signal loss and is !

discussed subsequently. As shown in the figure, a spin rate of 5 rpm

appears to be a good compromise between the number of updates and ¢

( the propellant weight requirements.
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6.4.3.6 Spin Axis Attitude Updating

The frequency of updating the spacecraft spin axis is dependent

upon several factors:

• Receiving DSIF antenna being used

• Transmitting spacecraft antenna used

• Bit rate transmission desired

• Effects of solar pressure drifts and earth line movement

• Allowable error for retention of communication lock

• Allowable error for retention of the conical scan

attitude updating process

The effects of utilizing either the 210- or the 85-foot DSIF antennas

upon the data rate transmitted by the high-gain antenna is shown in

Figure 80. The effects of a 1.6-degree pointing error producing a

3-db loss in data transmission capability is also shown.

A similar curve is shown in Figure 81 for the medium-gain antenna.

The solid line shown includes the 3-db loss due to a 10-degree perma-

nent beam offset. The effects of an additional 3-db loss due to a pointing

error of 4.1 degrees is also given by the dashed line.

The two figures provide the relationship between pointing error

and data rate as a function of earth-spacecraft range. If a set of down-

link bit rate requirements were given as a function range and the DSIF

receiving antenna were specified, the spacecraft downlink antenna to be !

utilized and the pointing error requirements would be d_termined, i

As an example of how much attitude error updating would be

required over the mission, it was assumed that attitude updating is

performed at a time when the transmitting signal is reduced by 1 db.

It was also assumed that the use of the medium-gain antenna over the

first 105 days from launch corresponding to a distance of 1.75 AU from

the sun and 0.75 AU from earth would be acceptable from data rate

considerations. This would correspond to a bit rate of 1024 with the

210-foot DSIF antenna receiving the signal and 128 with the 85-foot ¢

antenna. The number and frequency of upc_ates for thele ass,m_ptions :_
are given in Table 28 for various spin rates.
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I O,000 OT DSIF

3 db LOSS,
, = i.6 DEG

Figure 80

_<_ High-Gain Antenna Downlink
_-_- Communication Performance

10
0.1 I 2 6 10

RANGE {AU)

Figure 81

Medium-Gain Antenna i0oo
D ownlink C orn/-nunica- " ]\ !
tion Pe rformance _-U

_ 256

I
128

I0 I j

._ (- 0.1 I 2 6 I0' RANGE (AU)
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Table 28. Number and Frequency of Updating with Different
Spin Speeds (assumed worst case combination of

solar pressure and earth line movement effects)

Days Between Corrections

Distance Days Updating at Attitude Errors

From From Corresponding to I db Power Loss Remarks
Sun (AU) Launch

2.5 5 _n

rpm rpm rpm.

l(earth) 0 3.8 7. 5 15. 0

i. 1 30 3.0 4. 5 7. 5 Medium-gain
ante nna

1.25 45 2.7 3.8 5.0
updating at

I. 50 72 3.0 5.0 7.5 I. 5 degree error

i.75 105 iI. 6 23.0 45.0

2 128 3.6 5.6 9.0
High-gain

3 240 2.6 2.7 2.8 antenna

4 400 3.2 3.6 4.0 updating at
O. 9 degree error

5 600 9.0 9.0 9.0

5.3 635 5.0 5.0 5.0 Updating at
Jupiter encounter

Number of

Updates 169 146 135

Constant error updating is perhaps not the best strateuy for main-

taining a high downlink communication performance. A better strategy

is illustrated in Figure 82, in which a 3-db loss in signal is allowed to

accrue if a change in bit rate transmission has occurred. As the earth°

spacecraft range increases, the allowable error is decreased as shown

in the figure. The example given with the high-gain antenna transmission

allows a maximum error of 1.66 degrees. Tentative attitude resulting

from this updating is indicated as well as the attitude with a constant

1 db error updating. The primary disadvantage of this better communi-

cation strategy is that to capitalize on the maximum benefit of this

scheme will require increasingl 7 frequent updating as the allowable error
¢

decreases to within the bandwidth of the conical scan system. It is

\
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1000 J024 0 db LOSS I

0.68 DEG, 0.5 db LOSS

800 .c= 0.93 OEG, 1 db LOSS

.c= 1.3 DEG, 2 clb LOSS

- 1.6 DEG, 3 db LOSS

600 ....

- 512

4OO

ATTITUDE SHOWING
BETTERUPDATING

_- _ STRATEGY FOR
I
j OPTIMIZING- , DOWNLINK

COMMUNICATION

25_

2OO

SHOWING
CONSTANT
ERROR
UPDATING
STRATEGY

( f
128

I
100 2 3 4 5 6 7 8 9 10

RANGE (AU)

Figure 8Z. High-Gain Antenna Downlink Communication

Performance for Various Pointing Errors i

estimated that approximately twice as much updating would be required i

i compared to the constant error method at a 1-db loss point. To achieve

the same number of updates with the better updating strategy would re-

quire cessation of this pattern when an attitude error approximately

0.5 degree results. At this instar._ the bit rate could be reduced by a

factor of two and the allowable attitude error would increase to Z. 1 deg-

_ rees which is O. 5 degree over the 3-db loss angle. The advantage to

i be gained for the example shown is that a Z56 bits/sec data rate can be

maintained until a range of 5.5 AU is attained rather than 5.04 AU for
¢

i the constant error l-db loss strategy. This corresponds to an approxl-

_ mate extension in Z56 bits/sec usage of 30 days.
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If the increased number of updates were acceptable, the extension

could be made to a range of 5. 58 AU for an additional usage extension

of 12 days; however, this does not appear worthwhile since the number

of updates essentially doubles over this period. From this preliminary

evaluation, the best strategy appears to be the variable error updating

which ceases when an attitude error updating level of approximately

0.5 degree is reached.

The following are the median and maximum values of precession,

in degrees through which the spin axis must be rotated, for various

phases of,' 1972 Jupiter flyby mission.

Median Maximum
Precession Precession

Angle (deg) Angle (deg)

Reorientation Maneuvers

Initial orientation from the injection
attitude to an attitude which will be 180 22.0
earth pointing after several days

First midcourse: orientation from

earth-pointing to propulsion firing
attitude, and reorientation to earth
pointing (assumes two engines, 160 240
located on the spin axis, and that the
engine closest to firing direction is
the one used)

Second midcourse: orientation from

earth-pointing propulsion firing
attitude, and reorientation to earth
pointing (assumes two engines, 160 240
located on the spin axis, and that the
engine closest to firing direction is
the one used) _-_

Earth Pointing

To maintain earth-pointing from
several days after injection until
Jupiter encounter (except for
periods covered above); includes
124 degrees rotation of the space-
craft-earth line (counting plus and 150 200 •
minus rotations) and the effects of redundant 300 redundant 400

solar pressure torques (equivalent
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Median Maximum
Precession Precession

Ansle (des) Angle (des)

to 29 deg) and micrometeoroid pres-

sure torques (0 to 58 deg), recogni-

zing that the latter two effects are at
right angles to the first, and add
very little increment

To maintain earth-pointing for one
year after encounter; includes 45
degrees rotation of the spacecraft
earth line, and the effects of solar 45 50
pressure torques (4 deg) micro- redundant 90 redundant 100
meteoroid pressure torques (0 to
4 deg), the latter two effects again
being at right angles to the first D_

390 500

Total 890 1200

Total precession angle for sizing
propellant supply 1200

6.4.3 Control Electronics

A functional block diagram of the control electronics unit was

shown in Figure 67. External inputs are shown on the left and the

thruster firing signals are shown on the right. Critical parameters

within the unit such as input data register contents and spin period

indication will be monitored via telemetry. A 13-bit register (see

Figure 83) is selected in order to link a 30-minute midcourse correction

firing capability with a half-second resolution. The function of each

block in Figure 67 is as follows:

1) The input data register accepts and stores quantitative
data sent via ground commands. Message format is shown
in Figure 83.

i
2) The sequencer contains the control logic, which provides I

all the timing signals required to execute the various control

laws. A sequence is initiated by either an "execute" ground I
command or the timing signals from the antenna phase
detector (for earth pointing), and is synchronized with the
solar reference signal from the sun sensor conditioner and

the quarter revolution signals, 90, 180, and 270 degree ¢
pulses, from the spin period reference.

(
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-_ PULSES

I STEP1-1, NUMBER OF REVOLUTIONS,REGISTER 1 SIGN DATA, AND COARSE/FINE

13_BIT

_---- CW/C C'W

I i---c/F  PU,SES
[ ',',,. -- "]REGISTER2II I I II I I II I-TT] STEP2-1,NUMBEROFREVOLUTIONS,SIGN DATA, AND COARSE/FINE

} LV, PULSE DURATION,
REGISTER3 FORWARD/AFT

V_c,v/ccw
I F--C/F ,F--PULSES

REGISTER4 [l_"'l'_-I I I ] _ I l' I J I } SIGNDATA, ANDCOARSE/FINE
"I STEP2-2, NUMBER OF REVOLUTIONS,

j--_cw/ccw

IF-OF ,F'PULSES

Figure 83. Command Message Format

• 3) The sun sensor conditioner accepts sun crossing pulse
signals from either the sun sensor or the roll reference
sun sensor to provide a solar reference for timing.

4) The conical scan filter processes and filters the AGC
signal from the communications equipment to determine
timing for thruster firings during the earth-pointing maneuver.

_ 5) Transfer gating loads data from the input data register intoeither the revolution counter or the pulsewidth counter

i depending upon which "strobe" command is received fromthe sequencer.6) The revolution counter receives data (from the input (iata
_ register), which specifies the number of spacecraft revo-

lutions for a _hruster firing and counts this number down at
;_ a rate of one count per revolution until zero contents of the

° counter is detected, at which time a "halt" signal is sent to:. the sequencer to end that particular control operation. _:'_
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7) The pulsewidth counter receives either _V firing duration
from the input data register or coarse/fine pulse commands
from the sequencer, which is counted down to zero to deter-
mine the pulse duration for output commands to be sent to
the thrusters.

8) Thruster selection gating routes the firing pulse from the
pulsewidth counter to the appropriate power switches to
drive the appropriate thruster, dependent upon the enable
commands from the sequencer.

9) The spin period reference measures the time period between
sun crossing and divides this period into four equal sectors
to provide timin_ pulses defining the 90, 180, and 270 degree
revolution points from the solar reference.

The functional control of the electronics is as follows:

1) Initial attitude change: the initial attitude change maneuver
is accomplished by the following sequence of commands
and events :

• Quantitative data for thruster sign, thruster coarse/
fine selection and for number of revolutions of Step 1
and Step 2 are set into the CEU via ground command
prior to launch.

• The spacecraft separation signal will enable the ACS
system and thereby enable the initial orientation when
the sun becomes visible.

• The sequencer wiU then strobe the Step 1 revolution
data to the revolution cou._ter.

• At the appropriate time the sequencer will command
the precession pulse into the pulsewidth counter and
enable the thruster selection gate thereby a11owing the
precession pulses to drive the proper thruster.

• These pulse firings will occur twice per revolution
until the revolution counter reaches zero, at which
time the sequencer will receive a "halt" signal. The
sequencer will then strobe the Step 2 data to the revo-
]utlon counter, the coarse pulsewldth and the appropriate
thruster will be selected, and pulse firings will occur
until Step 2 is concluded by a "halt" which signals the
end of the initial attitude change maneuver.

2) Spin speed change: the spin speed change is accomplished
by discrete ground command for each pulse.

¢

3) Midcourse velocity correction: the midcourse velocity

( correction is accomplished by the following sequence:

205 <

I I II I| .............. IIIV--V ............ I ......... II I_1'1 'H ll'l, II " _"i ': "_ ---II1/ T II _'-"_-

1969010484-240



• Quantitative data specifying the sign, number of revo-
lutions, and coarse/fine for Step l, Step 2, and the
reverse Step Z and Step 1 are sent via ground command
along with data specifying the length of AV firing duration
and sign of 5V.

• Step 1 data is acted upcn followed by Step Z maneuvers
as described in the initial attitude change.

• AV data is then strobed into the pulsewidth counter.
The sequencer also enables the appropriate thruster
output gate.

• After the AV pulse has been fired the sequencer will
issue a series of commands which will cause the firing
of inverse Step Z and Step 1 thruster pulses, which will
conclude the midcourse velocity correction.

4) Earth pointing is accomplished by the following sequence:

• Upon receipt of the "conical scan operation on" discrete
the earth-pointing operation will be initiated.

• The specified receiver error signal based on the
_'receiver I F'or "receiver 2" discretes will be employed.

• The specified deadzone based upon the "coarse deadzone '_
or "fine deadzone" will be used.

• When the medium-gain antenna conical scan error signal
has dropped below its deadzone value, the coarse earth
pointing operation will automatically cease.

• Upon receipt of the "feed offset" ground command the
CEU transfers into the high-gain antenna earth pointing
mo (_e.

• The thruster firings will continue until the high-gain
antenna error signal has dropped below its deadzone,
at which time the earth-pointing operation will be
completed. The short pulse thruster durations are
employed for these operations.

6.4.4 Roll Reference Sun Sensor

The roll reference sun oeneor furnishes signals to the control

electronics for ume in determining the roll angle of the spacecraft

relative to the ecliptic plane. This sensor is uoed when the sun io within

10 degrees of the spacecraft spin axio. q

Q ,
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The principle of operation of the roll reference sun sensor is

illustrated in Figure 84. Two cells are placed in the image plane of

a sr_all lens, with the optical axis aligned parallel to the spin axis of

the spacecraft. The sun's image will travel in a circular motion when

the sun is not parallel to the rotation axis. The difference in cell out-

pu_s will have zero crossings at two roll angles per spacecraft revo-

lution. One or both of the zero crossings can be detected in the control

electronics and used as a roll angle reference signal.

CELLA
LENS

SENSOROPTICALAXIS

_PARALLELTO SPINAXIS) [" SOLAR

_ IMAGE

-_ PROCt-bblNG = OUTPUT

Figure 84. Small Angle Roll Reference Sun Sensor

The preliminary design concept of the roll reference sun sensor

is shown in Figure 85. A reflectively-coated prism is located in the

image plane to bisect the image. Energy falling into either half plane

is collected onto a photocell, probably a photodiode, by a condensing

lens which images the entrance aperture onto the active area of the cell.

This design concept avoids focusing the sun's image onto a detec-

tor, thus avoiding any risk of cell damage. The reflective prism pro-

rides a sharp, straight bisection of the image plane and avoids the

need for a special purpose detector. The use of an objective lens ¢

provides conveniently large signal levels from the detectors, so that

( amplification requirements are minimized. ,
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"_]" CELL A
I

O_JECTt', E _ DESIGN FEATURES:
LE_S

_._ • AVOIDS "HOT SPOT' ON CELLS

-- - SIL.E_ED
P_ISM • PROVIDES SHARP BISECTION OF IMAGE PLANE

COt_DE,;SE_ • SYMMETRY PRECLUDES NEED FOR AGC
LE" ,S

• PROVIDES LARGE SIGNAL CURRENTS
V/ITHOUT DANGER OF CELL DAMAGE

CELL BI

• UTILIZES STANDAt_D DETECTOR TYPES

EQUIVAII:NT OPTICAL D'AGRAM FOR ONE CELL:

/

APPROXIMATE SCAt.[: __. 1 INCH ---

Figure 85. Roll Reference Sun Sensor Design Concept

It appears probable that further study and evaluation may reveal

means for simplifying and refining the design concept depicted in

Figure 85.

The source of the major accuracy limitation for the roll r_:ference

sun sensor is alignment uncertainty. Other errors, such as zero-

crossing detection errors in the electronics, can be made negligible

by an appropriate selection of design parameters (aperture size, photo-

cell bias and load, etc). Figure 86 illustrates the effect of alignment

errors, and indicates the equivalent roll angle error for various sun

angles and alignmunt errors. An alignment accuracy of 0. 1 degree i

appears to be a realistic assumption; such an error taken in the worst

case direction produces a roll angle measurement error of 5.5 degrees
¢

when the sun is one degree from the spin axis. The error is propor*

tionally smaller for larger sun look angles.
%3, .
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_ X,Y - SUN SENSOR COORDINATE AXES I&x, y - SPACECRAFT ALIGNMENT AYES

Ox, Oy ANGULAR ALIGNMENT ERRORS IN

, FITCH AND YAW AXES
_X

CELL B

' I /o 0.2'

PHASE 1 _- O.C; o

ERROR

I 1

14-- ZERO CROSSING ERRORCELL OUTPUT 1°
IDIFFERENCE

2':

/__'-- / TIME ANGLE BETWEEN SUN Ar,:D SPIN AXIS

THRESHOLD/_-
UNCERTAINTY

Figure 86. Roll Reference Sun Sensor Error Summary

Roll angle measurement errors caused by al._gnment errors could

be reduced by means of more sophisticated signal processing. The

additional complexity appears to outweigh the performance improvement

at the present time.

Other performance specifications of interest are estimated

below:

. Size: see Figure 87

• Weight: 0.5 lb

• Power: Less than I00 row, s_pplied by control electronics
photocell bias circuit

The major alternative considered was the use of a star pipper

rather than the roll reference sun sensor. The latter is preferred

because it is lighter, consumes much less power, and is more rugged

and reliable. The roll reference sun sensor has the disadvantages of ' ,

lower accuracy and inability to operate when the sun line is too _lose

to the spin axis.
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Figure 87. Outline Drawing of Roll Reference Sun Sensor

A few variations of the design concept shown in Figure 85 were

also considered. The use of a pinhole aperture rather than an objective ..
lens and the elimination of the condenser lenses were examined. These

variations will be given further review before the design is finalized.

6.4.5 Pipper Sun Sensor

The function of the pipper sun sensor is to provide roll angle ,,

timing pulses to the control electronics for use in determining the

instantaneous direction of the sun in spacecraft body coordiriates. The

ACS sun sensor is used only when the sun direction is more than 10

degrees from the spacecraft spin axis. The sensor furnishes roll-axis

information only; the sun aspect angle is not measured by the ACS

sun sensor.

Figure 88 shows the design concept for the ACS sun sensor. A

beamsplitter prism is used to obtain wide-angle viewing with each of

two redundant detectors. Each detector views half of the 160-degree

viewing band with light transmitted through the beamsplitter, while

the other half is viewed with light reflected from the beamsplitter surface, i ¢

The two halves are slightly overlapped at the center to provide continuity _-_ I
in the output signals. This design c_ncept provides wide-angle viewing _ J

l--
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__ BEAMSPLITTERSURFACE
_.. EQUAL TRANSMISSION

Ar4D REFLECTION
REDUNDANT /

160° VIEWING BAND

il I

CLEAR SLIT

PHOTODIODE

DETECTOR

PINHOLE

Figure 88. ACS Sun Sensor Concept

without large cosine law signal variations or high surface reflections

( due to near-grazing angle light incidence. The design uses rugged,

stable materials, standard detector types, and lends itself to the

incorporation of redundancy.

The field of view in the direction normal to the reticle slits is

approximately 2 degrees, providing a narrow output pulse to the CEU

once per spacecraft revolution.

The accuracy of the ACS sun sensor will be a f,mction of the sun

aspect angle, distance from the stm, and initialalignment accuracy.

The alignment accuracy should be 0.2 degree or better. Errors due

to solar distance changes are expected to be on the order of _.+0.4 degree,

including associated thermal effects. Thus, the accuracy should be on

the order of_.+0.5 degree for zero sun aspect angle (sun normal to the

spin axis), and will be degraded in proportion to the secant of the sun

aspect angle for other aspect angles.

To achieve the desired viewing angles, the sun sensor must be

mounted near the edge of the antenna dish. A small heater may be

necessary to maintain a satisfactory range of sensor temperatures.

211 (
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Assuming such a heater is required, the chief performance para-

meters of the pipper sun sensor are:

• Size: 2 x 2 x 0.6 in.

• Weight: O. 35 Ib

• Power: 300 mw

The pipper sun sensor must sense sun pulses of widely varying
!

amplitude, due to changes in solar distance and sun aspect angle, but

it must respond to planetary albedos near earth or Jupiter. The

discrimination is accomplished by two means:

• The field of view width is made quite small, approximately
2 degrees, rejecting most of the light reflected from a
large diffuse reflecting body.

• The electrical threshold will be adjustable by ground
command, with two or three discrete selectable values,

to permit adjustment for the changing solar distance.

Alternatives to the design described above which were

considered:

1) Four sun sensors rather than one, positioned at 90-degree
intervals about the spacecraft periphery.

2) A design using two detectors rather than one to cover the
160-degree viewing band. This design can be visualized
by removing the beamsplitter surface from the glass block
in Figure 88.

Alternative (I) was rejected chiefly because heater power may be needed

for each sun sensor. If so, the heater power for four sun sensors

would be problematic. Alternative (2) was rejected because more

detectors and signal processing electronics were required; however,

this design will be reconsidered if problems are encountered.

6.5 Electrical Distribution

The electrical distribution subsystem distributes electrical power,

commands, and command signals to all equipment and experiments. The

subsystem includes the spacecraft electrical harness and the command
¢

distribution unit.

0 ,
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6. 5. 1 Command Distribution Unit

The command distribution unit (Figure 89) processes all commands

to spacecraft equipment, including on-board storage. The interface

between the decoders and the CDU consists of signals which transfer the

data after it has been checked for the correct message content. The data

is in the form of a serial bit stream. A power gate signal is also supplied

which turns on those portions of the CDU which are used only for command

' processing. Thus the command system draws peak power only during a

command execution. Two other signals, a clock and a real-time/store

signal, are also provided by the decoders.

Bc ,. " the serial message is sent from the decoder to the CDU,

a power gate sigwal from the decoder turns on portions of the CDU. The

data is then shifted serially to the CDU by the clock signal. The 8-bit

command word now in the shift register is gated to one of Z56 discrete

command output circuits. These output circuits then provide the driving

capability required for the interfacing user. Redundant logic is provided

in the CDU to interface with each of the redundant decoders.

I
The use of the serial bit stream between the decoders and the CDU

allows quantitative commands which may be loaded or shifted serially

into remote registers. These remote registers may be in other boxes

within the spacecraft or in the CDU itself. The routing of these quantitative

commands is controlled in two ways. First, the main routing is con-

trolled by d.4.screte command. One discrete command is required for

each remote user. Second, a single bit and its complement in the command

format control the decision between real-time commands and stored.

The quantitative command feature of the CDU will be used to store

in a small memory five commands and five delay times of up to Z56

seconds between each of the five commands. This permits delayed

commands when the spacecraft is not viewed by the earth ground station.

The desired command sequence may be started up to 256 seconds before

the first action is required. A direct telemetry signal is provided for

monitoring the data stored in the CDU memory before its required use.

Readout of the memory to telemetry does not destroy or alter its content_.. " •

i C
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Through the use of the discrete command selection, the individual word

contents may be altered by ground command.

The CDU is the central grounding point for the spacecraft bus to the

spacecraft platform. The return lines are floated in the user boxes.

Power circuits like those used on the earlier Pioneer CDU are used.

Relays are used only where unavoidable. An und_.'rvoltage signal from

the power control unit turns off large loads in the event of a low bus

condition. This circuit is provided with an override.

A sequencer within the CDU initiates operational sequences after

the third stage separation. At this event, the sequencer will start and

at preset times perform the following functions:

• Fire despin rockets

• Panel deployment

• TWT power on

• Enable initial Step i and Step Z maneuvers

Ground commands for backup are provided. The sequencer power will

be turned off after these functions are completed.

The ordnance circuits are similar to those in the present Pioneer.

They contain a series operating device including a current limiting resis-

tor to protect the spacecraft power bus. This resistor opens in the event

that the ordnance device shorts after ignition. Redundant firing circuits

are provided for each activating device.

Temperatures and other analog and digital or flag indications which

require conditioning are conditioned in the CDU, thereby eliminating a

.:: unit in the present Pioneer design.

The CDU is composed of four machined housings or slices each

1 by 6 bY 7 inches. A two-sided printed circuit board is mounted in each

slice and has module and discrete parts soldered to one side. The slice,

which is open on both large surface areas, exposes the component_ on

one side and the circuitr 7 on the other. This type of packaging allows

the addition of 81ices (up to about 8even) with no change8 in footprint area.

Zi5
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Thus, the volume of the unit may be doubled to house circuit expansions

as required.

The proposed command scheme is to control this function with a

set of control bits in the message. This permits the maximum transfer

of information to storage for each command message transmitted.

However, the disadvantage is that if the message is incorrectly coded

a message intended for storage could be executed as a discrete command.

This type of error can be prevented by using a command scheme which

loads the data into storage bit by bit. That is, to load an 8-bit register

with data the following time would be required:

Command message 24 bits
rate xl bit/sec

24 sec

Load an 8-bit
register x8

192 sec

Therefore, it will require just over three minutes to load the desired

data. If a mistake is made the entire information must be reloaded.

The other disadvantage of this type of scheme is that a significantly longer

checkout time is required since it is normal practice to operate the

spacecraft through all its modes at each integrated systems test.

Critical commands, such as turning off the TWT converters,

could be of the f_lock=and=key _1type where it takes two commands to

execute the function and thus avoid critical command errors. Step 1,

Step 2, and /xV commands are loaded into registers prior to execution,

and thus only the execution command need be of the lock=and=key type.

ThiE technique is feasible since there is excess command capability.

6.5.2 Electrical Harness

The interconnecting harness distributes electrical power and

signals to all electronic equipment. Except for the RF cables, the har-

nesses include all spacecraft cabling. The harness consists of a main

trunk with multiple breakouts of stranded insulated wires soldered or
¢
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crimped to rectangular subminiature connectors. The routing and lay-

out of the harness will be developed on the spacecraft design demonstra-

tion model. :'Halo rings" are used generally for shield terminations.

In some critical and in all ordnance circuits, conductive epoxy, a newly

developed TRW orocess, will be used to achieve circumferential shield

terminations. Separation events wil! be monitored with microswitches at

the separation planes. The normally closed switches are held open when

the spacecraft is on the adapter by an angled tab on the adapter. The same

technique is used to sense separation of the spacecraft.

The components in the cabling hardware are current TRW nonmag-

netic speci"cation parts, having a proven performance record on previous

Pioneer missions. The cable uses solder type and crimp type "D" series

subminiature and circular miniature connectors throughout. All harness

connectors are potted with seml-flexible compounds to provide wire-to-

wire insulation resistance, to protect against entry of contaminants which

can cause shorting or arcing, to retain contact float characteristics and

to provide increased reliability and stress relief.

The in-flight jumper connector (FZgure 90) allows opening the lines

between the load and the source to provide power to the main power bus

from the spacecraft electrical test equipment during ground operations.

The connector is also removed when the spacecraft bus must be de-energized.

During system test, bus power measurements are made at this connector

interface. The in-¢light jumper connector consists of a mated pair of D

subminiature connectors.

The ordnance connector (Figure 9t) meets ETR range safety require-

ments. It enables testing of the ordnance circuitry up to the ordnance

device. One mating connector provides a short circuit of the ordnance

devices firing circuit and a point to simulate an ordnance load for testing

of the ordnance arm command dur._ng ground operations. A second

mating connector is used for flightto connect the CDU to the ordnance

devices for arming.

Additional electrical interfaces with the power subsystem and
¢

launch vehicle make use of an umbilical launch vehicle connector. The

( umbilical is a quick release type of connector and provides electrical :
\
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access to the spacecraft from the launch vehicle and launch facility.

This connector is the only electrical interface between the spacecraft

and the launch vehicle.

The ordnance harness utilizes twisted shielded wire to maintain

electrical balance and minimize inductive pick-up. Continuous circum-

ferential shielding is used, grounding to structure at both ends and con-

taining no electrical discontinuities.

The interconnection of the _pacecraft systems makes use of WIDE,

a computerized technique having the following features:

• Accurate and rapid handling of information

• Minimizing of schen:atics and typed wire lists

• Control of data by key-punched IBM cards

• Ease of incorporating changes

• Definition and control of all system electrical interfaces

The flexible automatic circuit tester (FACT) is a programmed

means of automatically testing cabling. The WIDE data card format

provides input to FACT.

The harnesses will be fabricated utilizing a full size, three-

dimensional fabrication tool. Electrical acceptance testing of the com-

pleted harness assemblies will use the FACT machine.

6.6 Electrical Power Subsystem

The electrical power subsystem (Figure 92) converts soIar energy

into electrical power at 28 volts + 1 percent for the spacecraft. A silver-

cadmium battery stores electrical energy when a surplus is available

from the solar array. When the pnwer requirements exceed the capability

of the solar arrays, the batteries provide power, in a load-sharing mode

when the solar array is illuminated and alone when the array is in an

eclipse. The array is maintained oriented to the earth and subtends a

maximum angle to the sun of 12 degrees at Jupiter. The array can pro-

duce a minimum power output of 78.5 watts at 5.05 AU after 637 days in

space. The solar array power output and control of the battery charge ¢

( and discharge is regulated by the po_ 'er control unit.

zt9 i <l
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' POWER CONTROL UNIT I

I 'I "J VOLTAGE J DISTRIBUTION _ 28 VOLT

T T ,, u ,r  oAos
i',BATTERY

HOUSEKEEPING

PERFORMANCE CHARAC TERIST ICS: LOADS

MAIN BUS VOLTAGE:28V', I% , BUS IMPEDANCE: OHM, 0-50kH z
SOLAR ARRAY POWER OUTPUT: 0.47 W/FT 2

AT 5.05 AU = 79 WATTS

BATTERY ENERGY: 48 W-HR AT 12.5V

SOLAR ARRAY AREA:

TOTAL FOR SIX PADDLES: 167 SQ FT

Figure 92. Solar-Array Based Electric Power Subsystem

The components of the electric power subsystem are the solar

array, a silver-cadmium battery, a power control unit, a shunt element

assembly, a DC-to-DC equipment converter, and TWT converters.

The solar array is sized to meet the power requirements of the entire

spacecraft at Jupiter encounter. Its initial power output capability is

about 1400 watts when oriented to the sun. A voltage booster is used in

the early part of the mission when a large amount of excess power is

available from the array. This power is available at a relatively low

voltage because of the high array temperature. As the spacecraft

approaches Jupiter the array temperature decreases and the output power

is available at higher voltages, but is greatly reduced. At encounter

to maximi_e the power available to the loads a shunt regulator is used

for control and the booster is bypassed.

6.6.1 Solar Array

The solar array is composed of n-on-p silicon solar cells inter-

connected in a redundant series-parallel matrix. The basic building

block is a module of three ceUs in parallel and six cells in series.

These modules are also connected in serie¢ to form a string. A string _ ,

: 220 <
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consists of 59 cells in series wiL,_ three sets in paral]el, cor a total 177

cells. There are 630 cells in parallel for 210 strings in the six identical

paddles. The total number of cells in the array is 37,170. As shown in

Figure _3, the module features an overlapped design which provides a

more effective area utilization than a flat cell layout. Molybdenum,

INTERCONN ECTOR

2. ¢05 /

l _ 0.o45O.025

i I

3. 825 CELLCOLLECTOR
MAXIMUM STRIP

I

_i8MOM __" CELLASSEM3LY

-[ .....................

o.oo4MINIMUM---I---jBUSS,_

Figure 93. Overlapped Cell Module Showing Dimensions
for a Six-Series Cell Arrangement

nonmagnetic solar cell interconnects are used. The characteristics of

the cells are as follows:

Solar cell: material: silicon

type" n-on-p (TiAg sintered contacts)

size: Z x Z cm

thickness: 0. 010 in.

efficiency: I0.5 percent (air mass zero, Z8°C) t

( basic resistivity: I0 ohrn-cm
I
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!

series re_stance: O. 5 ohm

I 138. 5 ma
sc

V 0.55v
oc

I 130 ma
op

V 0.431 v
op

P 56.0 mw
op

V temperature coefficient 2. 25 my/°C
OV

Cover slide: material" microsheet

size: 1.8 x 2 cm

thickness: 0. 006 in.

cut-off frequency: 0.410

6.6.2 Battery

The silver-cadmium battery, consisting of eleven 7-ampere-hour

cells, provides 50 watt-hour capacity at a nominal IZ. 0 vdc. As shown

in Table 29, this type of battery is adequate to meet the cycling life re-

quired by the mission. A maximum of i00 charge-discharge cycles is

assumed for nominal operation; the battery can tolerate at least 500

cycles without degradation. The Ag-Cd is preferred over the Ni-Cd

because it does not require the 1-watt constant trickle charge. The

battery is sized to accommodate a discharge of ZZ watt-hours from lift-

off until solar acquisition, plus a Z5 percent contingency, or a total of

28 watt-hou_ -. The battery is assumed to _ e discharged to a 60 p,;rcent

depth throu_' the 94 percent efficienct voltage booster.

6.6.3 Power Control Unit

The functions of the power control unit are to:

• Regulate main bus voltage when the solar array power
exceeds the connected loads

b Consume minimum power when the connected load power
is equal to or greater than the array power

• Provide an effective means to charge a silver-cadmium

batte ry

i 222 <
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Table 29. Candidate Types of Batteries

Silver- Silver- Nickel-
Zinc Cadmium Cadmium

eful life, months lZ-Z4 Z4-36 Over 36

[ seful life, cycles 50 500 3000

Depth of discharge, percent 30 50 75

Energy density, watt-hr/Ib 25 12 I0

Suitability for mission Marginal Yes Yes

Failure rate / 109 hours - 150 75

Capacity loss in two years, 100 35 10
percent

)

Battery weight 1or Jupiter- - 2.5 2.7
Pioneer, lb

Minimum power required, watts - 0 1.0

C Additional array required, sq ft - O 2. I
Additional array required, Ib - O I. 5

• Provide a means to discharge the battery when transient
load requirements exeed solar array capability

$ Pl_)vide a means to discharge the battery in an efficient
manner when the steady load requirements exceed solar
array capability

As shown in Table 30, a regulated bus is preferred since a 5-pound

weight saving is gained over the unregulated bus. Voltage regulation is

by either the boost or shunt regulators. _arly in the mission when there

is excess power, the boost regulator controls array power. However,

during this early phase array short circuit current is much greater than

Ioad'_requirements. A pulsewidth-moduiator controlled boost regulator
0

will step up the solar array voltage to the required regulation level

(Z8 volts + 1 percent) to charge the battery and supply the load. The
r

boost regulator is controlled by an error signal generat_.d by a conven-

( tional voltage sensor consisting of a differential amplifier and comparator.

223 <
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Table 30. Weight Effects of Regulated and
Unregulated Main Bus Power

Weight (lb)

Regulated Unregulated

Redundant PCU weight 10.0 9.0

Battery weight Z. 5 Z. 1

Solar array weight 116.0 121.5

Converter weight 2.5 4.0

Shunt assembly weight 3._.____0 3.0

Power subsystem total weight 134.0 139.6

The boost regulator will operate as long as the solar array output voltage

under load (input to boost regulator) is less than the load b,_s voltage

required under load. When the boost regulator input voltage is equal to

or greater than its output voltage the shunt regulator will limit the array

voltage to the required level. The shunt regulator can be controlled by

the same voltage sensor with the requirement of a shunt regulator "on :_

signal, which can consist of a threshold sensor.

The efficiency of the power control unit (encounter)is estimated

to be 94 percent, efficiency being defined as the ratio of the power

available at 28 vdc _+ 1 percent to the maximum solar array capability:

The primary losses are attributed to the diode drop (3 percent) in the

boost regulator and the assumed solar array temperature uncertainty of

+ 10°C (3 percent). System efficiency can be increased to approximately

97 percent at encounter by the addition of a relay bypass of the boost

regulator.

The charge control method for the silver-cadmium battery is to

charge the battery at a constant current to a voltage cutoff. The control

consists of a simple reeistor between the main bus and the battery to

permit the battery to be charged at a constant current (Z00 + 50 ma).

Charging continues until the desired charge cutoff voltage is reached,
r
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at which time the battery charge current is cut off. The battery is

separated ro,n the bus by a diode which would permit discharge only

during transient conditions or during solar array eclipse.

The diode coupling of the battery to the main bus after charging

permits the battery to supply the load bus when the array capacity is

ins ufficient.

, To improve the utilization of solar array power, a momentary

battery booster is employed to force the solar array voltage to a higher

level when an unnecessary battery-solar array load sharing condition

exists. U..nless the array is designed to supply adequate load current at

mimmurn unregulated bus volLage, or unless appropriate controls are

included in the system, a stable operating condition can exist in which

the battery is required to share the load with the solar array, even though

the solar array power capability at high voltage is adequate to support

the entire load. The momentary booster prevents this by:

• Detection of current sharing, by an unregulated bus voltage
detector and a sun gate signal (array oriented condition)

- • Boost momentarily the battery voltage via simple DC-DC
¢

converter

• Limit the duration of boosting action as well as the idling
inte r val

6.6.4 Equipment Converter

The equipment converter (Figure 94) ouerates from launch through

completion of the mis._':_n. The design (similar to that of Intelsat III)

consists of a main and standby converter. A f_ilure detector detects an

undervoltage or overvoltage failure in the main converter and auto'-

maticallg switches tca standby unit. The input and output filters are

made part redundant, eliminating the necessity of weight duplication.

The regulating loop include_ a drive oscillator whose natural

frequency is approximately 7 kHz but is synchronized to approximately

10 kHz by the regulator oscillator. By means of a saturable (timing)

inductor and a pair of clamping transistors, the drive waveform to the ¢

bases of the inverter transistors is made quasi-squarewave.
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Figure 94. Equipment Converter Functional Block Diagram

Integrating the resulting inverter waveform and comparing it to

a reference produces the error which controls the frequency of the regu-

lator oscillator, which in turn synchronizes the driver oscillator. The

net effect is to vary the on-time of the drive to the inverter, thus con-

trolling the voltage time integral of the inverter output. Three secondary

windings on the inverter transformer supply all the outputs. The 5-volt

output has its owr_ winding and the + 16 and + 12 volt output each share a

common winding.

The proposed design incorporates a closed loop regulation. It may

be possible to simplify the design by eliminating the voltage regulation

circuitry since the input is already regulated to + 1 percent. Detailed

studies of the load variations, transient response requirements, line

drops, may dictate the necessity for additional converter voltage regulation.

The overall converter efficiency at 13. Z watts output is 80 percent

minimum, r
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6.( _ TWT Converters

The TWT converters, of which there are two, supply regulated

power to the travelling wave tubes, and are similar to existing Pioneer

converters. One of the converter outputs is the TWT helix voltage of

approximately 1000 volts with precise regulation requirements of

+ 0. 5 percent. The TWT converters are commanded on or off separately

and are mutually exclusive in that one cannot operate while the other is on.

in addition, if the bus voltage drops below 28 volts, an undervoltage

command is sent to the TWT's to turn them off, to prevent defocusing the

TWT's and possible burnout. In addition, it removes the TWT load from

the bus, approximately 30 watts, allowing the bus voltage to increase.

The TWT converters are 80 percent efficient (minimum) and pro-

vide Z4.Z watts to the TWT. The switching frequency of the TWT conver-

ters is 5.6 kHz.

6.6.6 Perforn_ance

The critical factor affecting the performance of the electric power

( subsystem is solar cell efficiency at Jupiter encounter. Test data re-
veal that there is a combined low solar intensity and low temperature

effect on solar cell performance. Under these conditions the performance

of the selected 10 ohm-cm cells exceeds that of 2 ohm-cm, as shown in

Figure 95. Additionally, 10 ohm-cm cells are more resistant than 2 ohm-

cm cells to radiation degradation. The performance of the solar array

for encounter distance and beyond is presented in Figure 96. The data

in Figures 95 and 96 are based upon an array normal-sun line angle of

12 degrees, which is the worst expected angle at encounter, and the

degradation factors presented below:

Degradation Factors

Current Voltage
(%)

Assembly losses l l

Losses due to cover slide application 4

Charged particle irradiation Z

Ultraviolet irradiation I ¢

( Asteroid belt erosion _ 1

Total 14 Z "
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I'NOTE CELLPERF/DR_,',ANCEAT MAX PCNEP POIrCT
L

J

5 -- _E$1GN POINT 0.47 WATTS/FT 2 AT 5.05 AU

\
WATTS/SQ FT

2--

o I I I I I I
$ 6 7 8 9 10

DISTANCE FROM SUN, AU

¢

Figure 96. Solar Array Power Output as a Function
of Distance from the Sun /-)_
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-3
The design value used for the 10 ohm-cm cells is 2. 14 x 10 _att

per cell at 5. 05 AU for an array temperature of -130°C. Assuming 223

ceils per square foot for the overlapped cell assembly shown in Fxgurc "3,

vchich corresponds to a panel utilization of 95 percent, the power per unit

area is 0.47 watt/ft 2. The total required power at encounter including

a contingency of 5 percent is 78. 5 watts, which sizes the total array area

at 167 ft Z. This area is provided by six panels of 50 by 71. 5 inches.

6.7 Communications SubsYsten_

The four functions of the communications subsystem are:

. Uplink communicatien: RF reception and demodulation of
commands in binary FSK form

• Downlink communication: RF modulation and transmission

of serial binary data on one subcarrier

• Doppler coherence: phase lock of downlink carrier with
uplink carrier, when present

• ACS conical-scan signal: coherent amplitude demodulation
of the received signal

(

A block .tiagram of the communications subsystem is shown in

Figure 97, and its interfaces in Figure 98. There are three subsystem

antennas, a high-gain parabolic dish, a medium-gain, and a low-gain.

The low-gain antenna consists of two broad-coverage antennas, wired

together atRF. The subsystem has two receivers, two transmitter

drivers, and two TWT power amplifiers. The receivers and drivers

are similar to the present Pioneer equipment. The coaxial attenuators

(used to match a particular TWT into the circuit), the branch line

coupler (used as a passive power divider), and the power amplifiers

(8-watt TWT's) are standard Pioneer components. There are nine

coaxial swit,:hes of the type now used on Pioneer. The "automatic

receiver reverse" is a small lightweight component which furnishes

failure-mode protection.

The modulation scheme is the same as that of present Pioneer,

phase modulation for both up and down links. For the downlink, the ¢

incoming subcarrier signal is used to phase modulate the RF carrier

(
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Figure 97. Communications Subsystem Block Diagram

DATA _ DATA MODULATED FREQUENCY : 32,768 Hz

HANDLING _ SUBCARRIER CHIP RATES ¢ 4,096SUBSYSTEM

RF

COMMUNICATIONS 3 DSIF
TO DECODERS SUBSYSTEM ANTENNA'.

(1 BIT/SEC)

ACSSUBSYSTEM

Figure 98. Communications Subsystem Interfaces

by the transmitter driver. The modulation index is fixed at _ : I. I

radians for all bit rates. In the case of the uplink, the modulation index •

is fixed at _ : 1.2 radians. _-_,} _ :
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The two receivers are always connected to two different antennas,

one of which is always the low-gain antenna. Thus, there are four

receiving modes, as il]ustra.tcd in ]_'_g,lru '._(_. If receiver l is connected

to the low-gain ,.ntenna, then receiver 2 is connected to either the

medium- or high-gain antenna.

MEDIUM HiGH
OMNI GAIN GAIN

I ANTENNA ANTENNA ANTENNA

RECEIVER NO. 2 i

_'////.-,;,;;;

TWT NO. 1/DRIVER NO. ! YES YES YES

TWT NO. ]/DRIVER NO. 2 YES YES YES
(

TWT NO. 2/DRIVER NO. ] YES YES YES

TWT NO. 2"DRIVER NO. 2 YES YES YES

Figure 99. Communications Subsystem Receiving
and Transmitting Modes

This arrangement protects the mission against the failure of any

one of the three antennas or either of the two receivers, with one exception.

Should the receiver connected to the low-gain antenna fail at a time when

the spacecraft is not earth pointing, it would then not be possible to _.

command the spacecraft. The automatic receiver reverse is incorporated
as protection against this possibility. If 3Z hours pass without a signal .v

presence indication from either receiver, this circuit automatically

reverses the receiver-antenna set in operation. The reversing circuit,

shown in Figure 100, includes 17 dividers and a clock, all of which are ¢

flip-flops.

( .,
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PERIOD =
SIGNAL PRESENr 32 HOURS

RECEIVER ,._ PERIOD =

NO. I _ 16 HOURS
PERIOD =
8 HOURS

RECEIVER I

NO. 2 _ RESETAND HOLDI

I CLOCK _ -2 I- '---

I 1.14HzIf, , _ j
PERIOD = Y

TELEMETRY,
i/212 HOURS INDICATING ACCUMULATED

PERIOD = TIME IN HOURS

i/211 HOURS

Figure 100. Automatic Receiver Reverse

It is possible to transmit using either of the two drivers with either

of the two TWT amplifiers together with any one of the three, antennas,

regardless of whether or not the antenna may be simultaneously used for

receiving. It is also possible to transmit directly from driver ] with

the low-gain antenna. Thus there are 13 transmitting modules, as shown

in Figure 99.

6.7. I Receive

Like present Pioneer receivers, the Jupiter Pioneer receivers

are frequency addressible, at 2, ]I0.9Z5154 and z, 110. 584105 ]ViHz.

Also like present units, the receivers employ phase-locked loops, which

track the received carrier and coherently demodulate its phase modu, a=ion,

to send to the command decoders.

Unlike the present Pioneer, the receiver for Jupiter incorporates

automatlr gain control, with a 70-db dynamic range of linear operation.

The AGC cutoff frequency is between 1 and 20 Hz. The AGC feetaback

signal is provided as output to the attitude control subsystem, _'ith

approximately a fixed number of volts per db. For strong input signals,

above the linear range, the receiver gracefully saturates. In addition,

• the receiver noise figure is 6 db, an improvement over the present I0 db. ¢

When not locked, each receiver performs an auto_natic frequency search

by sweeping overa set frequency band. The loop bandwidth is 80 Hz when _'_ ,,
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searching, switched automatically to 20 Hz when locked. Thus there is

no limiter preceding the phase detector. A preliminary block diagram

of the receiver is shown in _'tgurt' 101.

V B'VN _ 5 _ Hz Ov 60 db b"It, =20db I V''V IB_ I_"Hz[ _, w"_-_ ISTO6Odh _x._-_ AMPLIFIEr

£ I I

E i I

4_'_-----f FILTER • e

4. �TELE,ETRY R,ER
) I _,W'_, P I ! ] PRESENCE I "-'1_ _TR_NGTM

I I ........ I I J NETWORK I.-4l,. TELEMETRY CARRIER

I _ [ I[ l ' " PRESENCE

t t t
I , _ COME_ENT

..... .r-------_ Ai E_,---_-----..ll_,TRAN SM ITTER

( I IL./ 12F I

v D; TA OUTPUT

CONICAL SCAN
-I_ SYNC OUTPUT

Figure 101. Receiver Block Diagram

; The uplink command rate is 1 bit/sec. Table 31 is a check poin,

power budget computed under the following conditions:

Spacecraft antenna: 9-footdish

Range: 6 AU

Frequency: 2. 1 gHz

Ground station: 85-foot DSIF

Receiver noise figure: 6 db

Polarization: circular-to- circular
t

Pointing losses, receiver coupling loss, and polarization loss have been

( assigned typical values. Modulation index is set at B = 1.2 radians, \
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Tabte 3I. Check Point: Uplink Power Budget

Available Signal-To-Noise

1. Transmitter power (10 kw) 40

2. Coupling loss (transmitting) - 0.4 dbw

3. Transmitter antenna gain (85-ft dish) 52. 5 db

4. Pointing loss (transmitter antenna) 0

5. Space loss (6 AU) -277.93 db

6. Polarization loss - 0. 5 db

7. Spacecraft antenna gain (9-ft dish, 50_/0) 32.72 db

8. Pointing loss (spacecraft antenna) - O. 5 db

9. Coupling loss (spacecraft) - 1.5 db

10. Total received power, S -155.61 db:,,

: 11 Noise density, N (6 db N. F. ) 198.0 dbw/Hz

12. Signal-to-noise density ratio available 42.39 db-Hz

I Required Signal-To-Noise (at I ,_Jit/sec)

13, IdealSNR for P : 10-5 13 4 db _-.

C ° _ )

14. Synchronization and limiter degradation 8.0 db "_

15. Required SNR 21.4 db

16. Bit rate 0 db

17. Required (data power)/N 21.4 db-Hzo

18. Data modulation loss (_ = 1.2) 3.01 db

19. Required signal-to-noise density ratio 24.41 db-Hz

Carrier Performance (at signal-to-noise : 24. 41 db-Hz)

i 20. Carrier modulation loss (fl : I. 2) - 3.47 db
21. C/N 20.94 db-Hz

O

22. Threshold C/N ° (6 db in 2 BLo - 20 Hz) 19.03 db-Hz
23. Relative carrier power (db above threshold) I. 91 db

24. Power margin (Item 12 to Item 19) 17.98 db



and a minimum power margin of 3.5 db is required, computed as the

sum of negative tolerances. The result is a power margin of 13.12 db

(item 24).

A simplified method has been used to arrive at the required S/N °.

The minimum ideal signal-to-noise power ratio (where noise bandwidth

equals the bit rate R) is taken as

(data power) - 13.4 db
NR

O

-5
(item 13) for an error probability of 10 To this amount is added 8 db

of degradation accounting for limiting, carrier synchronization, and bit

synchronization (item 14). The sum is the required (data power)/NoR,

which is then modified by rate R and data modulation loss to compute

required S/N ° .¢.

Required S/N ° , item 19, can be interpreted as the "command

threshold" expressed in terms of receiver signal-to-noise density ratio.

Expressed in terms of received power, the command threshold i_

S = -143.6 dbm (item 19 plus item 11).i

Received signal power as a function of range is presented in

Figure t02 for a variety of spacecraft antenna and ground stotion combi-

nations. Several conclusions are apparent from this graph. The space-

craft can be commanded at Jupiter range from a 210-foot DSIF through

either the low-, medium-, or high-gain spacecraft antenna. The space-

craft can be commanded at Jupiter range from an 85-foot DSIF through

the high-gain spacecraft antenna. The spacecraft can be commanded

from an 85-foot DSIF through the low-gain antenna out to a range well

beyond the second midcourse correction (which occurs at about 0. 1 AU).

The conical scan signal can be provided at the first midcourse correction

(about 0.0Z AU) through both medium- and high-gain antennas using

either an 85- or a Zl0-foot DSIF with transmitted power reduced to about

1 kw.

Any phase modulation produced by conical scan of a spacecraft ¢

antenna will not disturb the ability of the receiver to phase lock on the

(_. carrier, deliver the command output, or deliver the attitude control ,
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i Figure 102. Uplh_ Communication Capabilities
t

output. The spin frequency, about O. 1 Hz, is so much less than the

phase-lccked loop bandwidth, ZO Hz, that any phase modulation _rH1 be

tracked out by the carrier loop.

Sun noise can have an appreciable effect on the uplink power

budget. There are three times during the mission when the sun-space-

craft-earth angle approaches zero. The third occurs when the spacecraft

is near Jupiter, either before encounter or after, depending on the specific

trajectory. The degradation to the uplink depends on which spacecraft

antenna is used and on whether the sun is quiet or disturbed. Near

3upiter the antenna temperature and db degradation in the uplink have

been calculated according to the method of the Advanced Planetary Probe !¢
!

Study (Final Technical Report, July ZT, 1966, Vol. 4, Ap_,. G): O t_
!
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High-gain antenna

Antenna temperature, T a (OK) 110 quiet sun
22,000 disturbed sun

Uplink degradation (db) 0.44 quiet sun
13.46 disturbed sun

Medium-gain antenna

Antenna temperature, T a (OK) 2.76 quiet sun
550 disturbed sun

Upllnk degradation (db) 0 quiet sun
1.84 disturbed sun

Of these four combinations, the only serious degradation occurs when

the high-gain spacecraft antenna points at the disturbed sun, an event

with low probability.

The medium-gain antenna looks at the sun more often since it

has a broader beam and a larger offset angle of conical scan. However,

the worst case degradation with the medium-gain antenna is small enough

_- to be of little consequence. The two other instances during the mission f

when sun noise can affect the uplink produce similar amounts of

degradation.

With respect to Jupiter noise, the worst case condition is that _

in which the planet covers the entire beam of either high- or medium-gain _

antenna. In either case, the antenna temperature is 1350 degrees, which l

ftranslates into a noise degradation of 3.6 db, of little consequence as

Figure 10Z demonstrates.

Adding AGC to the Pioneer receiver is a consequence of the coni-

cal scan requirement. Adding automatic sweep capability to the recei-

ver phase-locked loop provides the foUowing advantages over the present

design:

• Acqttisiflon is automatic, with no sweeping of ground trans-
mitter required.

• The sweep range is independent of phase detector oHset
voltage. Compared with the present receiver, whose rest ' ¢
frequenc F is affected bF phase detector offsets, the modi-

C I fled receiver has a much improved drift characteristic.
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• The loop stress measurement telemetered to the ground is
an accurate record of crystal drift. In the present receiver,
loop str_ ss is due to crystal drift plus phase detector offset.

• With the automatic sweep circuit, the receiver is easier to
build.

• The probability of false lock is greatly reduced and the round
trip transmission time will be saved during acquisition.

An alternative to the use of automatic bandwidth switching,

from 80 Hz when searching to Z0 Hz when locked, is to use a limiter

prior to the phase detector. When a limiter is used, as in the present

Pioneer receiver, the loop bandwidth varies as a function of input signal-

to-noise ratio. The decision between these two choices is not critical.

Automatic bandwidth switching has been selected because of the advantage

that the output signal level delivered to the command decoders is inde-

pendent of received signal power, depending only on modulation index.

6.7. Z Transmit

The transmitter drivers are identical units each having 50 mw

output power, the same as on the present Pioneer. Modifications to allow

i use a 32, frequency chip rates up I are
O_ 768 Hz carrier and 4096 minor

(there are Z chips per information bit) and the physical appearance,
weight, and power are the same as for present Pioneer design.

A downlink power budget is presented in Table 7" under the

conditions:

Range: 6AU

Spacecraft antenna: 9-foot dish

Tz_smitter power: 8 watts

Frequency: 2.3 gHz

Ground station: 210-foot dish

Polarization: circular-to-circular

The modulation index is p = I. 1 radian8, which is optimum at the signal

• level of interest. The 3-Hz receiver phase-locked loop is assumed; the

._ ground antenna is at seldth, and pointing sufficiently far away from the ;

: sun and Jupiter that no appreciable noise i8 received from these two "

0, sources; pointtn 8 losses (items 4 and 8 in Table 321, polarization loss '

%

z38
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Table 32. Check Point Downlink Power Budget

Available Signal-To-Noise

I. Transmitter power (8 watts) 9.03 dbw

2. Coup]ing loss (spacecraft) - I.7 db

3. Spacecraft antenna gain 33.42 db

4. Pointing loss (spacecraft antenna) - 0. 5 db

5. Space loss (6 AU range) -278.73 db

6. Polarization loss - 0. 5 db

7. Receiving antenna gain 61.6 db

8. Pointing loss (receiver antenna) 0

9. Coupling loss - 0. 2 db

10. Total received power, S -177. 58 dbw

II. Noise spectral density, N (30° system

temperature) o -213. 8 dbw/Hz

12. Available S/N 36.22 db-Hz
o

Required Power Margin

13. Total power mar_in 4.6 db

Maximum Data Rate (when S/N = 31.62 db-Hz)
O

14. Carrier modulation loss (_ = I. I) - 6.78 db

15. C/N = carrier-to-noise density ratio 24.84 db-Hz
O

16. Threshold C/N ° (for 0 db SNR in 2 BLo = 3 Hz) ° 4.77 db-Hz

17. Relative carrier power (db above threshold) Z0.07 db

18. Loop bandwidth, 2B L = 22.9 Hz 13.00 db-Hz

19. Loop SNR II. 24 db

Z0. Data modulation loss (/3 = I. I) - I. 0 db

Zl. D/N = data-to-noise density ratio 30.62 db-Hzo

22. Synchronization losses 2.88 db

Z3. Required SNR = D/NoR (with codzng) 3.8 db

24. Resulting noise bandwidth = data rate =
R = 248 bits/sec 23.94 db-Hz

G
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(item 6), and coupling loss (item Z) have been assigned typical values;

and a power margin of 4. b db is required.

The required power margin of 4.6 db is Lhe sum of adverse

tolerances, so selected because it is premature to assign specific tol-

erances at this point. A margin of this type, the sum of adverse

tolerances, is related to guaranteed performance assuming no equipment

failures; actual performance can be expected to be better. The formulas

used for space loss and antenna gain are given in Appendix 4. Methods

of calculation for achievable Pit rates are also discussed in that appendix.

The check point budget assumes a Zl0-footDSIF. If an85-foot

DSIF is used, the receiving antenna gain is reduced by 8.1 db and system

noise increased by 1.76 db. The +otal reduction in available signal-to-

noise density ratio S/N ° is 9.86 dL, Reduction in available signal level

can be accommodated by lower bit rates. Effects of bit rate are pre-

sented in Figure 103, which shows required signal-to-noise density ratio

as a function of bit rate.

"z /
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° /Z

J B=]'I

0 33 - /

z 32- /

_ CHECK POINT

_) 31- J
o /
,Jl

3o- /
__ /
a /
_w__/
W

1 I I I I
IGO 200 300 4O0 50O 6OO 7OO

DATARATE(IlTS/SEC)

Figure t03. Rel&tionsbip Between Data Rate and
Requbred Signal Level
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The probability distribution ofachievable bit rates at Jupiter has

been estimated as follow_. The mean bit rate is defined as that calcu-

lated using 0 db mar_,_: in the power budget. The 3a extremes are

defined by adding ant ,-.ubtracting the IRSS tolerances. Since tolerances

have not be_n assigned, we use RSS = 1.44 db, which is extracted from a

pre_dous Pioneer power budget. It is "-lso felt that the DSIF system

temperatures quoted in the Work Statement are somewhat pessimistic,

and that in a probabilistic calculation an attempt should be made to pro-

vide nominal temperatures. Accordingly, from examination of Pioneer

tracking reports, the following nominal values were assigned,

.System Temperature (OK)

Listen Only Two Way

210-foot DSIF 18 29

85-foot DSIF 40 45

With these exceptions, the same conditions as the above power budget

are assumed. The available signal level that results is:

(
Signal Level (S/No)

Nominal Worst .,
Value +3a -3¢r Case

210-foot DSIF _Listen only 38.44 39.88 37.00 33.84

Two way 36.37 37.81 34. 93 31.77

85-foot DSIF iListen only 26.88 28.32 25.44 22.28
't

tTwo way 26.36 27.80 24.92 21.76

When these values are translated into bit rate, using Figure t03 the

resulting rates are:

Bit Rate (bits/sec)

Nominal Wors t
Value +3_ -3a Case

210-foot I_IF _without uplink 1260 1740 910 455 •
-a

- /with uplink 780 1100 591 257
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Nominal Wor st
Value +3_ -3o- Case

85-foot DSIF _witbout uplink 6Z 95 40 16

_with uplink 5Z 81 35 13

Figure !04illustrates the nominal 3(T and worst case values at encounter.

Bit rate also varies as a function of range. Figure 105 shows guaranteed

bit rate as a function of range for both types of ground _tation.

• NOMINAL VALUE

• THREESIGMA (OR ROOT SUM SQUARE)VALUES

• WORSTCASE(OR SUM OF ADVERSETOLERANCES)VALUE

APPROXIMATEPROBABILITYDENSITY

85FTDSIF 210FTDSIF
52 780

_.e-.---,-- NOMINAL ------,--_ h

UPLINK TRANSMISSION
3 100

_-

WORST CASE 62 WORSTCASE i 206

I ,6 _,-_i , j
, III

l0 100 1000 IO,O00
OATA_TE (ms/sEc)

Figure 104. An Estimate of Achievable Bit Rates
at Jupiter with Probability off Success

Sun noise in the downlink is prohibitive whenever the sun is within

the main beam of the DS/.F. Thus downlink communication must cease

when the sun-spacecraft-earth angle il less than about O. S degree (one

sun diameter). However, if this condition is encountered it will last

less than one day.

Jupiter noise has a minor effect on the downlink. The beam dia- t

meter of the 21D-foot DSIF at Jupiter is approx/mately I0 Jupiter diameters.

Using the method of Advanced Planetary Probe Study (Final Technical O ,
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Figure I05. Downlink Communication Profile (_ = 1.1)

Report, July 27, 1966, Vol. 4, App. G), it is calculated that the antenna

temperature, when Jupiter is exactly in the middle of the 210-foot DSIF

beam, is I S°K. To this is added the nominal system temperature, 30 deg-

rees, to get a tutal degraded system temperature. The resulting degra-

dation is graphed in Figure 106. The degradation does not exceed 2. S db.
¢

With the 8S-foot DSIF, T a = _. 4°K and the degradation is extremely small.

C ,
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Figure 106. Downlink Degradation Due to Jupiter Noise

When the driver is used for transmission through the low-gain

antenna, a reasonable amount of communications capability is possible

near earth. Compared to the 8-watt TWT Lransmitters, the 50-mw

driver is Z2 db lower. Compared to the high-gain dish, the low-gain

antenna (assuming 1 db gain) is 32.4 db lower. TI___ total of 54.4 db

is compensated by the sho*'t range early in the mission. Thus, for

example, the communications capabilities in Figure 105 are available at

a range of 0.01 AU, which is not exceeded for about two days after launch.

The downlink modulation index is set at 1.1 radians for the whole

mission. An alternative is to vary _ as a function of bit rate. The

effects of varying _ have been evaluated (Figure 107) by repeated calcu]a-

tions of the type done for Table 32. It can be seen that _ = 1. lis _ ) %
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Figure 107. Effects of Modulation Index on Downlink ."
Pe rforrnance

optimum for all rates less than 370 bits/sec. Above this rate a minor

improvement can result from increasing fl slightly. It is felt, however,

that the reliability advantages that result from a fixed modulation index

more than offset the minor gain at high bit rates to be achieved by imple-

menting a variable-index downlink.

The RF switches selected are those of the present Pioneer, which

are electromechanically switched coaxial devices. Table 33 compares

this type with solid-state switches (involving PIN diodes). The table

shows the electromechanical switches to be preferable in almost all

categories. The primary considerations are attenuation and isolation.

For received switching itis important thatthe isolationgreatly exceed , •

the difference between two signals coming from differentantennas. Other-

C wise mutual interference will cause an irregular pattern of antenna gain.

................................... J
II I I IUIII .,., . ' ,_ .......... " ' , ......................

i iii "+ i i
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Table 33. Comparison of Electromechanical and
Solid-State Switches

Electromechanical Switch Solid-State Switch

Typical Amount Typical Amount

Attenuation Low 0. 1 db High 0. 5 db

Isolation High 50 db Low 25 db

Switching time Slow 1 msec Fast 5 nsec

Drive Pulse 7 watts x 1 msec Continuous (depends on
power level)

VSWR Low 1.2 Low 1.2

Power handling High watts Low milliwatts

Weight 6 oz 4 oz

If solid-state switches are cascaded to improve isolation, excessive

attenuation becomes a problem. For transmitter switching, attenuation

is especially costly, since bit rate is a primary figure of merit of the

whole mission. Drive power for solid-state transmitter switches is a

significant factor too, for continuous drive must be provided, at a level

comparable to the level being controlled.

Whereas the amplifiers in this design are the same 8-watt TWT's !

now in use on Pioneer, it is not improbable that new TWTfs with !

: improved efficiency will be available at the time of final design. The i
t

present units have an efficiency (DC to RF) of about 33 percent. If the t

efficiency were increased to 39 percent, the saving in prime power,

assuming an 80 percent voltage converter efficiency in both cases,

would be 3.4 watts, a significant improvement. Another possibility

is the use of one 4-watt and one 8-watt TWT, to provide a certain

amount of backup capability in the event of a power shortage, due per-

haps to equipment failure or operation at greater distance from the sun
¢

than Jupiter. Hughes Electron Dynamics Division has stated it can

supply a 4-watt TWT at a nominal 31 percent efficiency (a modified 214 H).
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Thus, relative to the present unit, about half or 16 watts of the amGunt

of prime power can be saved. Of course, other choices of power level

in the range 3 to 5 watts will result in comparable prime power savings.

A third alternative is to use -'or one of the two power amplifiers a dual-

power TWT. Hughes has quoted, for a dual mode 8-watt and 4-watt

TWT, the following nominal efficiencies:

8 watt 4 watt

Traveling wave tube, % 39 31

Power supply, % 83 80

Watkins-Johnson Company has quoted for a dual mode TWT and its

converter the following specifications:

Frequency: 2295 _+ 5 MHz

Noise figure: 30 db maximum

Second harmonic attenuator: 10 db minimum

Temperature range: +30 to 125°F
f

' Weight: 5 lb i

Size: 11 x 6 x 2.5 in.

Operating modes: 4 watts RF output and 8 watts
RF output

Efficiency: P(_wer supply at 4-watt mode: 78%
Pr:wer supply at 8-watt mode: 81%

_*'_T at 4-watt mode: 38%
TWT at 8-watt mode: 40%

Although the above TWT amplifiers have quoted superior characteristics

than the existing Pioneer, the amplifiers ;_s well as the converters

require development and for this reason _ are not selected.

6.7.3 AntennasnH

The antenna system incorporateD:

• High-gain antenna centered on the spin axis _ •

, • High-gain displaced beam for a fine scan function
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• Medium-gain displaced beam for a coarse scan function

• Low-gain antennas for essentially omnidirectional coverage

• Dual frequency radio propagation experiment antenna

The requirements for this system are listed in Table 34. The

high-gain "on axis" antenna, and the '_fine scan" antenna are the same

system with the feed offset electromechanically. All elements of the

antennas, with the exception of the aft low-gain antenna and the couplers

and diplexers, are located in the main antenna feed housing. The arrange-

ment is shown in Figure 108. The feed housing is supported forward of

the main parabola by a tripod structure of hollow tubing. These tubes

contain the transmission lines (coaxial cables), electrical circuit wiring,

and the gas line for the forward AV thruster engine. The tripod is

attached directly to the forward frame of the spacecraft. Cutouts in

the main parabola allow the tripod arms to pass through.

The forward low-gain antenna consists of an archimedean cavity-

backed spiral mounted on the forward end of the main feed assembly.

The spiral circuit is etched on a copper-plated fiberglass substrate board.

The circuit is centered over a quarter wavelength cavity and fed by an

infinite balun. Fig_ire !09 i11ustrates the physical features.

The aft low-gain antenna is a conical log spiral. The circuit is

wound on a fiberglass cone and Covered with a layer of epoxy resin.

Figure II O shows its dimensions. The aft low-gain antenna is located

on the rear of the spacecraft betwe_.n the _V thruster and the mounting

ring of the TE-364 motor. The two low-gain antennas are coupled

electronically by means of coaxial cable and a 4.5-db directional

coupler. The coupling ratio is selected such that 37 percent of the

power goes to aft omni and 63 percent goes forward.

Figure I I I shows the voltage radiat/on pattern from an existing

; archimedean cavity=backed spiral designed for S-band. The ripples

on the pattern show the axial ratio since the pattern was taken with a

rotating linear dipole. The axial r&t/o is generally less than 2 db over

most of the beam. The gain of the element is 7 db by itself. Input •

VSW_ is less than I. 5. The aft low-gain voltage radiation pattern is ('_
l
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Table 34. Requirements for the Antenna System

Low-Gain Antenna

Frequency:

Transmit 2280 to 2330 MHz
Receive 2100 to 2120 MHz

Coverage Omnidirectional

Polarization RH circular

Gain Consistent with coverage; higher on the
earth looking side

Medium-Gain Antenna

Frequency:

Transmit 2280 to 230 _Hz
Receive 2100 to 2120 MHz

Beamwidth 25 deg minimum

Gain 15 db

Polarization RH circular

Axial ratio 3 db within 3-db beamwidth

Alignment Tilted to spin axis such that the gain along
the spin axis is -3 db from the peak gain i

Hi_h-Gain Antenna !

Frequency: '-

Transmit 2280 to 2300 MHz
Receive 2100 to 2120 MHz

Beamwidth 3 deg minimum

Gain 33.42 db

Polarization RH circular

Axial ratio 4 db within 3-db beamwidth (transmit)
Z db within 3-db beamwidth (receive only)

Alignment Focal line colinear with spin axis; must also
be capable of being offset from the focal point
such that the 3-db beamwidth falls along the
spin axis

Radio Experiment Antenna

Frequency 400 and 1250 MI-lz

Polarization Circular l

, Gain Maximum possible the 9-footusing parabola
t
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Figure li I. Archimedean Spiral Antenna Polar
Radiation Pattern

shown in Figure 112. Again the axial ratio is shown by ripples on the

pattern. Gain of the antenna by _tself is 0.5 db. The coupled radiation

pattern is shown in Figure t 13.

The medium-gain antenna is a single conical horn, with a 1Z-inch

aperture and a slant length of 18 inches. The antenna is used to coarsely

align the spacecraft spin axis with the earth. To that end the antenna

pattern is tilted from the spin axis of the spacecraft, setting up a conical

scanning system.

Several medium-gain antennas were considered, a helix, horn, and

an array of horns. The helix is attractive because of the small cross

section of physical aperture (0.32_) required. The problem with the

helix is that it generates back lobes as well as the dominant lobe. O ,
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Figure !IZ. Conical Log Spiral Antenna Polar
Radiation Patte rn

ARCHIMEDEAN SPIRALFORWA,qD
CONICAl. LOG SPIRALAFT
COUPLER 2.0 db FORWARD

4.3 db AFT

Figure ii3. Polar Radiation Combined Pattern
t
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Under normal conditions this would be acceptable, but in the present

case we wish to locate the medium-gain antenna on the back of the main

parabola feed area. Backlobes from this area would be intercepted by

the parabola, generating an undesired pattern in the region of the

desired pattern from the helix. The parabola has a gain on the order

of 33 db. The desired gain from the offset medium-gain antenna is 15 db.

When the spin axis is aligned with the ground station, this will actually

be 12 db (-3 db due to tilt of axis). Assuming a -20 db back lobe from

the helix, undesirable beams of the same approximate magnitude as that

from the helix will occur within the angular region of interest, causing

ambiguity. For this reason, the helix is unacceptable.

The array of horns was also considered because of the desire not

to disturb the location of the thruster engine on the spin axis. The

problem with the array was a nonsymmetrica! beam, which creates a

• noticeable error in determining the zero crossing point. In addition,

four elements are required plus power dividers, making a rather complex

and heavy system.

The single conical horn was selected as the best antenna because

of the low backlobes which can be obtained. The aperture of 12 inches

and slant length of 18 inches at 2300 MHz are 2, 34 and 3.5 wavelengths.

i Gain from the horn is calculated as

G = 10 log _ - S

where S (I. 2 db) is the loss from phase errors at the aperture caused

by the flare angle and D is the aperture diameter.

Gdb = 10log -- - l.Z = 17.33 °1.2 db

_ Net transmit gain at peak = 16.13 db. _imllarl F the receive gain at

peak is 15.93 db. The beamwidth for this antenna is 68k/D or 29 and

32 degrees, respectively, for transmit and receive frequencies. The

r attitude control subsystem analysis are based upon a 15 db receive gain

0: and a 20 degree beamwidth.
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The high-gain antenna consists of a 9-foot focal point fed parabola

with a focallength to diameter ratio (f/d) of 0.4. The feed for the para-

bola provides an edge illumination of approximately 10 db. The 9-fool

diameter is maximum for shroud dimensions without folding of the

reflector. For fine alignment of the spin axis, the feed is designed with

an electromechanical device to offset the feed so that beam is tilted off

the axis 1.66 degrees to the 3-db point.

The high-gain antenna i'eed (Fi_;ure it4) consists of the equiangular

cavity-backed spiral. The cavity is a q,_arter waveleng*h deep. The

_perture of the spiral cavity is 4 inches in diar_eter (0.7A) and flares to

r. 5 inches in diameter (0.8k) to provide the -10 db taper for the parabola.

/

|.01N. j 1.5 IN. _'_J /

"_ - _ TNC CONNECTOR

-_---- j

L
i

I
I
I

DIAMETER [ _s

I
I 4.2 IN.

_ _ _ DIAMETER

, !|

Figure ! 14. Main Downlink Antenna Feed

The proposed high-gain antenna feed mec:;anism co-_4_ts of an

all flexure support configuration as shown in Figure ll_ "! ; feed has

two stable positions. The flexure supports are loaded by .ajustment

of the turn-buckle on the overcenter spring assembly. This produces

a "buckled column" out of the feed flexure support assembly. The •

turn-buckle loads the column such that a necessary but not excessive !i ,

<
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force is reqaired to move the feed from one stable position to the other

stable position. The energy required to position the feed is produced

by a push-pull solenoid. Adjustable feed stops provide positive feed

positions. The metal coaxial cable leading to the feed is flexed to pro-

vide for its movement.

To decrease the stroke, the solenoid is mounted near the attach-

ment end of the flexure supports as shown in Figure ll4. A short stroke

has the advantage of permitting flexure mounting of the plunger, thus

eliminating any sliding contact. The actuation requirements can be

satisfied by a 0.8-pound soler, oid. The solenoid is sized for a work

capacity of 0.63 inch-pounds, compared to an estimated theoretical

requirement of 0.25 inch-pounds. The additional capacity provides

margin in terms of force or stroke to account for temperature extensions.

In case of solenoid failure the feed would be displaced to the off-

center position by means of the explosively-operated dimple motor

shown in Figure l t4.

The gain expected from the high-gain antenna is calculated'as

follows :

d = 9 ft, f/d = 0.4 f = B.6 ft

at 2.3 gHz = 5.15in. or 0.428 ft

The aperture directivity is

(_)2 [3, 14(9)] 2D = 10 log or 10 log L°-428 j = 36.3 db

from which the following losses muse be subtracted:

• Illumination and spillover 1.40

• Surface errors (0. 1 in. rms) 0.20

• Aperture blockage (18 in. ) 0.90

• Cross polarization 0.18

• VSWR (I. 5-1) 0.20

C) i (i "
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Net transmit gain at peak is 36. 3 - 2.88 --33.42 db. Similarly for

receive, the net gain is 32.72 db. The half-power beamwidths are

70X/D or 3.33 and 3.65 degrees for transmit and receive.

To c,'fsetthe feed such thatbeam is tiltedoffthe axis 1.66 degrees

to the 3-db downpoint, the lateral movement required is

Ad = 3.6 tan 1.66 deg - 3"610"029) - 0.119 ftor 1.43in.
beam deviation factor 0.875

The antenna system also includes the radio propagation antenna,

an archimedean cavity-backed spiral to cover the band from 400 to

1250 MHz. _lhe antenna has a hollow center area to accommodate the

high gain. The cutout is 7. 5 inches in diameter to enable the high-gain

feed to be offset 1.43 inches for fine alignment.

The primary effect of including the radio propagation antenna is

aperture blockage of the high-gain communications antenna. The

cavity-backed spiral must be at least 16 inches in diameter to operate

at 400 MHz. This result in an aperture blockage loss of 0.44 db, derived

by

where

N B is blockage (%) loss

d is blockage diameter

D is parabola diameter

The displaced feed points of the archimedean spiral necessitated i

by the central mounting of the main antenna feed, will require a balun

tand transformer network in order to provide the proper phasing of

the elements. 1
!

6.7.4 Diplexers !

The diplexers for the Jupiter Pioneer are identicalto those used ¢
on the current Pioneer. Those are commercially available units pur=

chased from a vendor. The only exception is a slightincrease in the
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passband insertion loss from 0.5 to 0,75 db. Also there may be a

minor variation in the physical envelope to facilitate mounting.

6.8 Data Handlin_ Subsystem

The data handling subsystem consists of the three units shown in

Figure I15, a dual command decoder, a digital telenqetry unit w}-_ich

contains built-in redundant circuits, and a data storage unit containing

49, 176 bits of core storage. The design is based upon the use of bipolar

integrated circuits for the logic and MOS integrated circuits for the

multiplexer gates and the backup video buffer.

Thedesign of the digital telemetry unit uses the same technique

for time multiplexing both science and engineering as now used in

Pioneer. The design provides increased data capability and a patch plug

technique to provide flexibility. The command decoder is a modification

of the existing Pioneer decoder. The m_di_ication includes the change of

the command format and word length and the use of the integrated circuits.

COMMAND DECODER
II

I I
DECODERI I

AUDIO INPUT FROM I NO. ! I

SPACECRAFT RECEIVER J I NRZ COMMAND BITS

J. ] _ TO CDU

J DECODER J COMMANDS

j NO. 2 J _ POWER GATE

L j TOCOU

COMMANDS

CLOCK DIGITAL STORAGE UNIT

TIMING AND CONTROL (DSU)

TO EXPERIMENTS _ DATA 49t 176 BITS

VIDEO DATA _ _
CONTROL

,IP,

DIGITAL TELEMETRYUNIT
(DTU)

SCIENCE DATA

BIPHASETO
=- TRANSMITTERENGI!_IEERING DATA

I

Figure i15. Data Handling Subsystem Simplified •

Block biagram _ :
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6.8. I _'unctio1_alDescriptio:_____.

The data handli,_g subsystem performs four basic functions: I) data

sampling the formatting, 2) data storing and buffering, 3) command pro-

cessing, and 4) ti_xaingand control signals to the experiments.

Science, video, and engineering data is sampled (time multiplexed)

and formatted into _ serial bit stream which modulates the telemetry

transmitter. Additionally, the serial bit stream is coded by a convolu-

tional coder to increase the effective transmitted data rate.

Twelve data formats (Figure 116) are available and selectable by

ground comrle,,d to format data during various phases of the mission.

FORMATS

SCIENCE J ENGINEERING

(BASIC FORMATS) IIFORMAT COMBINATIONS) J

,--'CRUISE - A A AND B --SCIENTIFIC INSTRUMENTS C-I C-I,
C-2,

mASTEROID - B A AND g -- ELECTRICAL SUBSYSTEMC-2 C-3,AND

mOCCULTATION - D E AND F mCOMMUNICATION SUBSYSTEM C-4
C-3

mENCOUNTER - E
-- ORIENTATION AND MIDCOURSE

VIDEO - F C-4

t
THE VIDEO FORMAT MUST BE TRANSMITTED WITH THE ENCOUNTER FORMAT.

Figure li6. Data Formats

The formats are divided into two groups, science and engineering. The

five science formats are cruise (A), asteroid (B), occultation (D),

encounter (E), and video (F). Formats (A), (B), and (D) consist of 19Z

bits each, and formats (E) and (F) contain 384 bits each. The video for-

mat (F) is not transmitted as a separate format since it does not contain

all the necessary identification words; it must be transmitted together

with the encounter forrr, at. These five forma',s can be combined to form

three additional formats, Fo.,_rnats (A) and !B) can be combined to form

a 384-bit format; forn,ats (A) and (D) can be combined to form a 384-bit •

C format and formats (E) and (F) can be combined toform a 768-bit format.
t



The engineering formats consist of four subformats, 19Z bits each.

These consist of scientific instruments (C-l), electrical subsystem (C-Z),

communication subsystem (C-3), and orientation and midcourse (C-4).

These formats are normally subcommutated as a single subcomm (768

bits) within the engineering subframe words of the science format. How-

ever, these four subformats can be individually placed on the main frame,

replacing the science format. In this case, the main frame is again igz

bits long with the remaining three subformats subcommutated in one of

the main frame words. In addition, these four engineering formats can

all be placed on the main frame {all four together) and transmitted at the

frame rate. These formats are used to provide high rate engineering

information during launch phases and to diagnose suspected spacecraft

mai;.LLction during the mission.

In all cases, the formats are modules of 19Z bits with frame sync

occ,trring at 192-bit intervals. All science main frame words are digital

and grouped into three -bit words. Engineering subframe words are six

bits and contain anatog, digital, and bilevel words. Science subframe

words are also six bits but contain only analog and digitalwords. --

Figure 117 illustratesthe format sizes and structure.

The core memory, with a capacity of 49, 176 bits, is used to store

science and engineering data when real-time telemetry transmission is

not possible. The memory is also used in the duty cycle store mode to

store science data at a higher rate than can be transmitted and as a

buffer for the video data. High rate analog video data (500 kHz bandwidth}

is digitizedto six-bitaccuracy by the video analog-to-digitalconverter,

then stored intothe memory at a rate of 3 MHz. The stored video data

is read from the memory and transmitted at the prevailing bit rate.

Video data is transferred from the SEC vidicon system one picture

lineat a time. Five hundred picture elements are each digitizedto six

bits, resulting in approximately 3000 active bits per line plus 72 bits for

lineidentificationand synchronization information. Therefore, approxi-

mately nine video frames (384 bits minus 24 frame sync bits per frame) are

required to telemeter each line of the picture. With a 512 horizontal lines , •

per picture system, 4608 video frames are required to transmit each
0 ,
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_!_H]i:|iIi:_!_II 1II II __] Il 1I Jl 1I

CRUISE- A ASTEROID- B OCCULTATION - D

ImIlm,,/l lllll mlllltllll!ll

IIItlilIlltllIlll i ImmllllllllIlll _ -[ { c-_
IllllllillliIIlll
 IlIltIlllIll ......
II_II[I llIllll
Illllilllllll]lll _

ENCOUNTER- E VIDEO- F N_@@. ::.,,.:
C-3

NOTE 5

NOTES:I) _ =FIXEDWORDS _[]M .::ii.:.::.::-.1•...,:,.

2) F--'I = ASSIGNABLE WORDS

3) ENGINEERING FORMAT = 6 BITS/WORD C-.4
ALL OTHERFORMATS = 3 BITS/WORD

4) REFERTO FIGURES10, 11 AND 12 FORDETAILS ENGINEERING - C '
F ON FORMATS

5) FIXED WORDSONLY WHEN PUTON MAIN FRAME, _
OTHERWISEANALOG WORDS *

Figure 117. Format Structures

picture. At 512 bits/sec, approximately I. 5 seconds are required to

transmit the 758 bit encounter and video frame. Thus, 1. 5 seconds per

frame times 4608 frames equals 6912 seconds or approximately 2 hours

to transmit a complete picture. The 360 bits per video format does

not divide evenly into 3072 bits per video line; it may be possible to

exclude the 24 bits of frame sync from the video format. If this is done,

exactly eight frames are required to transmit each video line. Removal

of the frame sync may cause ground data processing difficudties since

frame sync would no longer occur at 19Z-bit intervals. These tradeoffs

require further study when the video system and ground station require-

ments become better defined.
i

The data handling subsys tern processes ground commands within

C two redundant decoders. One address bit within each command indicates
i



which of the two decoders is to process the command. The command

message has within it a command message and a command message

complement, both of which must be correct before the command is

accepted. Since both real-time and stored commands are used, the data

handling subsystem alerts the command distribution unit as to whether

the command is a stored or a real-time command. If the command is

accepted, the eight-bit command message is serially shifted to the CDU

on a single line. A power gate is also provided to the CDU to turn on

power when a command is active.

The data handling subsystem provides bit rate, word rate, and

frame rate timing signals to the experiments. In addition, the digital

telemetry mode and bit rat_ID are provided to the experiments. Digital

word signals and bit rate pulses are given to the experiments to synchro-

nize digital data transfer from the experiments to the digital telemetry

unit.

Figure t18 illustrates the signal interfaces. From the spacecraft

receiver an audio output contains the command information in the form

of frequency modulation. The interface with the photo-imaging system

consists of five lines. The data handling provides a read gate signal to

command the camera to scan one line of the picture. The camera in

tu=n provides the video data from the one line scan together with a start

of line, end of line, and an end of frame signal to control storing of

digitized video data within the digital storage unit.

The data handling subsystem car accommodate 88 analog, 168

bilevel,and 76 digitalinputs, although the number of digitalinputs

depends on how they are used. For example, 32 input gates are provided

for the main frame, but ifone input datum is supercommutated, two

gates are required for this one datum.

The three calibrationvoltages generated internaUy by the data

handling are wired back into the data handling subsystem via three-analog

input to verify the accuracy of the video A-D converter and the two multi- }_

plexer A-DWs.

The data handling subsystem has four modes: 0
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_5V _16V o16V -5V

_COMMAND BITS

AUDIO FROMo_..,__. _ .-----,_C LOCK
SPACECRAFT _ STOREDCOMMAND
RECEIVER INDICATOR

CDU

READGATE _ _ EXECUTE NTERFACE
PHOTO STARTOF LINEo---.._._

IMAGING END OF LINE
SYSTEM I

END OF FRAME_ '."_-- _ COMMANDDATA HANDLING

VIDEO DATA _ _--- t LINES
SUBSYSTEM _SPACECRAF r CLOCK!

| 88 ANALOG o--,-,..--, TO OTHER SUBSYSTEMSSCIENCEAND

ENGINEERING _ 168 BILEVEL_ BIPHASEOUTPUT TO
!

DATA I 76 DIGITAL DATAe-._--.-e "--""q"TRANSMITTER NO, 1GATE
BR _ .......4. BIPHASEOUTPUT TO

TO WR _ TRANSMITTERNO 2

EXPERIMENT FR .,*------.

PACKAGES DTU MODE _ _ V1 ) A-D

/

BRID _ _ V2 / CALIBRATION

..,_ V3 ) VOLTAGE

Figure 1 18. Data Handling Subsystem Interface Diagram

• Real-time telemetry

• Telemetry store

• Memory readout

• Duty cycle store.

These modes are identical to the present Pioneer system. Each DTU

command is stored within six flip-flops for the minimum of one complete

frame time. At the beginning of the following frame, the command is

transferred to the active command register thus synchronously executing

the command.

In the real-time mode, the sensors are sampled as required by the

data format being used and the information is transmitted directly in the

format and bit rate selected without interim storage. In the telemetry

storage mode approximately Z56 consecutive frames of data (192 bits] 4,

frame) are stored and transmitted in real-time simultaneously in the

and bit selected. In this mode it is toformat rate possible, therefore. t
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sample measurements and store the data at a more rapid rate than it

might be possible to receive on the ground• Such data can then be trans-

mi*_ed at a ._ater time at the prevailing bit rate. Upon filling of the

storage unic, the digital telemetry unit automatically reverts to the real-

time mode at the last commanded f_rmat and bit rate.

In the duty cycle storage mode data are stored at a bit rate of

2048 bits/sec, one main frame a_ a time. The period between each main

frame stored can be selected by ground command to provide coverage for

periods from one hour to 32 hours in binary steps• The six rates are

commandable with the same commands as those used to command bit

rates in other modes. Eight frames/hr are stored to provide coverage

for the 32 hour period, and 256 frames/hr provide coverage for the one

hour period.

A preliminary performance specification of the data handling sub-

system is as follows:

Command Decoder

• 256 commands

• Real-time and stored commands

• 25-bit command word

• FSK modulation

"I" = 240Hz

"0" = i50 Hz

• i bit/sec bit rate

• Message complement check

Digital Telemetry Unit

• Data input capability

88 analog

76 digital

168 bilevel

• Data rate: 16 to 2048 bits/sec in binary incre.-nents

• Modes of operation

Real -time •

Telemetry store dc_

<
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Memory read,)ut

Duty cycle store

• Data formats (12 total)

Cruise (A) (192 bits)

Asteroid (B) (192 bits)

Occultation (D) (192 bits)

Encounter (E) (384 bits)

Video (F) (must be transmitted as part of (E) (384 bits)

Engineering C-I (i92 bits) (as a main frame)

Engineering C-2 (192 bits) {as a main frame)

Engineering C-3 (192 bits) (as a main frame)

Engineering C-4 (192 bits) {as a main frame)

Engineering C-l, C-2, Co3, C-4 (all as one frame) (768 bits)

A and B (384 bits)

A and D (384 bits)

E and F (768 bits)

$ Main frame word size: 3 bits (digital only)

( • Subframe word size: 6 bits

• Main frame word assignment: (patchable in increments of 3 bits)

• Supercommutation capability

• Fifty 3-bit main frame digital words available in basic format

• Four redundancy configurations

• Encoding accuracy: 6 bits

• Data coding: convolutional

• Biphase output

• Elapsed time counter: 4 second resolution, I2-day period

• Subcarrier frequency is 32. 768 kI-Iz

Data Storage Unit

• Type: ,'ore

• DRO

• Capacity: 49, 176 bits

• Organization: 6-bit serial and parallel input, bit serial output

• Addressing: serial access in first half and second half ' ¢

(-
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Subsystem Size, Weight, and Power

Command
Decoder DTU DSU Total

Size (in. 3) 108 180 150 438

Weight (lb) 2.4 5.0 3.0 10.4

Power maximum I.0 3.7 O. 5 5.2
(watts)

6.8.2 Physical Description

The configurations of the three units are illustrated in Figures it9,

120 and 12t. For the DTU, six connectors, 70 pins each, are used to pro-

vide multiplexer data input signals and a 1Z-pin connector provides power

to the unit. For the digital storage unit, one 35-pin _onnector contains

the signal interface and one 9-pin connector provides power to the unit.

For the command decoder, one 37-pin connector provides the signal

interface and one 9-pin connector provides power.

Im 8.0 IN.

=
, )

i GHT
_) ATTS

4) PATCHINGPERFORMEDAT IL_,CKOF
UNIT WITH TWOS0-PIN CONNECTORSSO-PIN 3$-PIN 12-PIN

INPUT=OUTPUT TEST POWER 5) SIXMULTILAYIERPCIIOARDS

Figure 119. DTU Outline Drawing

6.8.3 Operation
¢

The DTU time multiplexes science and engineering data by means of

a fixed programmer. The programmer addresses the multiplexer inputs O _ t
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_ 6 IN. _l

BASEPLATE

NOTES:

1) SIZE: 1501N. 3

WEIGHT: 3.0 LB
2)

O/O 3) POWER: 0.5 WATT (AVG.)

O O O 4) THREETWO-SIDEDPC
BOARDSAND STACK

35-PIN SIGNAL 9-PIN POWER
CONNECTOR CONNECTOR

Figure 120. DSU Outline Drawing

C

9 IN. _/

/ .........icover_ BASEPLATE
//X'_ _ 9-PIN POWER

/_,,,_._ co_c,o,/__ _ _._,,,,_N,,L

/ co..cTor_ Iii NOTES:

_/ __. ,0_,N._
_/oo ooo o , ,,..,o.,..,_i • 3) POWER: 1.0WATT (MAX.)

4) TWO TWO-SIDEDPC
BOARDS

FiEure 121. Command Decoder Outline Drawing t
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in a sc;_uence determined by a patch plug. The patch plug provides mis-

sion to mission flexibility in the assignment of digital words within five

independent science formats. Any experiment can be assigned to any of

the 50 thr3e-bitwords within the main Irame science format. The number

of bits assigned to a particular experiment is determined in 3-bit groups

by the patch plug. Digital data can also be supercommutated bv connecting

an experiment output to two input gates.

6.8.3. 1 Data Formats

The five science formats all consist of modules of 192 bits each. The

frame synchronization code occurs each 192 bits in all formats and all for-

mat combinations. This concept permits the formulation of different for-

mats of va,'iable lengths by combining basic format modules consisting of

192 bits. The resultant format length can be 192 bits for a single-module

format, 384 bits for a two-module, and 768 bits for a four-module format.

During the encounter phase of the mission, video and science data are

interleaved on a 384-bit format basis to provide a science to video data

ratio of 50 percent.

Figure 122 shows the basic 192-bit science format together with the

engineering and science subframe. The engineering subframe is subcom-

mutated as a 128-word subframe and the science subframe is subcommu-

tated as a 32 word subframe. All sub£rame words contain six bits. Analog

data are encoded to 6-bit accuracy. The science main frame contains only

digital words. The 64-word science format is shown in Figure 123. Of

the 64 words, 14 are fixed words. Frame sync occupies the first four

words of each format module. Format identification requires 4 bits, mode

identification 2 bits, bit rate identification 3 bits, and subframe identifica-

tion 7 bits. Two bits are used to identify the format quad=ant. _-or exam-

ple, if four 192-bit modules are used for a particular format, the two

quadrant bits identify the module or quadrant that is being transmitted.

Of the 12 possible formats,seven are science and five are engineer-
I

ing. The distribution and location of analog, digital, and bilevel words is

fixed within the subframes, although the main frame science words are

assignable by patch plug on the DTU. The digital word size as well as the ¢

location is variable. The location of data within the format is determined i_i :
/ k
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SUBFP-_,_ID
FCRMATID /ENGINEERING SUBFRAM[
MODEID

FRAMESfNC Q-IADRAN1ID

]NOTES:

1) 3 BITS'WORD /

2) 50 3-BITWORDSAVAILABLEFORSCIFNC£ C-2 i I

3) 64 WORF..,S/FRAM_
4) ]92 BITS'FRA/_ 64

C-3 f ....96

C-4 I ....128

Figure IZZ. 19Z-Bit Science Format

' I

FORMAT QUADRANT, MODE, j I .e

FRAMESYNC ID BIT RATEAND 11 12 13 14 15 16
SUBFRAMEID

i
17 18 19 2'0 21 22 23 24 25 26 27 28 29 30 31 32

ENGR. SCIENCE
SUBFRAME SUBFRAME 37 38 39 40 41 42 43 44 45 46 47 48

49 50 51 52 53 54 55 56 57 58 59 60 61 62 63 64

NOTES: 6) ENGINEERING SUBFRAME- 6 BITS
I) FS = 110 101 100 000 (PSEUDORANDOM CODE) 7) SCIENCE SUBFRAME- 6 BITS
2) FORMAT ID - 4 BITS 8_ SUBFRAMEID - 7 BITS

I 3-BIT WORDS3) QUADRANT ID- 2 BITS
4) MODE ID - - BITS o0 50 3-BIT WORDSAVAILABLE FOR
5) BITRATElO - 3 BITS EXPERIMENTS.

¢

.. Figure lZ3. Basic Science Format Word Assignment I
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by the spacecraft wire harness; the word length is determined by the patch

plug in three bit groups.

The engineering format (Figure 124) cox_slsts of t2S, six-bit analog,

digital, and bilevel words. This format is normally su)commutated into

words 33 and 34 (six bits) of each science format. Any one or all four of

these subformats can be transmitted at the main fxame rate. Each sub-

format contains the 12-bit frame sync code and 2-bit quadrant identifica-

tion identifying which of the four subframe is being transmitted. Subformat

C-l, however, which is transmitted as the first of the four, contains format

ID, four bits, mode ID, two bits and bit rate ID, three bits, in addition to

frame sync and quadrant ID.

Each engineering subformat can be transmitted individually as a

19Z-bit main frame. In addition, the remaining three subformats are

subcommutated as a single 96-word subframe within one main frame word.

This provides low rate sampling of the other three subfor_nats while the

selected subformat is transmitted as a main frame. The capability to sub-

commutate engineering data within an engineering main frame requires

additional hardware complexity within the DTU. Since engineering data

is sampled at two different rates, and additional word counter (seven flip-

flops) and a set of 24 decoding gates are required. The implementation of

this capability also requires four format commands and associated logic.

The engineering format can accommodate 72 analog, 28 digital, and

28 bilevel (168 bits) words. The number of analog, digital, and b'level

words is based upon preliminary information obtained on a typical experi-

ment group. The apportionment and location of analog, digital, and bilevel

words is subject to change.

The six fixed words indicated in Figure 124 consist of frame sync,

format, mode, bit rate and subframe identification and are only _3ed when

a subframe is put onto the main frame. Figure 125 illustrates such a format

where subframe C-I is placed onto the main frame and C-2p C-3, and C-4

are subcornmutated in word six. The subframe ID identifies which one of

the 96 subframe words is being transmitted.

• r
The science subframe, shown in Figure 26, consists of 32, six-bit

words. The format can accommodate 16 analog and i6 digital words. The O
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A A A A A A A A

C-1 A A A A A A A A

SCIENTIFIC
INSTRUMENTS D D B B B B B B
FORMAT

B B B B B B _ B

A A A A A A A A

C-2 A A A A A A A A

ELECTRICAL

SUBSYSTEM A A A A A A A ASUBFORMAT

D D B B B B B B

A A A A A A A A
NOTE S"

C-3 A A A A A A A A 1) A =ANALOG

COMMUNICATION • 2) D -DIGITAL

SUBSYSTEM D D D D D D D D 3) B = BILEV£L

SUBFORMAT 4) ANY ONE OR ALL FOUR
SUBFORMATSCAN BEPUT

O D D D B B B B ON THE MAIN FRAME

[ _/.___ 5) DURING SCIENCEFORMATS,

A A A A A A A A ENGINEERING FORMAT ISSUBCOMMUTATEDiN ONE

C-4 128 WORD SUBFRAME
A A A A A A A A 6) 72 ANALOG WORDS

ORIENTATION <_ 7) 28 DIGITAL WORDS
AND CONTROL
SUBFORMAT D D D D D D D r) 8) 28 BIn:VEL WORDS = 168 BITS

-- 9) 6-BIT WORDS

D D D D B B B B 10) _ = FIXED WORDSWHEN
PUT ON MAIN FRAME

(
Figure /Z4. Engineering Format Word Assignment

FORMATIV -, BITS
MODE ID - 2 BITS

FRAME BITRATEID - 3 BITS '11
SYNC SUBFRAMEID - 7 BITS 26 DATAWORDS

illll IWl W2 W3 W4 W5 W6 I C-1
I

C-2

; (32 WORDS)

m

C-3

(32 WORDS) i
NOTE_:
I) 6 RITS/'WORD I

:,) 32WOm)S/FU,ME l i

3) 96 WORDS/SUBFRAME J 1

4) EXAMP_ FORMATSHOWN I C.4 I

isc-1IN MAINFRAME (32WOmS) !
5) EITHERC-I OR C-2 OR C-3

OR C-4 CAN _ PLACEDON

MAIN FRAME

- Figure IZ5. 19Z-Bit Engineering Main Frame Format
I
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A A A A D D D D

A A A A D D D D

A A A A D D D D

A A A A D D D D

NOTES:

1) A = ANALOG
2) D -- DIGITAL
3) 16ANALOG
4) 16 DIGITAL
5) SIX BIT WORDS

Figure iZ6. Science Subframe Word Assignment

analog and digital words are grouped into four analog words followed by

; four digital words, etc., throughout the subframe. This allows supercom-

mutating ifdesired.

{ 6.8.3.2 Patching Technique

The patching technique for the assignment of digital words to the

i main frame is illustrated in Figure 127. This patching technique provides:

• Up to 3Z digital inputs

• Input data assignment to any of the 50 data words within five

independent formats

• Variable word length in groups of three bits

• Supercommutation of experiment data periodicaUy within the
frame

• Five different and independent formats selectable by uplink

command. I

The concept employs the technique of setting and resetting a flip-flop to |

determine the length of each experiment data word. These flip-flops are [

controlled by the commanded format and the "X I" through 1'Xi6" signals 0 J,
I
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generated by the programmer. The "X" terms define the t6 words within

each of four rows in the format. As an example, in the upper right corner

of Figure tZ7, assume experiment I requires two evenly spaced samples

of Z7 bits within a particular format. To generate this sampling, the X i

term is patched to the set side of flip-flop D i and the X 9 term is patched

to the reset side of D i.

Since the programmer counts words from X 1 to X16 four timesp the

flip-flop will be set each time the X 1 term appears and will reset each

time the X 9 term appears within the format. This then defines the word

length of experiment ! data for format A. The four remaining gates ,

Z73
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define the word lengths for the experiments during format B, D, El, and

E2. (Formats El and E2 formulate format E which consists of two format

modules of 192 bits each.)

The first level MOS gates shown on the left of Figure 127 are con-

trolled by the flip-flop outpl:ts D 1 through D 8. The second level gates are

controlled by Y1 through Y4 and the third level controlled by the format.

The wiring between the experiments and the MOS gates is the space-

craft wire harness. The supercommutating capability is achieved by

connecting the same experiment to two or more gate inputs as shown. That

is, experiment 1 is connected to both Y2 and Y4 groups of MOS gates thus

providing two samples from experiment 1 per frame. Patch plug format

flexibility is provided for mainframe science data and not for subframe

data. The subframe word location, number, a11d type (analog, bilevel,

and digital) are fixed.

This patching technique provides efficient word assignment for five

basic formats. Patching is performed within two 50-pin connectors which

are external to the digital telemetry unit. External patching alleviates

the requirement that the experiments define their word length prior to

the design of the data handling subsystem.

As shown in Figure 127, 32 digital word gate signals are also pro-

vided. The gates which generate these signals are controlled by the same

signals which control the 32 digital input gates.

6.8.3.3 Digital Telemetry Unit

i Figure 128 is a block diagram of the digital telemetry unit. All DTU

: timing is derived from a 65. 538 kHz frequency used as the carrier input

to the biphase modulator (the actual subcarrier frequency is 32. 769 kHz).

A countdown chain divides the dock frequency down to generate bit

rate for the programmer. The programmer definea word rate, frame

rate, and su'oframe rate and also provides states to address the multiplexervia the decoding logic and MOS drivers. Eight-bit rates are provided,

selectable by uplinkcommand: 2048, 1024, 512. 256, 128, 64, 32, and ! e

i 16 bits/sec. A separate 3 MHz oscillator operates the video A-D (-_ !

converter. "" iQ
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TO COMMANDS

DSU FROM CDU

r _I @ 1
_!_,DEoBUF_E0/

J C -- _ MOS STORAGE I'_

' ! / _BACK-UFI/ J _"_OR'_T,_ODE& BIT RATE ID i"O

I / ',,D_oAoiJ_..r-;=_l" " I B,_L,NPOT
VIDEO INPUT --- 6 BIT

_I _1 _,,,; I_-J IOSC'L_TORI ICOMMANDS TO

READ GATE qJ_, I 4 DTU CIRCUITS

ST_,_EOEJ/_O___I__ J I
OTHERENDOEO--4 I-_EOUNOANT]_L_-- 1L_--L:_'---I1 I '_L°_T°SUBSYSTEMS

LINE -- D '_ ING

r_ LOGC&.Os E_P_T.E I : TOTEL_'ETR_PATCH DRIVERS

PL0OLJ_' --,F_T-J ' ' I
i I FKAME SYNC I--_DIG,TALI _ I

,1, ',
,_.O_D GATES 65 538 KHz

MULTIPLE)_ R r .J_ SUBCARRIER J
32 ENABLES (DIGITAL) _'I 'F.-- O

CONVERTER

I + . 6 BIT 2 048 KHz

SUBFRAME I I _ I a I _ iR H J_ i-_LJ
ANALOG CI_t_ CONVO LUTIONAL MODU TORJI LA TO TRANSMITTER I

....... ;W CODER REDUNDAf_T

44 DIGITAL 0-_ SUI_FRAME

44 ENABL£ _q_,._ DIGITAL DIGITAL

--Tu;_Z_- COMPARATOR I _ _RZDATA
STORED DATA

I i OPROMDSU

i !
L__;._*** v,

BR WR FR DTU fiR
MODE ID A/D CALIBRATION

I VOLTAGES

TO EX_RIMEN_b

Figure IZ8. DTU Detailed Block Diagram

An elapse time counter consisting of 18 flip-flops preceded by a
$

divided by 64 (six flip-flops) counts the 16 pps pulses from the programmer

to give a cycle time of IZ days with a resolution of four seconds. This

resolution and cycle time is independent of the bit rate. An extended

frame counter was considered in the design which would have a resolution

of approximately three seconds and a cycle time of nine days at the highest

bit rate of Z048 bits/sec and a resolution of 384 seconds with a cycle time

of approximately 1000 days at the lowest bit rate of 16 bits/sec. The

elapse time counter was selected since the tradeoff was the addition of

only six flip-flops (three flat packs) with the advantage of a fixed time

base. The six least significant bits of the elapsed time counter are

telemetered at the main frame rate while the other 12 bits are telemetered

in the subcommutator. At the high bit rates, several data frames are

transmitted without a change in the four-second resolution elapsed time ¢

counter. This ambiguity can be resolved by looking at the subframe count

t where a highe_ resolution than four seconds is required.
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The combiner and output switch accepts data from the multiplexer

A-D converter, digital comparator, video buffer, and the digital storage

unit. The combiner combines these data together with frame sync and

other fixed words into a format for transmission via a convolutional coder

and the biphase modulator. The convolutional coder is similar to the

design used in the present Pioneer spacecraft. The biphase modulator is

redundant and the subcarrier phase is changed 180 degrees at each change

of NRZ data.

Two A-D converters at the multiplexer provide redundancy. A MOS

storage buffer (video buffer) within the DTU backs up the data storage unit

for buffering of video data. In normal operation, the digitized video data

is buffered by the data storage unit.

The command logic accepts parallel command pulses (35 total) from

the command distribution unit and stores these commands in six flip-flops.

The output from the flip-flops are decoded into commands to the various

DTU circuits. The 35 lines could be reduced to six if the command bits

were coded. Special combinations of commands can be implemented to

command preferred combinations of mode, for_nat, and bit rate. This "'_

may reduce the total number of commands required.

Four redundancy configurations are provided within the DTU. These

configurations are commandable by ground command and switch the redun-

dant circuit blocks in four different configurations.

6.8.3.4 Command Decoder Unit

The command decoder (Figure 129) accepts audio input from the

receiver and demodulates the tone frequencies into digit_1 data. The

} demodulation is performed by the FSK detector ('i" = 240 Hz and "0" =

i50 Hz). Upon detection of the preamble (four zeros), the command pro-

cessing cycle is initiated (power is turned ON to the decoder processing

circuits). The first ! (sync bit) starts the divide by I6-bit generator. The

bit generator generates a I pps pulse 1/16 of a second wide. This pulse

is used to clock the command d_ta into a 9-bit command register and is

located approximately in the middle of the command bits in time. The

command is checked for decoder address and message complement and t

serially shifted to the command distribution unit. When this transfer is (-_
I

completed, an execute pulse is generated and sent to the CDU.
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SERIAL

, J • COMMAND
STORED

1 COMMAND

[ 1 INDICATOR
9-BIT I EXECUTE l

AUDIO J * : COMMAND CLOCK J PULSE*_ND J EXECUTE

INPUT FbK DETECTOR REGISTER GENERATORJ TO
CDU

SQUELCH i _ ON TO CHECK _ SHIFTSIGNAL J i_L_DECODER COMPIFMENT
= CLOCKl__j_" TIll C_RCUITS

EXECUTE-_I.__ _ I PPS_ , POWER
GATE

POWE? IS ON CONTINUOUSLY TO
FSK DETECTORAND POWER GATE
FLIP-FLOP

Figure 129. Command Decoder Block Diagram

Figure 130 illustrates the command format of 25 bits. The first

four bits of the command are preamble, the next is a sync bit, the next

is a command decoder address bit, the next two indicate command type

and complement, the next 16 comprise the command message and com-

mand message complement, and the lastbit is a post squelch bit.

6.8.3. 5 Data Storage Unit

The digitalstorage unit (Figure 131) consist3 of six planes each con-

taininga 128-by-64 core matrix. Input data is serially shiftedinto the

6-bit input-output register. However, data is stored into and read out of

the stack six bits at a time, that is, the stack is organized into 6 bit words.

The timing and control unitprovides the required timing to all DSU

circuits. Capacitors store energy from the +5, +16, and -16 volt supplies

to absorb the high pulse current requirements of the DSU.

The DSU is partitioned in two parts to permit writing into and reading

out of either half of the memory. This is useful, for example, to store

data into the first half of the DSU when entering occultation and filling the ¢

second half when emerging from occultation.
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I

SYNC BIT

-'_ (1 BIT)
I DECODER ADDRESS
/ _ I : DECODER NO. I

/ / 0:DECODERNO. 2

/ / /----- COMMA ND TYPE COMPLEMENT
/ / / COMMAND TYPE

/ / / _ I : RFAL-TIME COMMAND

PREAMg_/ / / / 0:STOREOCOMMAN0POSTSOUE<CH
(4 ZFROS) / / / / MESSAGE COMPLEMENT MESSAGE 7(1BITi

_---'--_/ / l I '_ ' '_-_---' I

Figure 130. Command Format

t Y ADDRESS

MEMORY READOUT TIMING REGISTER

STORE TIMING
CLOCK (BR) AND p. TIMING

CONTROL OUTPUT

COMMANDS J_ DECODER

CURRENT

SWITCHES
TIMING

TIMING\
6 PLANE _

d SERIALDATA
"4[ /--'--'IN INPUT

1211_64 CORES e°_ . 2._p/ ,,_I_ SERIALDATA
OUTPUT

Y CURRENT

SWITCHES

T _"TIMING
- v - v

TO DSU
+16 ',/ .,_ CIRCUITS TO INHI|IT

DIIVEI_

-16 TIMING

RFIFILTERSAND
CAPACITORSTORAGE

F_gure 131. DSU Block Diagram

6.8.3.6 Internal Circuit Redundancy
t

¢

Figure 132 illustrates the internal circuit redundancy of the DTU and

the redundancy provisions of the data handling subsystem. Redundant 0 ,
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IF II ADh
MULTIPLEXER FRAME

CLOCK LOGIC MULTIPLEXER ,

DRIVER_ T _A'D

_E SUB FRAME

MULTIPLEXER MULTIPLEXER

C LOCK R LOG IC ANALOG

DRIVERS DIGITAL DIGITAL J
BI-LEVEL COMPUTER

J

t
co_ND _,PHASE _UF_ERt _''
COMMAND BIPHASE 4&
DECODER MODULATOR DSU

I
L

VIDEO DATA, DOES NOT MAKE 3 MHz l VIDEO

DSU REDUNDANT CLOCK ] ._/D

Figure 13Z. Data Handling Subsystem R_liability Diagram

f
clocks, redundant programnlers, redundant multiplexer logic and drivers,

redundant A-D, and redundant biphase modulator and separate main frame

and subframe multiplexers are used. Since video data require buffering,

a backup is provided in addition to the DSU. The convolutional coder has

a bipass switch to provide a means of transmitting uncoded data.

6.8.4 Alternate Design Considerations

6.8.4. ! Programmable Digital Telemetry Unit

A core memory to address the data multiplexer was considered in

the early stages of the study. This technique was abandoned in favor of a

patchable wired logic technique since patching provided adequate mission

to mission flexibility as well as in-flight flexibility (format changes) with

a much simpler and more reliable systerr.

6.8.4.2 Tape Recorders

Tape recorders to store photo-imaging data were discarded in favor '

( of a greatly simplified system of storing only one line of video at a time i
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within t_,e DSU. The tape units posed too great a penalty in terms of

weight, size, power, and reliability.

6.8.4.3 Logarithmetic Encoding

Logarithmetic encoding of video was found to be undesirable in terms

of picture resolution. Delta modulation was -1so considered, but these

technio-es are elaborate, costly, and still under citvelopment. The ex-

pec.ed data rate at encounter is sufficiently high to provide adequate trans-

mission of pictures without using sophisticated data compression techniques.

6.8.4.4 Nine-Bit A-D Conversion

The use of 9-bit A-D with 3, 6, and 9-bit analog words was con-

sidered in an attempt to provide a high accuracy A-D within the DTU which

could be used by the experiments. This capability was not provided within

the DTU because many experimenters require data to be encoded synchro-

nously with spacecraft spin rate, not at the telemetry rate. Also a central

A-D has an adverse affect on reliability. The encoding accuracy may also

be degraded by spacecraft wiring, multiplexer leakage, etc. In addition,

variable length analog encoding requires a more complex DTU.

6.8.4. 5 MOS-LSI for the Logic Functions

The use of MOS-LSI has the potential of reducing the weight of the

data handling subsystem b/a factor of two. The selected design, however,

is based upon the use of bipola= integrated circuittechnology since the

MOSoLSI technology is just in the developmental stages. Tne MOS-LSI

technology may be developed sufficientlywithin the term of this p=ogram

to influence the design. The selected design does include the use of MOS

integratedcircuitswithin the multiplexer. TRW is presently under con-x

tract to develop the MOS-LSI technology which would be applicable to

designs such as the Jupiter Pioneer data handling subsystem. Itis recom-

mended that the MOS-LSI technology be considered during the program.

7. SYSTEM-LEVEL PERFORMANCE

7. I Pointing Accuracy

Since the primary pointing error results from the resolution of ¢

the sensors, for the RF conical scan, this relation is the selected dead {-_
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zone of the system. Other error contributions are mechanical mis-

alignments and the effects of spin axis wobble. The mechanical alignment

error is the angle between the axis of symmetry of the zntenna and the

spin axis of the spacecraft. The wobble or nutationalmotion of the spin

axis about the totalmomentum vector will be small because of the small

precessional step size employed and because of the attenuationprovided

by the wobble damper and the damping produced by frictionin the solar

array hinges and propellant damping effectsfrom the monopropellant

storage tank. In the earth pointingaccuracy calculations a misalignment

error of 0.2 degree is employed and the effects of wobble are neglected.

Medium-Gain Antenna, Coarse PointinG Mode: for use with 85-foot

DSIF antenna transmitting 10 kw or with 210-foot antenna transmitting

more than I.6 kw

Deadzone set at i.66 degrees to enable the use of a single
voltage deadzone

Pointing accuracy = I.66 degrees

Medium-Gain Antenna, Fine Pointing Backup Mode: for use with
/

210ofoot DSIF antenna transmitting 50 kw or more

,dz = 0.240 (I +1.065_-) .4

For a design signal-to-noise ratio of 10 db

Cdz " 0.266 degree

Pointing accuracy = 0.332 degree

High-Gain Antenna, Primary Fine PointinG Mode: for use with

85-foot antenna transmitting 10 kw or 210-foot antenna transmitting more

than i.6 kw

'dz = 0.24 (i +1.065_-)

= O. 266 degree with_ =
lO db

Pointing accuracy = O. 332 degree ¢

( ,
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Two types of orientation maneuvers are to be made: the initial

reorientation for rapid acquisition of solar power which only requires

coarse orientation and the midcourse maneuvers which requires fairly

high precision. The backup reorientation maneuver if one thruster fails

to enable use of the remaining good midcourse AV thruster has essentially

the same accuracy as the initial reorientation maneuver. The following

error con_ponents are included in the reorientation accuracy calculations:

Error Component Percent Error

Moment arm +0.15

Spin inertia +i

Monopropellant thruster +2.88m

(includes ground computations
for compensation of precession
angles)

Spin frequency +0. i

Firing timing +0.2

Sun sensor alignment +._0.2

Thruster alignment _.+0.4

RSS "_-i'%

: Initial Reorientation and Backup AV Reorientation:?

; Thruster pulsewidth = 0.600 sec

i_ Precession step size = I degree per pulse pair

In addition to the 3. I percent error, approximately i degree of spin axis

wobble will initially remain after completion of the maneuvers.r

,_ /Vfidcourse Reorientatior, s:

Thruster pulsewidth = 0. 125 sec

_ Precession step size = 0. 2 degree per pulse pair

In addition to the 3. 1 percent error, approximately 0.7 degree of spin

_ axis wobble will persist after completion of the msn_uvers.

7_, The attitude error and wobble produced by booster separation can :

.-,_- be he!d to about I/3 degree for a spin rate of 60 rpm, assuming I ft/sec i_7
_ _ I"o_. separa_lon velocity and a lateral impulse at the separation plane which i

z8z k
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is less than 2 percent of the coaxial impulse. There will be no signi-

ficant increase in the wobble in the short time before TE-354-3 motor

ignition.

Firing of TE-354 engine will increase the spin rate resulting

from the spin momentum lcss of the propellant as it is exhausted,

depending on the ratio of spacecraft spin inertia before and after

thrusting. A spin rate increase of about 8.5 percent can be predicted

on the basis of this ratio as the design now stands. The attitude error

induced by third stage firing will be about 1.5 degree for a 60 rprn

spin rate if the rnisalignrnent of the thrust axis from the c.g. is held

to 0. 050 inc" The wobble angle will be less than 2.5 degrees for

the same cc,_-Jit_:Is.

A dynamic balance alignment of at least 1.8 milliradians of the

principal axis in the deployed configuration is recommended based on

a total pointing accuracy of 5.79 milliradian (0. 332 degree). This

requirement is well within balancing capabilities of current machines

operating at 60 rpm. To meet the requirement the post-deployment

( positioningof solar panels and the magnetometer boom will need to be

quite accurate. A 0.1-degree misalignment of solar panel results in a

0. 16-mrad of the principal axis This amount of misalignment for all

panels results in a 0.4-mrad shift. Moreover, the properties of the

panels will need to be kept symmetric in order to minireize thermal

bending. A 0.5-inch misalignment of the magnetometer and impact

damper will result in a principal axis shift of 1.0 mrad.

The boom damping time constant has been estimated to be on the

order of 5 to 10 days for a spin rate of 4 rpm. As a result, a viscous

ring damper is included along with a Pioneer type of impact tube damper

to provide wobble decay below the impact tube threshold angle. The

wobble damper is in a boom opposite to the magnetometer boom for

dynamic balance. It will improve the rPte of wobble angle decay up to

its threshold angle of approximately 1.0 degree. Wobble angle decay

rate is estimated to be 0. 5 degree per hour. Since the impact tube

wobble damper weighs less than O. 5 pound, additional tip mass is

carried to balance the l-pound magnetometer sensor.C
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The viscous ring damper, sized to fit on one equipment compart-

ment side panel, has the following characteristics:

Mean loop radius, inches 8

Tube, inches I

Weight of fluid,pounds I.34

Time constant, hours 20 (for 5 rpm)

The viscous ring damper is affected by a combination of relatively

large inertias and slow spin rates. It has the advantage, however, as

opposed to the Pioneer impact tube damper, of having a zero thres-

hold angle. The performance of the visco._sring damper can be improved

at the expense o_"added complexity by mounting it on a toroidalflexure

tuned to the precessic-_frequency, practical only if precession frequency,

spin rate, and inerti ratio are well known and held fairly constant

over the mission.

7.3 Thrusting Accuracy

Propulsion thrusting errors are calculated to be:

Error Component Percent Error

Thruster alignment 0.06

Firing time 0.03

Thrust level < I. 4

RSS ~I. 4

The eHects of these errors on the accuracy of orientation and thrust

magnitude are listed in Table 35. As shown, to achieve the permitted

miss for a typical flyby mission, one or two maneuvers are required,

and to insure satisfactory arrival time two maneuvers are required.

7.4 Reliabilit]_

A major factor affecting the com'iguration of the selected design

was the reliability analy.lis presented in Section F. However, since that

analysis lagged the design, the final results of the reliability analysis

are not reflected in the last design iteration. Moreover, the weights

assigned to some components in the analysis differ slightly from these ¢

in the final weight estimates. This difference is not significant since _-_ I
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Table 35. Trajectory Accuracy

Sample After After After

Trajectory Injection* First SecondFrom Year Maneuver Maneuver

1972 2500 140 8
(lO3

l
Miss_ I kin) _1973 580 33 2

(B plane) _ 1974 3600 200 11

1972 840 47 2.6

Arrival date { i
(hr) 973 61 3.4 O. Z

974 170 9.5 O. 6

*Based on injection error model 2 (see Section C)

the analysis is a self consistent process whose principal objective is

to establish redundancy requirements.

The reliability estimate for the selected design is 0.695 as shown

in Table 36, as compared to the results of Section F of O. 714 for the

( optimum design. The increase in reliability would cause a net weight
increase of approximately 0.5 pound, resulting from the addition of

majority vote circuitry to the digital telemetry unit and eliminating one

of the zero crossing and level detectors in the control electronics unit.

These changes increase the attitude control subsystem reliability from
the 0. 970 of Table 36 to 0. 996.

Significant gains in the telecommunications subsystem reliability

from its present 0.899 require large weight increases. However, a

substantial improvement could be realized by improving the reliability

of the command distribution unit, whose reliability is estimated to be 0.902.

If the optimum system reliability of 0. 714 is assumed and the value for

the command distribution unit is increased to 0.95, the overall system

reliability is raised to 0.75. This should be achievable since the relia-

bility estimate presented is conservative in that no internal redundancy

and a large duty cycle were assumed. The selected design now incor-

porates redundant input circuitry; redundant output circuitry for routing

of discrete commands could be incorporated. •

(
i
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Table 35. Selected System Reliability

Two-Year Reliability

Structure and thermal control 21.0

Propulsion 0.984

Attitude control 0.970

Electrical and command distribution 0.893

Electric power 0.980

Telecommunications 0.899

Data handling 0.926

System two-year reliability = 0.695

7.5 Electromagneti c Compatibility

Electromagnetic compatibility between the operating equipment

.'nthe Jupiter Pioneer is achieved by means of a c" ,puter-oriented

system design analysis based on modeling the spacecraft and experi-

ments to derive specificationlimits for allnew equipment.

By identifyingthe electromagnetic environment and the science

payload spectrum sensitivityearly in the design process, the science

payload spectrum utilizationcan be traded offagainst the predicted

environment.

In the spacecraft design electricalbonding is by metal-to-metal

contact over the entire areas in mechanical contact. Specific provisions

are made to preclude contamination of bonding surfaces with nonconductive

oxides and finishes. The electricalbonding techniques provide a maxi-

mum bonding impedance of 2.5 milllohms (DC).

The spacecraft employs a common reference plane grounding

system. The plane i8 formed by electrlca11ybonding the spacecraft

structura!members and the equipment platform into a common low

impedance reference. All primary electrlcalpower returns to the elec-

trlcal reference plane at one point oaIy within the command distribution

unit. All secondary DC power is isolated from the primary power, with

the circuit returns connected to the chassis of the using equipment. |
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The signal interface circuitswhich are unbalanced to ground,

including pulse, digital,change of state, and radio frequency circuits,

have returns connected to the reference plane at both the source and

load ends. The preferred method of analog circuitgrounding is that

analog interface circuit returns be connected to the spacecraft electrical

reference plane only at the load end.

The shields of allinterface circuit cables are individuallyconnected

to the spacecraft electricalreference plane at both the source and load

ends and at each shield discontinuity.

The spacecraft cabling and cable installationare designed to mini-

mize common circuit impedance, cross-talk, radiation, and pickup.

All cabling is routed close to, and preferably in direct contact with,

the reference plane. Primary power employs twisted-pair cabling,

generally unshielded. RF and video signals employ matched coaxial

cables. Pulse, digital,and change-of-state signals employ coaxial cable,

single-shielded wire, or twisted-shielded pairs. Analog signals employ

twisted=pair, triad, or quad cabling; ordnance circuits employ twisted-

r shielded pair cabling.

8. ENVIRONMENTAL EFFECTS

The Jupiter Pioneer will need to survive for many months in the

presence of five potential stresses in the interplanetary and Jo_,ian

environments: the solar wind, cosmic rays, micrometeoroids, the i

Jovian magnetic field, and trapped radiation at Jupiter. The effects of i

these environments are briefly reviewed herz.

8.1 Solar Wind

During the long interplanetary cruise the effects of the so.lar wind

do not appear to be significant. KenKnlght and Wehner ("Sputtering of

Metals by Hydrogen Ions, " J. Appi. Phys., 35 (1964) 322) found experi-
+ +

mentally sputtering yields for H2 and H3 on the order of 10 "2 atom/

incident ion. For a vehicle exposed to the solar wind near earth, this

would correepc_d to a loss of ~ 1013 atoms/cmZ/year, a totally unim-

portant effect. Sputtering yields by He ++, about I0 percent abundant in t

( ,
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the solar wind, has not been determined in laboratory experiments.

Sputtering yields depend on the target crystal configuration and angle

of incidence. However, taking the largest yield for Key argon ions (A +)

as 10 atoms/incident ion (Magnuson and Carlston, "Sputtering Yields of

Single Crystals Bombarded by 1-10 Key Argon Ions," J. App1. Phys.,

34, (1963) 3267) provides an upper limit to He ++ effects, a mass loss

estimate of ~ 1015 atoms/cm2 year, again insignificant.

8.2 Cosmic Rays

For the steady state (nonflare) cosmic ray dose, we use an esti-

mate of ~ 3 rad/cm 2 year. During flares this can increase by a factor
Z

of about 50 using maximum proton fluxes of 103 particles/cm sec

ster >80 Mev which have teen observed in the earth's environment,

a duration of about 10 hours, and an occurrence rate of 10 large (Class 3)

flares per year (solar maximum). Fluxes should decrease as the space-

craft moves away from the sun, so that this estimate represents an

upper limit. This dose rate appears to be sufficiently less than the

damage limit of 105 rad.

8.3 Micrometeoroids

The Jupiter Pioneer will be exposed to a varied micrometeoroid

environment, including the earth dust cloud, cometary particles, asteroidal

pr_rticles and Jupiter dust. Encountered particles could vary in velocity

from 0 to 60 km/sec and in density from 0.34 to 7.0 g/cm 3. Though

there is great uncertainty about the absolute values of the various meteo-

roid fluxes, it is generally agreed that the asteroidal flux is the most

severe by several orders of magnitude. Therefore, for the initial

analysis exposure only to asteroids is considered. The design goal

selected is a no-puncture probability of 90 percent. The flux model

(Figure 133) used is the 73 percentile flux given by Dixon in the September

1967 issue of the Journal of Spacecraft and Rockets compared to the

cometary flux based on NASA TlVLX-53520 of February 1967.

The 73 percentile flux is compatible with the 0.9 probability goal i

since it accounts for the two probabilistic processes, uncertainty of t

environment and uncertainty of impact, simultaneously rather than ('_
.#
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-

._,- "%%%
-10 _ METEOROID

-- _ VELOCITYCOMETARY_LUX--_,%.
SPACE ENVIRONMENT
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Figure 133. _/iicrometeoroid Flux and Particle Mass

independently. A detailed discussion of the statistical rationale use to

establish the design flux is given by Dixon.

The flux in Figure 133 represents the densest part of the asteroidal

belt at 2.8 AU. Dixon shows that exposure to this peak flux for 175 days

is equivalent to actual exposure to the asteroid belt.

The relationships between the spacecraft attitude, sun, earth, its

velocity vector, and .meteoroid velocity is sketched in Figure 133. The

meteoroid orbit is assumed circular and in the plane of the ecliptic.

When the spacecraft reaches the center of the asteroid belt, the sun-

spacecraft-earth angle, O, is 18.5 degrees, and the angle between

meteoroid velocity and spacecraft velocity vector, (3 , is 44 degrees.

For these conditions the spacecraft velocity is 19.4 km/sec, whereas

the assumed near micrometeoroid velocity is 17.8 km/sec. Based on

these values and assuming the standard Poisson distribution for

probability of impact (see Aerospace Report TOR-269, August 1964) if
the design meteoroid for 90 p_rcent probability of no puncture is found i

to be 6.75 x 10 -4 gram for the side panels and 2.0 x 10 -3 gram for the I

aft surface. A 90 percent probability of no puncture for the entire

spacecraft was apportioned as 0. 994 for each side panel and 0.935 for ' •
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the aft surface. Because of the trajectory, the forward end of the space-

craft, the high-gain antenna structure, is not exposed to the asteroid

flux and need only be protected against the cometary flux.

Figure 134 shows the solid aluminum shield required to prevent

penetration by various meteoroid mass 2s based on the penetration

criteria in NASA TMX-53521. For the 6.75 x 10 "4 gram meteoroid,

0. 185 inch of solid aluminum or its equivalent is required. It has been

found that foam-filled panels having a thin outer sheet and a heavier

backup sheet are the most weight effective meteoroid barriers. Using

K factors based on the ratio of the weight of sandwich panel barrier to

the weight of solid barrier for equal protection, the solid aluminum

shield of 2.68 lb/ft 2 can be replaced by panels weighing 0.65 lb/ft 2.

This panel weight has been distributed as follows.

• Outer sheet: O. O08-inch aluminu,."

• Core: I.5 inches of 2 ib/ft3 polyurethane foam

• Inner wall: O. 020=inch aluminum

10.0 I

1.0 I -_"

j
=,E

0.10 .

0.01

,o ,o4 ,o"3 ,o"2 ,o-' ,o
/_lEOItOIDMASS(G_UAS) •

Figure 134. Aluminum Thickness Required to Prevent
Penetration vs Meteoroid Mass _ /
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Figttre 135 presents the total weivht p(_r square foc,. of the seluCLed design

and that for an ideal bumper construction. £he difference in the

selected design and that for the ideal bumper resu_Lts from the weight of

the aluminum honeycomb core which was assumed not to contribute

protection.

2.0

DESIGN
POINTS

PANEL LBS/FT2

1.0

0.8

0,6

0.4
Z

I I I I I
10"4 10-3 i0 "2

METEOROtOMASS,GRA_

Figure i35. Meteoroid Protection

For aft surface protection it was assumed that component base-

plates of 0. 020-inch thickness add to the protection capability oi the

spacecraft.

8.4 Juplter_s Magnetic Field

Explanations of the Jupiter decimeter radiation have lead to a very

w',d: range of values of the magnetic moment of the planet. The cyclo-

tron model (nonrelativistlc electrons) proposed by Field (_. Geophys IRes., i

Vol. 65, p 1661) places the center of the radiating region at 7.7 Rj _I

near the polar axis and a magnetic field at the end of the llne of force i

of I. 6 x I05 gauss at the planet and 0. 6 gauss at 51 R 3 in the equatorial •
(
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plane. However, this model is not consistent with observations since

it requires a very steep spectrum to account for the observed time

:ariations. Chang and Davis (Astrophys, J., vol 136, p 5671) computes

the synchrotron radiation from a tbin shell of relativistic electrons as

a source of the decimeter radiation. This model requires magnetic

fields of the order 0. 1 to 1 gauss at about ? Rj and about 60 times as

large at the magnetic poles. Warwick (Astrophys, 5., vol 137, page 41)

has attempted to explain the decimetric radiation burst by means of

Cerenkov radiation. This leads to a magnetic moment for the planet

1030
of 4.2 x gauss/cm 3 and a field at 3 Rj of about 0.43 gauss.

This is quite ceusistent with the field required by Chang and Davis.

In view of the fields required by Warwick, Chang, and Davis,

a conservative estimate of the maximum field that a spacecraft will

encounter at 1.5 Rj is about 20 gauss for a polar encounter and roughly

10 gauss for an equatorial encounter, assuming the planetary dipole is

not displaced.

The interplanetary Pioneer prototype was tested for NASA/Ames

to examine the effects of large magnetic fields on the various subsystems

(Appendix 6). The tests show four steady-state fields of up to 32 gauss

in which the s9_cecraft performs in a nominal manner, except for the

data storage unit :_hich becomes inoperative at the 11 gauss level.

Cyclic fields cause loss of receiver lock when they are greater

than 10 gauss and at a frequency of 4 Hz. However, at the spin rate

of 5 rpm, nomi..:d operation was observed, e-:aept ¢or the data storage

unit, for fields f up to 25 gauss. Although this test was for the existing

Pioneer, -_hich has a different receiver design from that proposed for

the Jupiter mission, the results show that the effects of Jovian magne-

tic fields should be considered in the design of all subsystems and

experiments.

8.5 Effect of Jovian Trapped-Radiation Fie.ds

Th _. exposure of the spacecraft t_ Jovian trapped-radiation fields

is subject to extensive uncertainties: f
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• The peak electron flux is uncertain to over 2 orders of

magnitude

• The distribution of electron flux with radius from Jupiter
is uncertain

• The distribution perpendicular to the magnetic equator
is uncertain

• The spectral distribution of electrons according to energy
is uncertain

• The existence and strength of proton belts is unknown

Peak eiectron flux estimates are in the range 10 9 to 1012 electrons/

2 010cm /sec, with 1 being a reasonable median estimate. Most

investigators place the peak flux on the magnetic equator (about 0. 5 Rj

south of the geographic equator) from 2 to 3 Rj from the magnetic axis.

The flux beyond this peak is usually characterized as dropping off as
-2

r Inside the peak, it is either held level, or reduced linearly or

steeper, to the planet's surface. Perpendicular to the magnetic equator,

the trapped radiation field by analysis to the earth's is generalIy shown

as about 2 R, thick.

The spectral distribution is subject to greater variations in esti-

mate, with the "e-fold energy" - that is, the energy increment for a ,'

1/e ratio of flux .- ranging from 1 to 60 Mev. The lower values result

when the spectrum is estimated by analogy with the earth's; the higher •

when it is based on Jovian decimeter radiation. !

We show six models of electron flux (in the magnetic equatorial

plane_ versus distance from the magnetic axis, Figure 136. Curves 1,

2, and 3 are modeled from the earth's electron field, and differ pri-

marily in peak flux levels. Curves A, B, and C are modeled from

radiation emission criteria, and differ primarily in the rate of drop-off

of flu:,: at higher energy levels.

Tht, peak electron flux, the "e-fold energy", and the conversion

to flux of "equivalent 1-Mev electrons" (to evaluate in terms of damage

potential to solar cells) is shown in Table 37. This table also shows ' ¢

an estimated conversion to the peak flux of "equivalent 1-Mev electrons, "
(
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Figure 136. Electron Flux Distributions

based on the "e=fold energy" characteristic of the spectrun,. Mode] 1

is included, because it has been described in the literature, even though
it is based on a magnetic field stronger than anyone believes in.

¢
Considering the sharpness of the flux=versus-radial distance curves,

the integrated exposure of a penetrating spacecraft arises primarily _-_
i'
<
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Table 37. Electron Flux Densities

Max_ mum L
F" ectron Ire- fold MaximumFlux

* Energy" Flux Density**
Confidence

Flux Density in Model
_viodel (Mev) (1010 e/cm2/sec(1010 e/cmZ/sec)

1 60 1. 5 120 Worst

2 1.7 1. 1 2.4 Intermediate

3 0.6 1 0.7 Intermediatp

A 0.45 60 4. 5 Second

b 0.45 13 2.7 Best

C 0.45 5.5 1. 3 Second

*Electrons above 1 Mev in energy

**Equivalent 1 Mev electrons

( from the time the spacecraft is close to the peak flux region. We can

approximate the integrated exposure by using the peak flux density at

all times the spacecraft is within 0.5 Rj of the peak flux location,

assumed in the magnetic equatorial plane at 2.5 Rj from the magnetic
axis.

A worst-case duration in this region is 2 hours, and this requires

periapsis radii within 2.5 Rj, and a targeting angle, O, near + 20 or

+ 160 degrees. For periapsis radii greater than 2.5 Rj integrated
exposure drops off, slowly at first, and then more rapidly. Table 38

shows the integrated fluxes corresponding tO the worst-case trajectories,

and translates this into percentage of solar array power capability retained.

These calculations are admittedly very rough, but this precision

is not inconsistent with the confidence in the basic environment descrip-

tions. The results are perhaps best stated to associate a percentile of

the probability function with the retained power capability as foUows:
¢

I
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Table 38. Integrated Flux Densities and
Solar Array Performance

Retained
Electron Integrated

Flux Flux_ Solar Array
Capability

Model (1014 e/cmZI (_0 of Initial Power)

! 84 59

2 I. 7 93

3 O. 5 96

A 3.1 89

B 1.9 92

C 0.9 95

2 hours exposure to peak flux, equivalent 1 Mev electrons

Percentile of Percent of Initial

E s timated Probability Power C apabilit7
Function Retained After Encounter

100 100

90 97

50 93

10 75

0 0

The references consulted in creating the estimates in this section

are:

• V. Trascello and R. Loucks, '*Electrical Power System
Design for a Jupiter Solar Electric Propulsion Mission, "
Proceedings of Intersociety Energy Conversion Engineer-
ing Conference, 68 C 21, Vol. 1.

• D.B. Chang and L. Davis, Jr., "Synchrotron Radiation as
the Source of Jupiter's Polarized Decimeter Radiation,"
Astrophysical Journal, 136, pp 567-1962.

• J.W. Warwick, "Dynamic Spectra of Jupiter's Decimetric
Emission, " Astrophysical Journal, 137, pp 41-60, 1961. r

296 <

F
: ...... .. --. ..................................... JL__I........ _, i ii ill II

1969010484-331



9. ._LIPSE SURVIVAL

The limiting factors defining the length of eclipse that the space-

craft can survive are battery capacity and the lower limit for solar arr_.y

temperature. Fhe maximum permissible duration of eclipse as con-

strained bybattery capacity is approximately 69 minutes. The thermal

constraint for survival of the solar array, however, is approximately

two hours for nominal conditions {see Figure 1371. The weight penalty

for increasing the battery capability to operate for a two-hour eclipse

is approximately one pound, and as shown in Figure 138 iricreases by

about 1. 75 pounds for each additional hour of eclipse.

-150 - J"

-200

_NITIAL TEMPERATUREBASEDON Gs = 460 BT!,.__._J
(" ' _'_. INITIAL 1 HR-FT2BTU

_'__'_""TEMPERATURE BASEDON Gs - 424
-250 '" HR-FT2

_300 ,

LOWER LIMIT "_ I I
I

II
I

BATTERYCAPABILITY._ I

I
0 1.O 2.0

TIME IN ECLIPSE~ HR
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Figure 138. Battery Weight Penalty for Increasing
Jupiter Eclipse

The lower thermal limit of the array can be reduced by insulating

the aft surface of the array. This can increase the eclipse limitation

to about 5 hours. However, this insulation would raise the operating

temperature of the array in sunlight, thereby decreasing its efficiency.

To counter this, to produce the required 79 watts the array area would

have to be increased, adding 9 pounds to the solar array and a conse-

quent 5 pounds to the adapter and fairing. The added weight for a mini-

mal insulation system would be 6.5 pounds. Hence, the total weight,

including battery weight, to extend eclipse survival to 5 hours is nearly

Z7 pounds. The combined weight penalties for increasing eclipse time

are plotted in Figure t39. ¢
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Figure 139. Weight Penalty for Increased Jovian
Eclipse Survival

10. OPERATION AT EXTENDED RANGES

The Jupiter Pioneer has been optimized for its prime mission,

experimental and photo-image experiments at Jupiter. Without change,

however, the spacecraft can continue to operate at ranges beyond the

Jupiter encounter. With normal operation of cruise science, and the

standard bit rate, the maximum range is 5.4 AU, 0.35 AU beyond

encounter.

The limit is defined by the possible number of charge-discharge

cycles of the Ag-Cd battery. If the battery is assumed to be operable for

500 cycles of 60 percent discharge then the range is extended to 7.9 AU,

assuming a 5 percent experiment duty cycle over the entire range during A

the 440 days after 5.4 AU. The post-encounter trajectory labeled r

Type I in Section C is assumed. If a I_i-Cd were substituted,battery
I

299 <

<
..................... I __ IIII . . II .w-, LJ_J'.... ' _ '"=_"-"" .t_:_.L._"' " .... , ........ _......................_"'_"

.."e--"_"'_T..... -_--, ..... "" _ " P _,_ _,, _ i -
#

196g010484-334



at a weight penalty of 1.5 pounds, an experiment duty cycle ranging

from 100 to lZ percent could be achieved, as shown in Figure 140.

]oo The limit at 7.9 AU results

\ from thermal effects. The ther-g NICKEL-CADMIUM/
u 80 -- _k/ BATTERY real constraint in terms of the>-

u _" k_ minimum temperature that the

60-
o _- solar array can tolerate is well

Z_ 40 -- beyond 10 AU, but the equipment

_. _ compartment requires approxi-

2o-
"' ' SILVER-CADMIUM "_ mutely 31 watts of power to main-

0 " I J tain average spacecraft tempera-

5 6 7 8 tures above 40°F. This sets the
DISTANCE FROMSUN (AU)

7.9 AU limit, as shown in

Figure 140. Experiment Duty
Cycle Figure 141.

80
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e,,-

0 40-
_- /THERMAL
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< ,
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I I rl
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Figure 141. Available Spacecraft Power

Nominal power demande are listed in Table 39, for the selected
, ¢

design in the first column. The column for a 4-watt TWT assumes the

values presented in Section 6.7 for the Watkinl-$ohnson dual level TWT (_ t

p
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Taolc 39. Post Encounter Power Requirements

Minimum
8-Watt TWT 4-Watt TWT

Component Description Cruise Mode Cruise Mode PowerMode

Digital telemetry unit Z. 7 2.7 2.7

Command decoders 1.0 1, 0 1.0

Receivers 2.4 2, 4 2.4

TWT's and converters 30.0 !3, 5 -

Transmitter drivers 1.7 1.7 ..

Control electronics assembly 3.8 3.8 3.8

Command distribution unit 1.0 1.0 1.0

Thermal control heaters 1. 1 1. 1 1, 1

Pressure transducer 0.2 0.2 0, Z

Science subsystem 12.8 12.8 -

Subtotal 59.7 40.2 1Z. 2

Converter losses 2.6 Z. 6 2.6

( Cable losses O. 6 O. 5 O. Z

Power control unit losses 3.9 3. 0 ]. 0

Total - watts 66.8 46.3 16.0

and its converter. The minimum power mode assumes only essential

loads, with the TWT off. Guaranteed data rates for the TWT in the

4-watt mode are presented in Figure 142. As s_own the guaranteed bit

rate at the thermal limit is 32 bits/sec for w_lch the nominal value

should be 64 bits/sec.

i If a dual mode TWT is used in the 4-watt mode, nominal operation ;

could be extended to 6.6 AU, and with a limited duty cycle to the thermal

limit, as shown in Figure 143. Figures 140 and 143 demonstrate that the

most effective method of extending the n_ission _e 11 beyond the vicinity

of Jupiter is to use a dual mode TWT. The dual mode TWT also has

the advantage of providing a backup mode of operation for the entire

mission in case of solar array degradation beyond that expected. For
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Figure 14Z. Downlink Data Rate for 4-Watt TWT
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Figure 143. Experiment Duty Cycle for 4-Watt TWT

example, the mission could be performed a_ encotu_ter with both science

and video operating, but at a reduced bit rate, even with an array

degradation of 26 percent beyond that accounted for in the array design. ' •

In the same circumstances then an array degradation _f 34 percent
could be tolerated with the elimination of video data.
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E. FLIGHT OPERATIONS

This section presents, primarily in tabular form, the events,

techniques, and programs involved in the Jupiter encounter mission.

The mission is summarized in Figure 144. A mission sequence is given

in Table 40, based on a sample trajectory with a launch date of

/March 4, 1972, and Jupiter arrival date of December 1, 1973, as

described in Section C. The operations which involve more complexity

':han could be conveniently included in the sequence ate trea_ed in more

detail in the following discussion.

1. SUMMARY OF ORIENTATION MANEUVERS

Because many of the op .' rational sequences during the mission are

associated with the orientatic:n of the sp-cecraft spin axis, it is appro-

priate to summarize these orientation maneuvers. Two types of orienta-

tion maneuvers are pecsible, open-loop and closed-loop precession

maneuvers. Both are accomplished by firing the forward and aft-facing

( preeessior, thrusters in pairs of p'Ases (one puiae by one thruster,
followed by one pulse by the other thruster one-half spin cycle later in

time--and 180 degrees apart in roll position).

I. 1 _Open-Loop M,,neuv_rs

In the open-loop maneuvers, the thruster pulses are timed in rela-

tion to a sun pulse generated when the spacecraft meridional pldne con-

taining the sun sensor also contains the sun. Thruster pulse pairs

initiated 90 or 770 degrees foUowing the sun pulse cause the spin axis

to precess toward or away from the sun line. "lhese are step 1 Ire -

cessions. Thruster pulse pairs initiated at the time of the sun pulse,

or 180 degrees following it, cause the spin axis to cone counterclockwise

or clockwise about the sun line (as seen from the sun). These are

step 7 precessions. The step 1 and step 2 components of precession of

the spin axis, parallel and in quadrature to the sun's meridian, corres-

pond to latitude and longitude of a spherical coordinate space of possible

spin axis orientations, with the pole coinciding with the sun line. The , ¢

open-loop maneuvers, theoretically capable of directing the spin axis
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to any direction in the sphere, is practically limited to cone angles of the

sun (i. e., co-latitude) between t0 ° and 170 ° by the sun sensor accuracy.

Furthermore, since adequate solar power is generated only when the

spin axis is within about 80 ° of the sun at 1 AU (smaller angles at greater

distances from the sun), excursions of the cone angle beyond 80 ° mus_ be

limited to that duration which can be accommodated by the battery

capacity.

' t. 2 Closed-Loop Maneuvers

In the closed-loop 7naneuver:;, employed only to orient the spin

axis so as to point at the cart:., the thruster pulses are timed in relation

to an error signal generated on the spacecraft. This signal is the spin-

rate modulation of earth-originated rf transmission received via a space-

craft antenna which scans conically, as its axis is offset from the spin

axis. The timing of the thruster pulses within the spin cycle is slaved to

the phase of the error signal, so that the resulting precession always

carries the spin axis toward the earth line. Two spacecraft antennas can

generate the appropriate error signal: the medium-gain antenna, whose

axis is permanently offset 1O° from the spin axis; and the high-ga_.n )

antenna, which, by means of a two-position, movable feed, has its axis

at 0 degrees or I. 6degrees from the spin axis. The on-axis position is

used for maximum on-axis gain, the off-axis position for closed-loop

homing on the earth.

Two thruster pulse durations are available. One gives (at 5 rpm

and nominal moment of inertia) I. 0 degrees of precession per pulse pair,

or 5 degrees per minute. The o.ther produces 0.2 degrees per pulse

pair, or i degree per minute. The faster precession rate is normally

used only for the initial open-loop orientation from the injection attitude,

when resolution is appropriately sacrificed for speed.

i. 3 Orientation Maneuver Summary

While the actual programming of orientation maneuvers can vary

according to the actual time and day of launch, and the actual injection

accuracy achieved by the launch vehicle, a typical summary of these

maneuvers is given in Table 41. This table is based on these

assumptions 0 ,

312 <



Table 41. Orientation Manuever Summary

Closed-Loop and Antenna

or °/Pulse Paar Remarks
Open Loop ana Step Type

1. InJtlal Orientation (L + 0 clays) (fron, injectaon attxtude)

Open Step 1 1 Achieves spm-axas-sun-line
angle <75 deg

Open Step 2. I Achaeves anterlm pointing attatude,
near earth, but closer to the sun,

for adequate power

2. Cruase (L + 0 to L + 5 days)

(No orientation maneuvers)

3. First Midcourse Correction {L + 5 days) (from xnterlm attitude)

Open Step I 0.2 (Employed only if necessary to
bring spin axas within 10 deg of
earth - i.e., the acquasxtion range
of the n_edxum-gaxn antenna)

Closed Medium-gain 0.2 Achieves earth pointing

Open Step l-I 0.2

Open Step 2- 1 0. >- Achieves orientation for AV

(_v)

Open Step 2-2 O, 2

Open Step 1-1 0. g Returns to interim pointing

4. Cruise {L + 5,,to, L + I0 day.s)l

(No orientation maneuvers )

5. Cruise {L,+ 10 to L + 25 days) (from interim attitude)

Closed Medium-gain 0.2 Achieves and periodically main- ,
rains earth pointing

6. Crulse IL + 25 to L + 30 days)

Closed High-gain 0.2 Periodica_Iy maiutains earth
pointing

7. Second Midcourse Correction IL +. 30 days} {from earth-pointing attitude)

Closed High-gain 0.2 Initial fine earth pointing for atti-
tude reference

Open Step l- 1 0. Z

Open Step Z- 1 0. Z Achieves orientation for AV

(Av)

Open Step 2-2 0. Z

Open Step l-Z 0.2 Returns to rough earth pointing

Closed High-gain 0. Z Fine ea_,th pointing

8. Cruise (L + 30 days to end of missionl ' 4'

Closed High-gain O.Z PeriodicaUy, as necessary to

center the high-gain ; ntennApattern on the earth line

w i i
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• The trajectory is such that adequate solar array power is
generated in the earth-pointing attitude only after I0 days
after launch

• Midcourse trajectory correction maneuvers are conducted
at 5 days after launch, and at 30 days after launch.

2. PRELAUNCH ORT_.NTATION COMMANDS

Prior to launch, the program for the initial orientation maneuver

' (an open-loop precession maneuver) to take place automatically subse-

quent to injection must be commanded to the spacecraft orientation

registers. The command sequence is shown in Table 42. This se-

quence will be enabled by the spacecraft sequencer which is discussed in

the next section and will proceed automatically when the spacecraft is in

the sun light. The orientation sequence automatically terminates follow-

ing completion of the step 2 maneuver.

Table 42. Prelaunch Orientation Sequence

t. Command "select step t-t register."

2. Command direction, size, ar quantity of step 1 pulse
pairs (part 1}.

3. Command direction, size and quantity of step 1 pulse
pairs (part 2).

4. Verify stored data is correct; if not, repeat steps 2 and 3.

5. Command "select step 2-1 register. "

6. Command direction, size, and quantity of step 2 pulse
pairs (part 1).

7. Command direction, size, and quantity of step 2 pulse
pairs (part 2).

8. Verify stored data is correct; if not, repeat steps 6 and 7.

9. Command "select AV register. "

10. Verify register empty; if not, send commands to empty register.

11. Command "select step 2-2 register. "

12. Repeat step 10.

[3. Command "select step 1-2 register. "

14. Repeat step 10. r

15. Command "select real-time register, e,
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3. SPACECRAF r SEQUENCER

The addition of a sequencer is required for the inclusion of despin

rockets on the spacecraft and for a delayed turn-on of the TWT which,

in turn, reduces necessary battery capacity. The sequencer will start

with a signal geuerated by the separation of the third stage and the space-

c:aft and the steps of the sequence are shown below.

Event Time, Minutes

I. Thi,'d stage --S/C separation 0

2. Fire S/C despin rockets +I

3. Deploy S/C solar panels +2

4. Enable orientation to start H3

5. Switch driver number I to TWT +14 I/2

6. Switch TWT to low-gain antenna +14 3/4

7. Turn TWT number i on +15

4. MIDCOURSE MANEUVER

As seen in Table 41 and in the spin axis pointing program figure

in Section C the spacecraft axis is pointed at the earth briefly prior to

the first midcourse correction but is returned to pointing between the

earth and sun by the stored orientation commands following the AV thrust-

ing. Earth pointing prior to the maneuver is necessary to improve the

accuracy of the midcourse ,naneuver but is not desirable following the

maneuver, in order to continue to generate adequate solar power. In

subsequent midcourse maneuvers the spacecraft will be pointing in the

same direction, toward the earth, prior to and subsequent to the mid-

course maneuver.

Once the direction and magnitude for the midcourse maneuver has

been determined from the tracking data these values will be translated to

directions and magnitudes for programming the spacecraft. The seq-

uence is the same as that shown in Table 42 except the AV, step 2-2

and step i-2 registers, governing the return from the midcourse AV

orientation, will be loaded and verified in the same way the step 1-i and

step Z-I registers were. The midcourse sequence is started by the ¢

"auto orient and AV start" command and is automatically terminated and

the end of the sequence or may be terminated at any point by the "auto
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orient and AV stop" command. Since it takes 3 commands to fill a reg-

ister and there are 5 registers to fill, it willtake 15 commands to store

the midcours_, sequence. One command is required to return to the real-

time register and one command is required to start the sequence giving

a total of 17 commands.

5. CLOSED-LOOP ORIENTATION

It will be necessary to trim the spacecraft orientation periodically

(approximately once per week) in order to maintain communications with

the earth. There are _wo reasons for this:

1) The spacecraft trajectory relative to the earth
causes the heliocentric longitude of the earth-
spacecraft line to vary with time. (See Section C. )

2) The spacecraft center of gravity and center of
pressure are not coincident, and solar pressures
will precess the spin axis.

To maintain earth pointing this trimming is achieved by a closed-

loop orientation maneuver, which is conducted by the sequence of

Table 43.

This mode of orientation will not work if the earth is not initially

within the active portion of the selected antenna. Therefore, as seen in

Table 41, a preliminary open-loop orientation is shown where needed to

put the medium-gain antenna pattern on the earth.

Table 43. Closed-Loop Orientation Sequence

i. Select S/C receiving antenna according to expected initial
pointing error.

a) Medium- gain antenna
l) Command medium-gain antenna to receiver

to be used.
b) High-gain antenna

i) Command high-gain antenna to receiver
to be used

2) Command spacecraft antenna feed to the
offset position

2. Establish uplink lock with the above selected receiver
a) Verily lock is solid and uplink transmission

and tracking are stable.

3. Send "Receiver Orient On" command. ' ¢

4. Monitor operation and completion of orientation.

5. Send "Receiver Orient Off"'command. ( )
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6. SPIN RATE TRIMMING

The spacecraft spin rate is to be 5 rpm. It may be necessary to

adjust the spin to 5 rpm after these events:

t) Injection and panel deployment.

2) Deployment of experiment antennas.

3) Midcourse maneuvers.

4) Orientation maneuvers.

To trim the spin rate two commands are provided: 1) increase

spin rate and 2) decrease spin rate. Each commar_i will correct the

spin rate by 0. 02 rpm.

7. DEPLOYMENT OF RADIO ASTRONOMY ANTENNA

The radio astronomy antenna is shown to be deployed following the

final midcourse maneuvers, 31 days after launch. However, should

there be any doubt whether a particular midcourse maneuver is the final

maneuver the deployment of this antenna would be delayed until it was
( certain there would be no further midcou,'se maneuvers.

8. TELEMETRY COMMUNICATIONS

As the spacecraft travels from the earth to Jupiter it will be

necessary to shift operations through the var"')us spacecraft antennas

and bit rates in order to maintain optimum communications. Figure 145.

is a heliocentric plot with a fixed earth-_un line. This type of plot is

especially good for showing the telel_aet "y communication situation. The

concentric rings around the earth defiae the bit rate switch points for

the DSS 85-foot dish system with the spacecraft high-gain antenna. The

spacecraft trajectory is shown with time ticks at 30-day intervals after

the launch date. The numbers in parenti eses are for the 210-foot dish

with the spacecraft high-gain antem.a.

The bit rate capabilities are ba.sed on a maximum range for

2048 bits/sec with tO -3 errors at 3 AU when using the 2tO-foot dish and

spacecraft high-gaJ_ antenna. Bit rate capabilities for the remaining

configurations were derived from the data given below:

(- ,
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C on figuration Difference

210-foot dish to 85-foot dish -12 db

Spacecraft high to medium-gain antenna -18 db

Spacecraft high to low-gain antenna -33 db

The spacecraft trajectory for the first 30 days after launch is

plotted on an expanded scale in Figure 146. This figure shows the bit

rate capabilities of the 85-foot dish and the spacecraft low-gain antenna

and is related to the 85-foot dish, medium-gain antenna combination by

data in parentheses on the plot. Itis evident, by studying this plot, why

the spacecraft solar panels would not receive sufficient sun light ifthe

spin axis is pointed at the earth sooner tb" 'approximately I0 days after

launch.

Figure 147 shows bit rate capability of the 85-foot dish and the

spacecraft medium-gain antenna. Also the 85-foot dish, high-gain

antenna combination capability is shown in parentheses on the plot.

Figures 145 through 147 are useful for planning bit rate, space-

craft antenna, and DSS dish p_ogramming. However, Figures i45 and

147 are not useful for evaluation of the orientation programming. The

figures in Section C, "Time Histories of Trajectory Angles, " provide

information for apprecation of the required spin axis orientation pro-

gramming with time.

9. GROUND OPERATIONAL CONSIDERATIONS

Pioneers 6, 7 and 8 require mission dependent equipment and soft-

ware which was designed and fabricated by TRW Systems. Pioneers F

and G, however, will be under a new regime where there will be no

requirement for mission dependent equipment. Command encoding,

telemetry subcarrier demodulation and bit synchronization, and com-

puter buffering will be done by mission independent equipment supplied

by the Deep Space Net. Also, it is understood that Ground Operation

Equipment (GOE) operational programs required for the Deep Space

Stations and the Space Flight Operations Facility will not be provided by

the spacecraft contractor. Therefore, there is no consideration in this

_ study in regard to GOE hardware or software.
%
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85-FOOT DISH, SPACECRAFTLOW-GAII\_ AIXJTENNA

30 DAYS

(1024/2048 SPACECRAFTMEDIUM GAIN ANTENNA)

20 DAYS

_5
1024_

10 DAYS

EARTH
i

SUN

Figu=e 146. Telemetry Bit Rate £or
Near-Earth Trajectory

85-FOOT DISH, SPACECRAFTMEDIUM-GAIN ANTENNA

85' DISH, SPACECRAFTHIGH GAIN

SUN

Figure t47. Telemetry Bit Rate for
Trajectory to 150 Days (_ ,
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10. QUANTITATIVE AND TIMED-STORAGE COMMANDS

Three types of commands are provided for control of the spacecraft.

Most commands are of the discrete or real-time type that actuate the

commanded function immediately. The second type, quantitative com-

mands, is associated with the ACS and video (camera} subsystems. The

ACS has five registers for actuating orientation and AV sequences. The

video subsystem has two registers, one for setting a time delay and one

for setting the mirror cone angle. Timed-storage is the third category

and it provides for the sequential actuation any five commands with I to

356 seconds delay between each command. Loading of the quantitative

and timed-storage commands requires a special technique.

10. 1 ACS Quantitative Commands

The ACS can be programmed by ground command to actuate a

variable number of precession thruster operations and variable number

of seconds for operation of the AV thruster. The sequence for operation

is fixed as follows:

l) Step I orientation (step l-t).

2) Step 2 orientation (step 2-1).

3) AV thrusting.

4) Step 2 orientation (step 2-2).

5) Step I orientation (step 1-2).

#
The orientation pulsing can be done clockwise or counterclockwise,

0.2 ° or i.0° per pulse pair and from 0 to 2047 pulse pairs. This is true

for each of the four orientation positions in the above sequence. The AV

thrusting can be done forward or aft and for 0 to 4095 half seconds.

There are five registers in the ACS for storing and validating the

operations data before starting the orientation and/or thrusting. Ifany

For step 2 precessions, the sense is clockwise or counterclockwise

about the spacecraft-sun line, as seen from the sun. For step i pre- #
cessions, clockwise and counterclockwise may be defined as precessions

- of the spin axis toward and away from the sun line, respectively.
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of the registers has all zeros it is effectively bypassed when the sequence

has been commanded to start.

In order to store data in one of these registers or to verify its

contents via telemetry a command must be sent to select that register.

Following this two store type commands must be sent with the data to be

stored. For example, to store 682 (1252 base 8), CCW, fine pulse pairs

in the first step I register the following commands would be sent:

Order Type Function or NumberCommand

I Real-time Select step I-I

2 Store 120 base 8

3 Store 025 base 8

The last two commands will fill the step i-I register as shown below.

COMMAND 3 _ I---- COMMAND 2 "--"l
COM_',NDS---.--IoIoIo11IoI, Iol110111011101010Iol

I I I I I [ I I I I I I l I N_- I¢Jl
I I i I i I I i i I , i I _ "_I

I j , I I , I ' I , , I I ' USED I
STEPI-I REGISTER'_-"!Ol olDI, Iol 11ol, Iol 1Iol ,Iol

1 2 5 2 = 1252BASE8

0 = FINE PULSE(1 = COARSEPULSE)(SELECTSPULSEDURATION)
0 = CCW (I = CW)

The _V register would be filled in the same manner. As an

example, in order to store 38! seconds (962 hall-seconds or 1702 base 8)

of forward thrusting send the following commands:

Type Function or Number
_ Order Command

i Real-time Select AV Register •

2 Store 020 base 8

3 Store 7.36 base 8 (_
i |
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The last two commands will fill the _V register as shown below.

_--"-COMMAND 3 _ COMMAND 2

!"1!o !ol 1I1l_111oEIEIEIIBIlaEIEIEI
I i I I I I I I I I o i I i

I I i I , I I I I I I I I II_NOT_'_

'ili"' '""'_11'110 0 1 11111010101011101

L.,.,..__.-,.,-__vJ
1 7 0 _: 1702 BASE8

1 = FORWARD (0 = AFT)

10. 2 Timed-Storage Commands

In order to store commands and time delays in the timed-storage

portion of the CDU the following commands would be sent.

( O,der T,peCommand Function or Number

i Real-time Select Register No. i i

2 Store (Desired command
number)

3 Real..time Select Register No. 2

4 Store (Desired time delay
in seconds in base 8
for above stored
command)

Repeat the above sequence for each of the four remaining pairs of

registers. To verify the stored contents of a particular register it must

be selected by command in order to have it telemetered.

i O. 3 Video {Camera_ Quantitative Commands

The video subsystem has two registers for quantitative commands.

One for the time delay between the detection of Jupiter and the instant

for taking a picture and one for the cone angle o£ the mirror. These

resisters will be fLLled and verified in the same manner as the ACS ' •

resisters,
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F. ALTERNATIVES AND TRADES

This section includes those alternatives and trades developed

during the study which are outside the scope of a description of the

selected spacecraft.

I. ALTERNATE CONFIGURATION APPROACHES

In conformance with Item 4. 1, Paragraph Z of the Work State-

ment, a number of conceptual designs were examined and presented

at the mid-term briefing on 3 August 1968. Particular attention was

given to the followlng sections of the work statement:

e Section 4. 3.2.5. Various configurations using solar cells
in combination with solar energy refiectors were studied.

e S.e.ction 7. I. 2.4. Various configurations and experiment-
mounting provisions were studied which mould alloy, experi-
ment scanning in the plane of the ecliptic.

Table 44 shows the configuration tree from which the conceptual

designs were selected for comparison during the first half of the study.

It should be kept in mind that the _xork statement rightfully excluded

three-axls stabilized spacecraft on the basis of earlier studies which

showed them to be heavier, less reliable, and generally inappropriate

for such a precursor mission.

In considering the options with the spin axis parallel to the ecliptic

(earth pointing), the key questions relating to solar power were:

• If solar panels are used, what type of reflector augmentation,
H any, is to be used?

• Is a large deployed refiector combined with body-fixed solar
cellu feasible and attractive?

These questions were separated from the type of scan to be provided

for selected experiments, since it was felt that the two problems were

relatively independent. For Pioneer-type experiments such as the plag-

rrm probe and solar cosmic ray detector, experiments which benefit

from an ecliptic scan, the options were: ' t

0 ,
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a) Scan at a fixea cone angle about the spin axis. (This inclues

the case of a fixed pointing direction if the cone angle is

0 or 180 degrees. )

b) Scan at a variable cone angle about the spin axis

c) Scan in a reciprocating fashion in the plane of the ecliptic
(this also includes the case of continuous scan but with view

blockage in certain directions. )

d) Scan continuously in the plane of the ecliptic (this is the case
specifically called out for consideration in the work statement. )

For planetary pointing experiments, such as television and ultra-

violet or infrared detectors, the options included:

a) Same as above

b) Same as above

c) Despin a platform or mirror, either continuously or during
" the duration of an exposure, and provide variable cone angle

:-o allow stabilized pointing toward Jupiter

In considering the options with the spin axis perpendicular to the

: ecliptic, ecliptic experimeut scan is automatically provided, although

with possible blockage from appendages. Here, the key question is

how to mount the solar array. It was early shown that a spinning array,

such as is used by Pioneer, involved an unacceptable weight penalty at

, the low solar illuminations present near Jupiter (5 AU from the sun).

.; Thus the basic configuration involved a despun array and the option was

! whr+her or not reflector augmentation was used.

| Since more than adequate power is available until Jupiter range

is approached (and then the angle between the earth and the sun do not

exceed IZ degrees) it was concluded that the high-gain antenna should _

be mounted rigidly to the despun array and that the whole assembly should

point toward the earth.
{

With this as a background to the options considered, let us now I
look at those which were selected for consideration in greater detail. _

: !

I. I Configuration I I ¢
I

Figure 148 indicates a basic configuration concept providing a (-_ I : (

: large body-flxed earth pointing high-gain antenna and using deployed
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panels for solar power. This concept was adapted from our earlier

Advanced Planetary I_robe study and was considered to have great

promise. It is adaptable to u-e either with a planar array or with an

array with local reflector augmentation. This latter version is dis-

cussed later (Section 1.2) as Configuration 2. It is also capable of

mo_nting a despun-respun package to provide experiment scan in the

plane of the ecliptic. This facet will be discussed in Section 1.3.

The advantages of Configuration 1 are:

• No moving parts (aside from the original solar panel
deployment

• Efficient use of launch vehicle envelope

• Simple symmetrical design with straightforward load
paths and simple structure

• Light weight (lightest of options considered)

The disadvantages include:

• The requirement to develop an earth-pointing technique

• As opposed to Pioneer, that continual attitude updates are
required to maintain earth pointing

• As opposed to Mariner, that gyros cannot be used to
control attitude for midcourse corrections

Since this is the configuration which was selected for detailed

study by NASA-Ames at the mid-term briefing and is the subject of the

body of the report, it will not be considered further here. !

I.Z Configuration 2

Configuration _ is illustratedin Figure 149. Itis similar to con-

figurationI except itemploys reflectingsurfaces to concentrate the

solar energy onto a reduce number of cells. The purpose of this tech-

nique is twofold. One is to reduce the totalarray weight needed for

a given power level, based on the presumption that the weight of the

reflector part of the array is much less than the weight of that part of

the array supporting solar cells. The other is to reduce cost by reduc- ' ¢

ing the total number of cells required. Implicit in this process is a (-_ •
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recognition that, because of collector inefficiencies, the total array area

required will increase. Two reflector configurations have been con-

sidered, one in the form of a waffle grid and the other using a rib-shaped

reflector element. The former provides a greater concentration ratio

and has been used as the main representative for solar panel mounted

reflector concentrators.

Figure 150 shows one specific implementation of this concept.

The reflectors are in the form of a waffle grid, so that each group of

16 solar cells is in a module with reflector surfaces in the form of a

square pyramid surrounding it.

NAL
REFLECTOR

REFLECTOR

SOLARCELL

PANEL

STIFFENER

Figure 150. Solar Panel --Waffle Reflector

The number of cells in each module is fairly arbitrary with wiring

simplicity favoring a large number but physical size of the reflectors i
¢

(stiffness of reflector surface for minimum gage material) favoring a

O,
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small number. The selected 4 by 4 cell module appears to a reasonable

compromise. The next question is the slope and height of the reflector

surfaces. In general, the nearer the sides are to vertical and the higher

the sides, the greater the attainable concentration ratio for on-_:._s rays

but also the more rapid the drop in power as the array panel moves off

from solar pointing. Since from Jupiter the sun may be as far as

12 degrees from the earth, the pointing direction, the power at this

IZ-degree offset direction is considered as the design condition.

Figures 151, 152 and 153 show the effectiveness of concentrators with

reflector slopes of 15, 20, and 30 degrees and various reflector height

to cell module width ratios.

Two quantities are of interest. One of these can be thought of as

a collection efficiency and is the equivalent area intercepted by the cells

divided by the total array area. The reciprocal of this quantity repre-

sents the factor by which the total array area must be increased over

a planar array, to give the same power. It is primarily dependent

upon the pointing offset angle but is also determined by the reflector

surface reflectivity in a complicated calculation which includes the

( effect of the number of reflections for each ray which reaches the surface.

Since the latter calculation is extremely time consuming, a winnowing

out process based on the results of a unity reflectivity calculation was

used to limit the number of cases which must be calculated. In this i

sense, the case _ = 15 degrees (Figure 151)was judged to be too sensi- i

tive to the pointing offset angle, 8 , and also demands too large a re-

flector height (reflector weight penalty for a good concentration ratio,

the second quantity of interest).

This concentration ratio is expressed as the ratio: array area/

cell area. The reciprocal of this quantity represents the fraction of

the total array covered by cells and the product of the two reciprocals

gives the ratio of the number of cells used in a reflector augmented array

to those used in an equivalent planar array.

Referring toFigure 153(_ = 30 degrees)it is seen, considering a

reflectivity of 0.85 as typical, that the collection efficiency is too low

(:
t
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when, simultaneously, it is desired to obtain a usefully high concentra-

tion ratio. Thus the intermediate value, ¢ = 20 degrees (Figure 152),

appears to be near optimum. Within this case, an H/L ratio of 1. 5

gives a reasonable concentration ratio, 4. 375, and at the same time

does not sacrifice too much in collection efficiency, 7Z percent for a

reflectivity of 0.85. This has been used as a design point for the

further tradeoff.

For this point, the array area is up by 39 percent and the total

number of cells is down by 68 percent (32 percent as many cells) as

compared to a reference planar array. Actually this estimate is opti-

mistic because the lower cell efficiency due to the high operating temp-

erature of a reflector augmented array must be considered. Figure 154

shows an operating temperature of -SZ°F or 130°F higher than a planar

array. This results in about 4 percent decrease in cell efficiency,

thus total array area is up by 41 percent (instead of 39 percent) and

the total number of cells is down by 67 percent.

80 BASEDON H/L = 1.5,

= 20DEGREES
SOLARCELLa = 0.71
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Based upon this design point, detailed array weight estimates

were made. Unfortunately, no structural concept was found which led

to an overall weight saving. In fact, for the best structural concept

investigated, the decrease in per unit area weight was just compensated

by she increase in total array area. There still remains the significant

cost saving due to the 67 percent reduction in number of cells. However,

this is lost in the increased development and fabrication costs of the

, new type array.

Other implications of the use of this array concept will now be

discussed. Figure 155 shows some solar pointing constraints introduced

by the waffle type concentrator. While adequate power is availabJe under

all conditions, the array must be pointed away from the sun while near

1 AU. This delays initial earth pointing by about 25 days. There is also

decreased capability for eclipse survival, although not as drastic as the

i data presented at the midterm, which was in error by not including the

weight of the cells themselves in the thermal mass. Table 45 summarizes

mission profile influence. Table 46 gives a summary of conventional

and waffle reflector arrays at equal power levels. Since the final design

of Configuration 1 uses all the available space in the shroua, a 45 per-7

! cent increase in a-ray area would require a 2-foot extension of the

shroud (1 pound per 8 inches) and spacecraft adapter (0. 5 pound per inch)

leading to a net weight penalty of 15 pounds.

Taking all these factors into account, it is clear that a waffle

reflector concentrator array should not be used. An inspection of

Table 47 shows that an alternate rib reflector concentrator does not

offer any advantage over the waffle concentrator except for a lower

development cost, leaving the conventional planar array as the logical

choice.

1.3 Mechanization of a Science Scan Package
Which Scans in the Ecliptic

Two possibilities appear to exist for providing a scan package

which scans in the ecliptic. The first is to pro_-Ide a despun platform,

mounted perhaps on the tripod feed structure, on which is mounted •
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( Table 45. Influence on Mission Profile, Configuration 2

Characteristic Influence

Faster temperature drop-off • Trajectory selection to avoid
during eclipse long earth eclipse after launch

• Possible required roll during
parking orbit cost to preheat
panels before earth eclipse

• Encounter targeting to reduce
eclipse at Jupiter

Performance sensitivity to • Delay initial earth pointing in
offset angles from sun line cruise until 25 additional days

• Restrict possible midcourse
correction orientations to within

about 40 degrees of sun line,
unless battery power is used

High temperature of cell when • Minor influence; may impose
sun pointing, near 1 AU from slight restriction on midcourse

sun correction orientations •
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an osciilating experiment package. This concept has the merit of

mounting near the centerline and thus int,-oducing only minor balance

or c.g. shift problems. It requires slip rings and, because of blockage

by the spacecraft body and array, provides good visibility unly in the

forward hemisphere. This blockage limitation might be _olerable for

some experiment but, in genera], was felt to be too restrictive, r

The second possibility is to mount a despun-respun package cn a

long boom between the solar array panels, as was previously shown

in Figure 149. If the ecliptic scan is synchronized with the despin,

the experiment aperture will never look toward the spacecraft and

unobstructed viewing is possible. Two variations of this concept are

shown in Figures.156 and t57.

Both designs depict a despin motor whose axis is earth pointing

with a 1:1 right angle gear drive to cause scanning in the ecliptic plane.

In the preferred configuration, which was selected due to its higher

reliability, the science is on one side of the despin shaft and connected

through spiral ribbon flex wire. The science for this configuration is

balanced by a counterweight fixed to the despin housing. The 5.7opound

counterweight is attached at the end of a 35-inch boom.

The second design considered has experiments on both sides of

-_ the despin axis with one connected to the spacecraft through spiral

flex wire and the other through slip rings. The experiments rotate in

opposite directions in the ecliptic plane and can be pointed so that

their motion is phased not to let the experiments see the experiment

boom or spacecraft.

A resolver commutated synchronous motor has been selected to

drive the assembly. This system offers the advantages of no brushes,

low speed without gears, and small power requirements, less than

5 watts.

A number of possible flex wire configuration were investigated,

and a spiral ribbon with the ribbon surface parallel to the spiral axis

was selected since this provides good action and low stresses. Con-
!¢

siderable spacecraft experience with slip rings exists and the approach

0 i'
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has potentialfor thisapplication. However, electronic noise of the

order of 1 mv is associated with this approach which may require pre-

amplificationfor low Ievel analog information.

A reliabilityassessment was performed for both configurations

which shows the flex wire configurationto be superior; however, this

configurationhas a weight disadvantage of about 2.4 pounds.

Table 48 s,_nmarizes the experiment s_nal transfer possibilities. •

Table 49 gives a detailed weight breakdown, and Table 50 presents the __
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Table 49. Preferred Despun-Respun Scan Platform Weight Summary

Weight (lb)

Despin Mechanism 16.04

Housing, shaft, miscellaneot.q 5. 58
Gears 0.84

Bearings 0.82
Flex wires 0.60
Motor, resolver, encoder 2. 10
Experiment housing and insulation 0.40

, Balance weight and boom 5.70

Boom Assembly 4. 17

Deployment arm 1.92
Damper 1.00
Ordnance and release 0. 50

Wiring O. 75
Subtotal 20.21

+ 10% contingency 2.0__...._2

External weight less experiment 22.23

Despun electronics assembly 6.00

Total less experiment 28.23

Experiment weight (typical) 13.25

Total including experiment 41.48

Table 50. Flex Wire Configurations Considered

Configuration Remarks

Direct run, individual wires Cannot accommodate path length
changes. Wires buckle, rub,

" and wear

Direct run, individual wires, Wires rub create friction torque
slight helix and wear

Flat ribbon, zero or slight twist Snap through action - poor

Spiral ribbon, ribbon surface Good action, low stresses
normal to spiral axis

Spiral ribbon, ribbon surface Good action but width of ribbon
parallel to axis limited

Spiral bellows, wires parallel Good action, low stresses, ter-
to spiral mination somewhat complex,

possibility of eliminating gears
if torques are low

S/ngle bellows convolute, wires High bending stresses
in axis plane

i¢
Multiple convolute bellows, wires High bending stresses, possibility I
in axis plane of eliminating gears if torques J

are low 0
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Table 51. Despun-Respun Package System Reliability Assessment

Wire Flex Wire Flex Plus Slip Rings

2 years 3 years 2 years 3 years

30 wires/experiment O. 865 O. 807 O. 844 O. 750

7 wires/experiment O. 912 O. 875 O. 902 O. 847

' flex wire possibilities considered for the preferred version.

Table 51 presents a reliability comparison for the two versions.

At the midterm briefing, it was unanimously decided that the

weight penalty involved in providing ecliptic scan was too large to

allow it to be considered further.

1.4 Configuration 3

This configuration, shown in Figure 158, is the result of an attempt

to find a way of using large reflectors to concentrate solar energy on a

Pioneer-type body-mounted solar array. Table 52 summarized

the rationale behind this configuration. The key problem is an outgrowth
C

of the need to have an earth pointed high-gain antenna. This means that

the solar collector must operate over a range of solar offset angles at

least up to 12 degrees {maximum earth-sun angle from Jupiter} and

desirably over a larger angle so that earth pointing can be achieved

during a significant portion of the transit flight. It is not surprising that

the reflector area goes up very rapidly as this angle increases, but

what is surprising is that the diameter of body-mounted array also

increases. This is because the half angle of the conical body must be

equal to the solar offset angle so that sunlight from the near and far

sides of the reflector does not miss the body completely.

Figure 158 shows a configuration designed for an 18-degree solar

offset and sized to the shroud constraint. This provides only 60 watts,

assuming an effective surface reflectivity of 50 percent, and the solar

cell array area is almost equal to that of a 60-watt planar array. The

conical reflector is envisioned as a thin film, for example, Kapton, _
¢

which is aluminized to form a reflector surface. Deployment of such a

( ,
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Table 52. Rationale Behind Configuration 3

Aim_
N_

• Mount reduced number of solar cells on spacecraft body to
save cell and structural weight

• Deploy large film reflector to intercept and concentrate
enough light

• Maintain earth-pointing spin axis

Constraints

• Intercept 240 ft Z when pointed at sun (gives 60 watts with
50 percent reflectivity assumed)

• Tolerate pointing away from sun: 12 dog at 5.3 AU
14 dog at 4. 1 AU
26 dog at 2.2 AU

Consequences Re sizing

• To tolerate offset pointing use oversize conical reflector

C • To intercept enough area and tolerate 18-degree offset,reflector maximum diameter : 38 feet

• To accept reflected light during offset pointing, solar array
in on concentric cone with half-angle = offset angle

• 18-degree offset leads to shroud-limited array, 87 ft 2 area

J

reflector is a major problem as well as maintaining a reasonable sur-

face smoothness when deployed. This is the reason for assuming a

reflectivlty as low as 50 percent. Table 53 summarizes the problems

of Configuration 3. These are so severe that the decision at the midterm

briefing was to drop this configuration from further consideration.

i. 5 Configuration 4 i

Configuration 4 explores the possibility of utilizing the orientation of

the present Pioneer interplanetary series, that is, with the spin axis

perpendicular to the ecliptic plane. This leads to essential d/fferences in

other aspects of the spacecraft physical cozdisuration, in particular the ' ¢

(-
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Table 53. Major Problems of Configuration 3

Size • .

• Development, testing, deployment, and reliability of large
conical reflector

• Solar cell placement is large enough that it doesn't use common
structure with spacecraft body, and it only saves 28 percent of
total cells

, Viewing

• Solar cell placement and conical reflector seriously restrict
viewing of body-mounted or boom-mounted instruments

• Booms standing out from spacecraft body will shadow the
cells

Mission Profile

• Design is inadequate for pointing over 18 degrees from sun,
Must avoid earth pointing long into cruise

• Restrictions on orientations for midcourse correction

Thermal

• Oversize conical reflector will lead to high temperatures of
some spacecraft components (e. g., antenna feed, when sun
is on axis)

Assessment

• Drop consideration of this approach

location of solar array

panels and a parabolic cylin-

drical high-gain antenna on

a despun assembly. In addi-

DES_N tion, the scan motion of in-
ASSEMBLY struments is different from

the earth-pointing configura-

cTO_"d_r J_J.___ HIGH-GAIN tions.

"_"' k_ sv, _,_ _ANTENNA J The spacecraft body
• _----_. _,_ REFLECTOR

_.._" """_ _SPINNING spins about an axis perpen- t

:_ "_" SPACECRAFTBoDY dicu/ar to the earth and sun



lines. The despun assembly contains solar cells, mostly on two large

deployed panels, and a high-gain antenna reflector. The spinning space-

cra't body provides the stabilization for attitude control as well as a

scanning platform for instruments designed to measure phenomena through-

out the ecliptic plane. The despun assembly provides earth pointing for the

communications antenna and a fixed attitude close enough to sun pointing

(as in Configuration i) for the solar array to receive adequate light.

Variations in the mission profile from that of Configuration i re-

flect two additions.

The despun assembly is tethered to the spacecraft body during the

Atlas and Centaur stage firingsof the launch vehicle, to avoid carrying

high lateral loads through the despin bearing. This tether is severed

before spinup so the despun assembly need not be spun up, only to be

despun later. Instead it is "idled" at a slow rotation rate by engaging the

despin motor at a commanded speed approximating the spin rate.

Between initialorientationSteps I and 2, the idlingmode is

terminated, because the presence of sun pulses provides a reference for

( completely despinning the assembly and pointing it at the desired angle

from the spacecraft-sun line.

Table 54 shows a typical science payload for this configuration.

This configuration represents a spacecraft with characteristics

signHicant3y different from Coy_figuration i in several areas. It was

generated in an attempt to preserve more directly the ecliptic scanning

feature of the current Pioneer interplanetary series. While the gear-

driven, despun-respun package necessary to provide Configuration i with

this capability is avoided, the requirements of an adequate area of inter-

cepted sunlight and adequate communications antenna gain have led to a

despun assembly of significant weight and major size, coml_red with the i

spinning spacecraft body.

Figure 159 shows the genera_ features of this configuration. The

despun assembly contains solar array panels which are deployed after

injection to lie in the plane which faces the earth in cruise. These panels, ' •
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together with cells in the center despun section, form 160 squ-re feet,

and can supply 75 wa_ts at 5.3 AU, or 83 watts at 5.05 AU{encounter),

the same as Configuration 1. It also contains the parabolic cylindric.al

reflector of the high-gain antenna. (The Franklin array axial radiator of

the high-gain antenna is a part of the rotating spacecraft body. )

The spinning body contains all scientific instruments, all electrical

subsystems, and the propulsion/attitude control system inehding all

attitude sensors and thrusters. Because of the despin assembly on top of

the body, only a single AV thruster is used, at the bottom. This reduces

propulsion reliabillty somewhat, and requires a statistically greater

total precession budget for midcourse correction orientations.

The Configuration 4 subsystems functional descriptions are as

follow s:

1.5.1 Electrical Power

The functional description and performance presented for

Configuration 1 is applicable for the Configuration 4.

1.5.2 Telecommunications

The functional description presented for Configuration 1 is appli-

cable, except that the high-gain paraboloid antenna is replaced with a

FranklL1 array and reflector which has an on-axis gain of 30 db. Addi-

tionally, the medium-gain helix antenna has been eliminated since the

conical scan method for earth acquisition is not used.

1.5.3 Data Handling

The data handling subsystem is the same as thatfor Configuration I. !

I.5.4 Prop ul.sion

The propulsion system is monopropeL1ant as for Configuration I,

except that only a single AV thruster on the aft end is used.

I.5.5 Thermal Control

The thermal design will be basically the same as for Configuration I.

¢

t
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1.5.6 Attitude Control Subsystem

The attitude control subsystem provides for spin speed control,

performs despin of the antenna and solar array platfor-,n to point towards

the sun, periorms orientation of the spin axis normal to the ecliptic,

positions the despun platform to point toward the earth, performs rnid-

course orientation maneuvers, and provides roll indexing for experiments.

• Spin speed control is accomplished in the same manner
as for Configuration t using monopropellant thrusters.

• Despin and pointing platform to the sun is accomplished
by employing sun sensors and gating logic for control of
power to the platform electric motor.

• Orientation of spin axis normal to the ecliptic is per-
formed hy precessing the spin axis normal to the sun
line and subsequently precessing the spin axis about
the sun line until Canopus is in view of the star sensor.
The star sensor is mounted on the aft surface of spinning
portion eliminating the need for slip rings.

• Earth acquisition or other desired azimuth angles relative
to the sun is accomplished through ground bias angle

(_ commands sent to the spacecraft via uplink communication.Verification of earth pointing is furnished by downlink
signal intensity. Tracking bias angle commands can be
periodically sent to maximize signal intensity and maintain
fine pointing accuracy.

• Midcourse correction orientation maneuvers are

accomplished in a similar manner as in Configuration 1.
Precession about the sun line is first executed using sun
pulses for timing. After precessing with the commanded
number of pulses, precession in the sun-spin axis plane
is next performed and verified with the sun aspect sensor
signal. Use of the star sensor signals to verify the
orientation is also possible if stars of sufficient magnitude
are present and a selectable detection threshold sensor is
employed.

• RoU indexing is provided by sun sensor pulses.

Table 55 summarizes the attitude control subsystem performance.

t.5.7 Weight Summary

Table 56 gives the weight summary for Configuration 4. The

significant change from Configuration ! is an increase of some 40 pounds ¢
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Table 55. Attitude Control Subsystem Performance

Earth Tracking Reorientation Maneuvers

• Platform pointing accuracy Same values a_ Configuration i:
3 percent

Sun sensor accuracy: 0. 1 deg With sun angle verification, the
errors can be reduced to less

Sun sensor alignment: 0. ?5 deg than i degree for precession
Poi:]ting control deadzone: 0. 25 deg along the sun line.

• Antenna boresight and alignment
Error: 0. Z deg

• Precession control deadzone:

0. ?5 deg

• Canopus sensor accuracy: 0. t deg

Alignment: 0. ?-5 deg

• Total RSS accuracy: 0. 56 deg

• Required antenna pointing
accuracy: 1.4 deg

Table 56. Configuration 4 Weight Summary

..... Weisht (lb)

Experiments 49.3

Electrical power lZ3.6

Communications 5 I. 4

Data handling Z0.7

Attitude control 67.5

Propulsion 40.3

Thermal control ! i. 5

Command and electrical distribution 36.0

Structure 82. 0

Dynamic balance weights 3.0 I

Contingency 40.0

Gross Spacecraft 525. 3

0!
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in the attitude control system. This is attributable to the despin mech-

anism and the control electronics associated with this additional degree

of freedom. Power requirements differ from Configuration i only by an

additional 5-watt requirement for the despin assembly. Communications

performance is also degraded because of the smaller aperture. Figure 160

gives comparative communications performance.

_ _ _ )NFIGURATION NO 4

- \_ _ \

- _\ _ \_\_

1000:_ \, ,\

',\ .
I 85"FOOT DSIF _ _ . _i, I
I CONFIGURATION NO 1,2,3_._ _ _ _i_ I

100J- CONFIGURATION NO 4 ,_-_ _t_l

10
0.1 1 2 6

: RANGE(AU)

Figure 160. Downlink Communication Peri'ormance
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1.5.8 Confisuration 4 Summary

In summary, Configuration 4 automatically provides experiment

scan in the ecliptic and provides a more "Pioneer" type appearance. Its

disadvantages of extra weight (total increase of 49 pounds) and additional

power requirement (5 watts), however, are overwhelming. In addition,

the lower data rate and a lower reliability (preliminary estimates make

it about l0 percent less reliable than Configuration l) are further dis-

advantages. Table 57 compares the development complexity of

Configuration I and 4, again favoring Configuration 1.

When this information was presented at the midterm briefing, it

was unanimously decided to drop Configuration 4.

Ta .e 57. Development Complexity

Feature Configuration 1 Configuration 4

Antenna New development of off- Modification of Pioneer
settable feed plus con- antenna plus parabolic
ventional parabola antennas cylinder designed for

advanced Pioneer

Solar array Support array from equip- Sapport array from
support structure ment compartment from despun antenna

structure reflector

Solar array Six panels, simultaneous Two larg,_, panels,
deployment deployment by centrifugal stacked, sequential

force deployment

Despin De spin mechanism
mechanism designed for advanced

Pioneer, requires slip
rings/flex cables for
array output

Attitude deter- New development of Same as present
ruination sensors conical antenna scan and Pioneer (developed for

small angle sun sensor or operation from a
a star pipper for roll angle spinning body)
reference

q

N
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2. ALTERNATIVE SCIENCE

2. i Photo-Imaging System

The characteristics and performance of various photo-imaging

systems have been investigated in the light of the Jupiter Pioneer mission.

A SEC vidicon camera supplemented by a pointing-mirror assembly was

selected as the configuration providing the best compromise between per-

formance and complexity. Simpler systems did not produce sufficient
I

performance and the more corriplex systems were too heavy and power-

consuming. The alternative systems are discussed in the following

paragraphs.

2. I.i Sensitivity Considerations

The spin motion of the spacecraft necessitates short exposure

times to reduce image smear. Many prospective sensors are eliminated

from consideration since they do not have sufficient sensitivity to provide

an adequate signal for the short exposure interval. Sensors with mod-

erate sensitivities have been considered for use with a despun mirror

assembly that minimizes the observed image motion. Figure 161 com-
(

pares the sensitivity of different sensors in terms of the exposure level,

E, required to detect a standard bar pattern which has an angular

separation, d, between adjacent bars. To obtain a resolution of 0. i milli-

radian with a lens of focal length 14 inches would require a brightness

increment of 0. Z, 2, and 120 foot-lamberts for the photomultiplier, SEC

vidicon, and vidicon, respectively.

The i20 foot-lambert threshold for the standard vidicon is insuffi-

cent for viewing a planet whose maximum brightness is only Z10 foot-

lamberts. However the brightness threshold may be reduced to i. 2 foot-

lamberts (_B) by extending the exposure time to 30 milliseconds. A

30-millisecond exposure is practical when the sensor is used in conjunction

with a despin mirror which would minimize the image smear. Table 58

shows some characteristics of a vidicon camera with a despin mirror.

Adequate sensitivity is achieved with this combination.

Figure i61 demonstrates that the sensitivity of the SEC vidicon is

sufficient to resolve brightness increments on the order of i/64 of the

subsolar brightness level. This figure does not include the effects of
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Table 58. Vidicon TV with Despun Mirror

Optics /Detector

Focal length, L: 12 in. Type: I/2 in. vidicon

Aperture diameter, D: 3.5 in. Target format: 0.22 x 0.22 in.

Transmission, T: 0.75 Resolution, d: 0. I mrad

, Field of view: 18.3 x 18.3 mr Exposure time, t : 30 msec
= K2 x

Mirror System Capability

Outer gimbal rate: i/2 body So/No: 56 at E = 0.02 fcs
spin rate o

Rate match, AW: 0. 005 (measured on Mariner C)
(0.5% IMC)

Performance (approximat,e)

Minimum exposure E 1 T AB D 2= • = 5 x 10 -4 AB fcs2 tx4L

C S/N ratio: S/N cc E

Si S O E i

_ I_i = I_° • _ = i.7 for AB = 1.2foot-lambert

= 3.4 for AB = 2. 4 foot-lambert

(-_ W) = O. i2mradImage smear: a = + W4 t x

; image smear, optical quality, and the sampling operation on system

, performance. A rigorous treatment of the SEC vidicon performance is

presented in Appendix 4.

A spin' scan camera is also a possibility. Its photomultipller has a

small instantaneous field of view which is scanned across the planet by

the spin o£ the spacecraft. In the orthogonal dimension the scan results

from the translation of the spacecraft in its trajectory or the change in
q

orientation of a cone angle mirror. The O. 3-mLUlsecond exposure

(- ' indicated for Figu:e 161 is the exposure time per resolution element, and ,
I
!
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for the imaging cameras represents the frame exposure time. How-

ever, for the photomultiplier sensor this represents the dwell time per

resolution element. Table 59 lists some performance characteristics

of a photomultiplier camera that is similar to the spin-scan camera that

has performed successfully on the ATS-3 satellite.

Table 59. Spin-Scan Camera

' _s Detector

Focal length, L: i0 in. Type: Photomultiplier
EMR 571A--01- t4

Aperture diameter, D: 5 in. Spectral response: St!

Field stop diameter, d: 0.83 x 10 -4 ft Cathode sensitivity, S: t20_/lum

Optical transmission, T: 0.5 Gain per dynode stage, g: Z. 7

Preamp.lifie r

Bandwidth, _f: 1.75 kHz

Scanning _Method

Type: Line scan by spacecraft rotation W of 0.21 to 0.35 rad/sec

Stepping increment: 0. 13 mrad

Performance (approximate)

ABD 2 "_d2 -t3

Signal: Is = ST 4_ L • -4-- = 0.2 x l0 AB amp _t photocathode

Noise: IN = _eIs_ (I + I/g) = 0.04 x i0 "13 _-_ amp equivalent at

photocathode

S/N ratio: Is/IN = 5 ,_'_ = 10 for _B = 4 foot-lambert

2. I. 2 Tra_ector, y,Considerations

One sample of the encounter geometry is shown in Figure 16Z. For

this trajectory an instrument with a line of sight fixed at a | 50-degree

cone angle would view the planet for a total of i 2 hours. High resolution

pictures could be obtained with a body-fixed instrument since the planet

is observable at relatively close ranges for long periods. If a rnovable
{

mirror is positioned in front of the TV, such as to vary the cone angle of (-_

I '
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Figure 162. Television Subsystem Coverage with Line of Sight
Fixed at 150 ° Cone Angle

line of sight, then much more viewing time would be possible. The earth-

spacecraft-planet angle varies from about l Z0 degrees at 100Rj to

180 degrees at 7Rj. Providing at least a +10-degree mirror freedom

would keep the planet in view for about 170 hours, from 100 to 7Rj range.

Other trajectories may be accommodated by selecting an appropriate

orientation for the body-fixed TV. However, much greater flexibility and

less dependence on exact trajectory characteristics would be achieved by

including a cone angle mirror in the camera subsystem.
i

2. I. 3 Equipment Constraints

i The telemetry channel limits the TV data rate to Z56 bits/see. A

( normal 500 x 512 element picture ,vlth 6-bit encoding could be transmitted
I
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in 1.7 hours. In real time 95 pictures can be transmitted during the

170-hour approach. Only 7 pictures couldbe transmitted real time during

the t2-hour viewing interval for a TV without the movable mirror.

The addition of a tape recorder would provide an additional 108 bits

of storage capacity. This data (65 TV iHctures) could be transmitted over

a l l0-hour interval as the trajectory leads the spacecraft away from the

planet.

Table 60 lists different sensors with several combinations of

accessory equipment. The main disadvaiitage of the spin-scan camera is

that each line scan is separated in time by the spin period of 12 seconds.

A picture made up of 512 line scans would be scanned in about 1.7 hours.

During this period the planet woul:l have rotated through an angle of

61 degrees, thus greatly complicating the image reconstruction at the

ground station. Systems with a tape recorder .rovide about 65 extra TV

pictures but they exhibit excessive power requirements and weight. "Ihe

SEC vidicon with a cone angle mirror appears to be the optimum con-

figuration for the Jupiter flyby experiment.

Table 60. Summary of Photo-lmaging Systems

Auxiliary Equdpment No. of _ rams
Cone Pictures Exposure Weight Power

Camera Type P.ngle Recorder Per , Time per
Mirror Mission S 12 Lh_e (Ib) (w) Comments

Scan

Spin scan 7 I. ? hr ? 7 Picture distortion due

to planet rotation

Spin scan X 95 i. 7 hr I0 I0 Picture distortion due

to planet rotation

SEC vldicon 7 0. 3 ms T. S 7 Insugflcient number ol
pictures

SEC vldicon X 95 0. 3 ms _1 l0 Selected system

SEC vidicon X X 160 0. ] ms 21 20 Excess powe,- and
weight

Vldlcon with X X 160 0. 2 sec 21 20 Excess power and
delpun r-,lrror weight

el. $4 x 106 bits/picture

Assumptions: (I) t08 bit recorder capacity

(2) 2S6 bitlsec telemetry _lte for TV experiment _ •

(3) IT0 h_r oboervat'on time from 100Rj to SRj
I ! I
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2. i. 4 Growth Potential

Growth potential can be in the direction of greater resolution, greater

number of pictures, or towards time lapse movies. Obviously, the

inclusion of a tape recorder tends to satisfy the last two options. Less

obviously, providing a greater number of pictures at close range provides

greater resolution. Similarly, an increase in dat_ rate would also provide

growth. Either is possible with the RTG version, which provides a

' greater weight margin. This margin could be used directly to add the tape

recorder and increase the power available to supply its demands. It

could also be used to incorporate a larger unfurlable antenna and to in-

crease transmitter power as shown in our earlier Advanced Planetary

Probe study.

In some fundamental sense, however, growth potential implies an

improved camera. Since it is doubtful if. improved SEC vidicons wi!l be

available on a suitable tirne scale, we have examined what happens if

larger optics are employed or effective spin rate is reduced either by

actually reducing the rate or by incorporating a despun mirror.

_,wo TV systems will have similar picture quality ff they use the
same tube and if:

• They have the same amount of image smear
from pic-ceU to pic-ceU

• They have the same number of photons per
pic-ceU during the exposure

Similar picture quality means that pictures will appear familiar

(have same resolution in lines/ram on tube face) even though _hey may

have dilferent angular resolutions. This disregards lens resolution and

assumes the lens has a better resolution on the tube face than is resolved

by the tube. i
Now suppose there is one system designed to be mounted on a I

spacecraft spinning at a rate wo and with an exposure At o. It has optics I

of diameter Do, focal length _o' and provides a picture with a sigL, LI tO

noise ratio $o/.T0 at & resolution R ° under given conditions. Another ' t

system will have the same picture quality H

i
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t_o = 1 equal light/pic cell

where for equal smear

!

A t _o _o
r

per pic cell. Then

But under these conditions the angular resolution ratio R/R ° is

proportional to Loll, i.e.

[(_)z o] 1/3

_o
Ro : T =

The system suggested in Section B uses refe:'ence

= 5 rpm

L = lainches

D = 3 inches

R = 0.27 milliradian per object line pair

Thus, a scaled system would have the performance:

t/3

0.27 mrad : _ = 5 rpm

0i':
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Now, at a 3-inch diameter optics, the weight of the optics therr, selves is

small, but this is no longer true as size increases, since generally

optics weight goes up proportional to about the cube of the diameter.

Thus, to get a factor of 2 improvement in resolution requires an aperture

of 8. 2 inches with the optics weighing perhaps 30 to 40 pounds (including

cone angle mirror). In this particular instance, it is much more appro-

riate to look at tile w term, since typical exposures, dictated by spin-

induced smear, are of the order of 0. 2 millisecond, as opposed to

minutes or even hours for normal astronomical work.

A spin rate of about 2 rpm is probably a lower limit, even when a

higher pre-encounter spin rate is used. Such a change gives an advantage

of only [2. 511/3 or 1. 35. Thus real gains can be achieved only through

the use of image motion compensation. The logical (light weight) way to

accomplish this is by adding a degree of freedom to the cone angie mirror, -_

as was indicated for the regular vidicon in Table 58. In this case, the la_

improvement would be 200 I/3 = 5.85 for a 0. 5% IMC, the equivalent to

the gain made by increasing to a 43-inch diameter optics without image

motion compensation.

Further gains, as with the Lunar Photographic Orbiter, might best

be achieved with a 3-axes stabiIized spacecraft and active image motion

compensation. Such a system might be logical for a second generation

Jupiter mission.

2. 2 Alternate Magnetometer Mounting

The magnetometer boom length shown for the selected spacecraft

is such that the spacecraft magnetic field must be carefully controlled.

Even then it is doubtful if the residual field at the magnetometer can

be held below 0. 1 gamma and there is a desire to drop this to below

0. 05 gamma. This would require that the magnetometer be mounted

at le2st 20 feet from the spacecraft body, as opposed to the 16 feet

• currently provided.

Further, the TV is a large producer of magnetic fields when it

is operating and has some soft iron to provide a magnetic return path
¢

(
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which will give some field even when the TV is off. More detailed

investigation of the field from the TV may then also dictate a longer boom.

What would be desirable would be a means of placing the m._gneto-

meter at, say, 40 feet from the spacecraft. This possibility is discussed

in Section G. 6.2.2. 1 since the RTG version of the spacecraft demands

such boom lengths to achieve even the 0. 1 gamma l_vels.

At this time, it appears that

a centrifug, fly deployed magneto-

meter (see sketch) would be lightest

weight. Further, if damping is

introduced at the spacecraft attach-

ment point, such a system might

aid in nutation damping. Further

study of this and other techniques

for achieving lerge separation of

the magnetometer is warranted.

3. SUBSYSTEM ALTERNATIVES

During the evolution of the selected spacecraft design, subsystem

alternatives were weighed in reaching a decision. Where these are

minor, their discussion is included in the description of the selected

subsystems, Section E. Here the key decisions in defining the sub-

system are reviewed. The intent is to give a greater depth to the under-

standing of the reasons for selection than would be appropriate in the

earlier descriptive section.

3. 1 Communications

3. I. 1 Subcarrier Frequency

The increase in data rate over Pioneer and the desire of the

Jet Propulsion Laboratoryls Deep Space Net for subcarrier frequencies

to be standardized between 20 and 40 kHz raises the question as to

what subcarrier frequency should be used. In particular, the penalties

involved in changing from the current Pioneer subcarrier frequency ¢

; need to be evaluated.
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The selected subcarrier frequency is 32,768 Hz (215). For

comparison the Pioneer D subcarrier frequency is 2076 Hz. Factors

affecting this choice are illustrated in Figur_ ib3. It is desirable that

the subcarrier frequency f be much greater than the chip rate R,sc

where the chip rate is the bit rate after the data bits are encoded. For

sequential coding, the chip rate is twice the data bit rate.

¢
f = CARRIERFREQUENCY I
c POWER DENSITY

fsc = SUBCARRIERFREQUENCY SPECTRUM
R = BIT RATE (WATTS/Hz)

_
fsc I- sc

C
Figure t63. Power Density SpectrLun of the Downlink Signal

By this means data power in the vicinity of the carrier frequency

is small so that the ground received phase-lock loop will not be disturbed

by data power. This condition is helpful in phase-locked loop acquisition

as well as tracking. Another desirable condition is that fsc be an

integral multiple of R. If this is met, one of the nulls in each sideband

falls at the carrier frequency, again beneficial in carrier tracking.

Thus with the original value f = 2048 Hz, the maximum practical
sc

chip rate is about 1024 bits/sec (or 512 data bits/sec when coding is used).

Even with such a data rate restriction, carrier acquisi_on is somewhat

hampered.

Evidently with the selected fsc and bit rates for Jupiter Pioneer

(up to 2048 data bits/sec) both cons'derations are satisfied quite

adequately.

(- ,
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The hardware implications of a change in subcarrier frequency

are minor in the communications subsystem. Only the transmitter

driver is affected, and the modifications are not expected to alter its

size, weight, or power.

3. I.2 Use of Two Sidebands

JPL has encouraged the use of two sidebands, one for engineering

or other data which may require a quick look capability and the other
i

for scientific data which can be processed more leisurely.

This use of two sidebands provide_ two advantages: (I) the de-

commutation requirements at the ground station are easier to satisfy,

(2) the engineering data can be transmitted without convolutional coding,

and thus is not subject to either the encoding or decoding delay.

However, a considerable loss in communications capacity is involved,

as discussed below, which makes this alternative appear undesirable.

A design change from use of 1 to 2 subcarriers would be expected

to produce a loss in total data rate capability. The amount of this loss

has been calculated for a case of central intere:3t. The case considered

is defined by:

• "data subcarrier, " data rate = 248 bits/sec with convo-

lutional coding

• "telemetry subcarrier, " telemetry rate = 32 bits/sec,
no coding

The result of the calculation is a degradation, due to use of two sub-

carriers, of 3.62 db. This translates into a factor of more than 2 in

bit rate, a serious loss. The loss is caused by:

1) Use of sinewave rather than squarewave subcarriers

2) Inefficient use of telemetry power, since coding is not used

3) Interference between the two subcarriers

As shown below the lion's share of the loss results from (2) and

(3); i£ only one subcarrier is used and it is sinusoidal rather than square,

the loss (at the same 248 bits/sec data rate) is only O. 64 db. ¢

(3 ,
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The modulation indices set up for this comparison are probably

ciose to the optimum values, and furthermore we can expect perfor-

*nance to be only weakly dependent on small variations of the indices,

:_s was seen to be the case in the one-subcarrier design (see Section

D. 6.7, Figure I07).

Assume (I) that, for each subcarrier, the demodulator synchro-

nization loss is apprc_circately that given in the Work Statement, Pars-

, graph 8. 1. 5, 3; (2) that the subcarrier waveforms are sinewaves with

frequencies chosen in such a way that the first order components of each

can be isolated by subcarrier filters in the-receiver; (3) that the data

power and carrier power are the same as given in the power budget,

Section D. 6.7, Table 32, items 21 and 15, respectively, and that the

telemetry power is the minimum for threshold operation at the nominal

error rate, as computed from Work Statement Paragraphs 8.1.6(a)

and 8.1.5.3. Then, in the notation of that table,

D/N = 30.62 db-Hz (item 21 of Table 32)
O

C = 24. 84 db-Hz (item 15 of Table 32)o C/N °

and T/N o, the telemetry power to noise-density ratio, is the following
8uxn: '_

sync loss = 2.88 db (Work Statement, Paragraph 8.1 5.3)"

ref. SNR = 7.3 db (Work Statement, Paragraph 8.1.6)

noise bandwidth = 15.05 db/Hz
bit rate (32 bits/sec)

T/N ° = 25.23 db-Hz

Subcarrier signal = fld d(t) cos _Odt �_tT(t) cos cott = S(t) where

_d iy the data modulation index, _t is the telemetry modulation index,

d(t) is the data modulation, T(t) is the telemetry modulation, d is the

data subcarrier frequency, and t is the telemetry subca_rier frequency.

¢

C
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RF waveform = ej S(t), (complex envelope)

= J Ji fld d(t _ Jk _t T(t) e

' = Jo (_d)Jo (_t) + 2j Jo (/3t)J1 [_dd(t)]cos Wd t

+ 2j Jo (/3d)Jl [Bt T(t)] cos_tt

+ higher order terms, which have small power,

occurring at the harmonics of _d and _t"

The first term is the carrier, the second is the data, and the third

is then telemetry. Therefore, for signal power S

C = carrier power = S[Jo 2 (_d) Jo 2 (_t)]

D = data power = S [2 Jo 2 03t)J1 2 (_d) ]

T = telemetry power = S [2 Jo 2 (Bd)J1 z (Bt) ]

The three factors in brackets are known as modulation losses.

To solve for _t and _d' we take the ratios

2
J (_d)D= 2 I

C Z
_o (_d)

2

T = 2 J1 (_t)

c jo 2 (_t)
t

(3 ,
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whereas, from above,

D
- 5.75 db -- 3.78

C

T - 0.39 db = 1.093
C

[j Z j 2 (_)] is plotted in Figure 164. From thisThe function Z 1 (B) oL.

graph we conclude

8 t = 1.19 radians

_d = I.653 radians

9 i _ J

I: ,i ASYMPTOTE--_'-_

I t '
I

7 - J
I
I

l 'II
I

_ , 4- I
r I

I
I

3 I
I

I
i I
1 I

i I

I
0

0 0.5 1.0 1.5 2.0 2.5

p(RAD)

Figure 164. Function Used in the Calculation of TwooSubcarrier
Per formance
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Now we can solve for signal power. From above

C 2 (Bt) jo z (Bd) = carrier modulation loss-_ = Jo

= 0.0828 = -10.82 db

Therefore we sum

' C/N = 24.84 db-Hz
o

carrier modulation loss = 10.82 db

S/N : 35.66 db-Hz
O

This is the signal level required for the two-subcarrier scheme.

For the selected one-subcarrier scheme, at the total data rate of

248 + 32 = 280 bits/sec, the required signal level is 32.04 db-Hz = S/N o
(from Figure 103, Section D. 6.7.). The difference is the added cost or

degradation of two subcarrier operation at the same total bit rate,

degradation = 3.62 db

For comparison, we consider the case of one sinewave subcarrier

at the 248 bits/sec rate

D/N = 30.62 db-Hz
O

C/N = 7.4.84db-Hz
o

T/N = - co db-Hz
0

Therefore

T/C = -codb = 0--_ t = 0

D/C = 5.78 db = 3.78-_ _d = 1.653

Therefore

C/S - Jo Z (_d) 3o 2 (_t) " 0.181 = 07.42 db e
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Therefore

C/N = 24.84 db-Hz
o

carrier modulation
= 7.42 dbloss

S/N = 32.26 db-Hz
o

which is the required signal level using a single sinewave subcarrier.

However, for a squarewave subcarrier, S/N = 31.62 db-Hz. Thuso

the degradation in this case is 0.64 db.

3. 1.3 Alternative Block Diagrams

There are several significant alternative block diagrams for the

communications subsystem. Most of these pertain to the number and

switching of transmitter drivers. Figure 165 shows four reasol_ab_e

driver logic diagrams, the first of which is the selected version.

Alternative 1 is simpler, and uses on less switch, but does not provide

driver-to-TWT cross strapping. Alternative 2 is ev._.n simpler and

uses one instead of two drivers. This is the arrangement on Pioneer D.( ,
Alternative 3 is more complicated than the selected approach, in that

it provides use of either driver with the low-gain antenna. This dia-

gram, however, contains two more switches than the selected version.

Another alternative worthy of consideration is the incorporation

of a 6-db drive amplifier in line with the low-gain antenna. This

inclusion would allow the TWT's to remain off for a longer portion of

the early flight, and thus save battery drain at a time when the solar

cells are not yet illuminated. The weight of such an amplifier would

be about 1 pound, and it would require about 1 watt of power.

3.1.4 Ranging

There is strong scientific interest in the inclusion of ranging !_

capability, to provide a further improvement of our knowledge of

3upiter's ephemeris and mass over that obtainable with doppler tracking I
_ alone. A side advantage is that less tracking time would be required

for a given spacecraft orbit prediction accuracy. ¢

!
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ALTERNATIVE2 (AS IN PIONEERD) OMNI

ANTENNA

OMNI
ANTENNA

ALTERNATIVE3

Figure 165. Communication Subsystem Block Diagram Alternatives

There are two fundamentally dHferent methods of performing

ranging with a spacecraft transponder: the turn-around method and

the regeneration method. Turn-around ranging is conceptually sirnpler

and substantially easier to implement than regeneration ranging. The

uplink ranging signal is simply added to the downlink data modulated

subcarrler. A regeneration type of transponder offers improved per-

formance but at the cost of additional complexlty, for the spacecraft ¢

equipment must acquire and track the upllnk rar_ing code and then
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generate a downlinl_ ranging signal. In the Jupiter Pioneer application,

regeneration ranging is considered too complex to be attractive.

Acceptable performance has been found to be achievable with turn-

around ranging.

To add turn-around ranging to the communications subsystem,

the following modifications would be required.

1) The receivers would be modified to provide an IF output
at about 2 MHz bandwidth.

- 2) One or possibly two {for redundancy) ranging ,_ nodulators
would be added.

3) The drivers would be modified for the ranging input.

A recent proposal, by TRW to Stanlord University, has estimated

the physical appearance of these modifications. The weights and power

requirements are estimated as shown in Table 61.

TabL- 61. Modifications to Incorporate
Turn .Around R anging

(
Required Changes {only the comm,mication subsystem is affected)

• Add "ranging demodulator" - either one or two units

• Modify receive_" {either one or both) to provide output
to a ranging demodulator

-- • Modify driver {either one or both) to handle ranging input
at high bandwidth {about 1 MHz)

Added Weight and Power

Weight {pounds) Power (watts)

• Ranging demodulator 0.5 0.3

• Receiver modifications 0 0

• Driver modifications 0.3 0

*Proposal t_ Modify the Pioneer Transponder for Ranging t
Implementation," TRW Systems, 21 June, 1968.

( ,
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A turn-around rauging mode has been designed according to the

following ground r_fle: modulation indices are adjusted to maximize

telemetry data rate while simultaneously providing ranging at 6 AU;

the maximization is performed under the assumption of worst case

signal level (less than the nominal value by the sum of adverse

tolerances). Figure 166 plots the resulting bit rate as a function of

actual signal level.

40 _ REQUIRED DOWNLINK SIGNAL 1- --- -

i STRENGTH AT JUPITERRANGE I /

(SIGNAL POWERDIVIDED BY j
_ NOISE POWER DENSITY, db-Hz'l ...... _ . _ __39

i i ' I

38 _ + _ _-

i _
r

37 L i
I

_OM,NAt_,_ LEVEL.36.22db-_= i

=

DULATIO,, LNDICES

34. _,_ a OPTIMIZED AT 128 BITS/SEC,

/ |
32 .......

( WORST CASE SIGNAL LEVEL, 31.62 db-Hz !

POINT i

30 I

29

28---- j27
128 256 512 1024 2048 4096 8192

TELEMETRYDATA RATE(BITS/SEC) !

Figure 166. Data Rate with Simultaneous Ranging i

The principles of turn-around ranging link analysis are set forth !

in the proposal to Stanford. On that basis a check point ranging calcu-

_ lation is presented in Table 62 at a data rate of 128 bits/sec. The i

-_. turn-around degradation is based on the use of Z 10-foot DSIF with 400 kw

0
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Table 62. Check Point Ranging Calculation

Tele.metry

I. Required SNR 3.8 db

Z. Synchronization losses 2.88 db

3. Noise bandwidth (bitrate) 21.07 db-Hz

4. Data to noise density ratio, D/N 27.75 db-Hzo

Ranging

5. Required SNR 19.0 db

6. Noise bandwidth (0.8 Hz) -l.C db

7. Turn-around loss 0.65 db

18 65 db-Hz
8. Ranging to noise density ratio, R/N °

Carrier

9. Threshold C/N ° 4.77 db-Hz :i

I0. db above threshold 20.07 db

II. Carrier to noise density ratio, C/N ° 24. 84

C_ 12. D/C 2.91 db i

13. _d I. 0 tad
14. R/C -6.19 db

1 5. _r O. 4°q rad
16. Carrier modulation loss 6.44 db

|

17. Signal to noise density ratio 31. Z8 db-Hz

uplink power, received with the high-gain spacecraft antenna. The data

modulation index _d' item 13, is found from

D= S
C -_ tan_ _d

W

and, similarly, the ranging modulation index _r' item 15, satisfies*

*T. K. Foley and _. T. Witherspoon, "Optimum Power Division for
Phase-Modulated Doep-Space Communication Links," IEEE Trans- ' ¢

( actions on Aerospace And Electron/c Systems, May 1967.
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R 8

C - _2 tan2 _r E

2 2

Finally, carrier modulation loss is equal to cos _d cos Hr. The

resulting signal level requirement, item 17, is slightly less than the

worst case signal level expected at Jupiter range, as calculated in

the downlink power budget. Therefore this check point can be con°

sidered the ranging design point: modulation indices are fixed at the

values shown in Table 62.

3.2 Data Handling

The main alternative f_,r data handling is to develop a new,

advanced, extremely flexible subsystem, as opposed to the selected

approach of expansion, as necessary, from Pioneer.

A detailed study of such a sub'Jystem was completed by TRW in

October 1966 under contract NASZ-_'P .. This type of approach clearly

can enhance performance, but the necessary development cost and

schedule risk cause us to recommend the conventional approach for

Jupiter Pioneer. ;

3.3 Electric Power Subsystem

Weight, reliability, efficiency, solar array utilization, complexity,

and cost were all factors considered in arriving at the optimum power

system for Jupiter Pioneer. The major tradeoff area involved power

source control or regulation. The power source control is utilized to

regulate solar array or battery power in a form compatible with the

user voltage regulation requirements.

Initial screening of the many possible system configurations led

to the three competitive systems shown in Figure 167. System 2

utilizing the buck-boost regulator is the simplest configuration. Its

major disadvanta_is its efficiency (91 percent) at end-of-life,

necessitating a larger solar array. Systems 1 and 3 differ only in the

battery discharge controls. Both have identical solar array utilization

capabilities. Since System 1 is lighter and less complex, it is preferred.
¢
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Figure 167. Power Subsystem Configurations

Unlike earth-orbit missions, battery charging efficiency is not

of primary concern for the Jupiter Pioneer mission. Thus, empbasis

! can be directed toward very simple and reliable battery charging

circuits, such as series dissipative regulators and resistor charging.

As lilt@d in Table 63 various switching types of charging circuits were
¢

eliminated since the efficiency improvement was not worth the additional

circuit complexity.
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Table 63. PCU Tradeoffs

Unit '_ _-'$
Unit Weight Power Weight Penalty

Efficiency
(Ib) {%) (watts) (Ib)

Configuration 1 10.0 94 4.6 0

Configuration 2 7.5 91 7.5 2.0

Configuration 3 12.0 94 5.0 2.0

.£.

"Based on a total satellite requirement of 74 watts

......Includes weight penalty for greater array area, longer adapter
and extending shroud

3.3.1 AC vs DC Power Distribution

A number of tradeoff studies to determine the most effective means

of distributing electrical power on spacecraft have been completed by

TRW Systems, including square-wave AC systems, sine-wave AC systems,

and DC systems both with centralized converters and with individualsub-

system converters.

These studies have shown that no single system has a distinct

advantage over the others as far as efficiency, power system weight,

or performance are concerned. Because of the fewer parts involved

a slightincrease in reliabilityis apparent in the AC systems. However,

in comparing internallyredundant DC systems vs redundant AC systems

(as spacecraft power systems generally are), the differences in theoretical

reliabilitiesare in the third or fourth decimal place.

However, a distinctadvantage in DC systems is apparent from the

electromagnetic compatibility standpoint. The AC systems require

stringent control and generous use of filtersand shielded cabling to

prevent significant electromagnetic interference.

In this particular instance, 70 percent of the Jupiter Pioneer load

requirements are at DC, 16.5 watts input to the equipment DC/DC con-

verter and 31.5 watts to the TWT converter. The AC versus DC tradeolf

0 •
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therefore involves that power (approximately 20 watts) which is utilized

by the science and photo-imaging subsystems. For these loads, since

weight and efficiency are a standoff, the relative ease of electro-

magnetic control leads to the selection of DC distribL, tion. In addition,

fault detection and isolation are simpler and fewer load interactions

are possible.

An additional reason for TRW to recommend a DC distribution

system on the Jupiter Pioreer is the sa _ings in costs and schedule which

can be attained by using existing Pioneer equipment and circuit designs

throughout much of the spacecraft.

3.3.2 Solar Array Power-Weight Optimization.

Various substrate designs were investigated to determine the

weight implications of each in terms of structure and thermal and cell

performance. The selected substrate is similar to the Pioneez. substrate.

As listed in Table 64 this design was selected designs from five

candidates. Figure 168 plots array weight vs array power at encounter

(5.05 AU) for the solar array using the various substrate designs with

( the selected cell module.

Table 64. Solar Panel Construction Comparison

Aluminum Facesheet Fiberglass Facesheet

Design Options A B C D E

Substrate Design

Alurninun_ honeycomb core thickness (in.) 0.75 I. 00 I. 50 I. 00 l. 50

Facesheet thickness (in. 0. 005 A1 0. 005 AI 0. 005 AI 0. 009 fg 0. 009 fb

Insulation thickness, ceil side (fiberglass) (in.) 0. 003 0. 003 0. 003 -

Substrate Unit Weight Estimatn (lb/sq ft)

Core (3/_-in. hexagonzl core of 0. 001 in foil - 0. I000 0. 1334 0. Z000 0. 1334 0. 2000
I. 6 Ib/ft _)

Facesheet8 (both sides) 0. 1440 0. 1440 0. 1440 0. 1659 0. 1650

Adhesive 0. 0600 0. 0600 0. 0600 -

Insulation (cell side) O. 0277 O. 0277 O. 0277 -

Paxnt 0. 030 0. 030 0. 030 -

Solar cell modules O. 2517 O. 2517 O. 2517 O. 2517 O. 2517

Total solar array weight (Ib/sq ft) 0. 6134 0.6468 0. 7134 0.5510 0. 6176

Basic array weight estimate Used upon 102.4 108.0 119. I 92.0 103. I
167 sq ft (Ib)

Weisht difference relative to selected deslsn 10.4 16.0 ZT. 1 0 1 l, 1 d_

- Selected

Desi|n
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1
Figure t68. Array Weight versus Array Power at Encounter

The following factors are based upon the selected design:

• Watts at encounter/unit array area: ~0.47 watt/sq ft

• Total array weight/watt at encounter: ~I. 47 Ib/watt

(including hinges, damper, etc. ) i
!

• Total array weight/unit array area: ~0.70 lb/sq ft

Should additional coverglasc thicknesses be required, the weight

involved is 0.01 lb/sq ft/mil thickness.

3.3.3 Regulated vs Unregulated Main Bus

The following tabulation compares the weight implications of

regulated v8 unregulated power on the main bus:

Q
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(Selected Design)

Regmated Unregulated

Power control unit 10.0 9.0

Battery 4.3 3.6

Equipment converter Z. 5 4.0

Shunt element assembly 3.0 3.0

Solar array 116.0 IZl.5

Power subsystem weight (Ib) 135.8 141. 1

Weight advantage (!b) 5.3

Array area 167 sq ft 175 sq it

3.3.4 Battery

Three types of batteries were investigated, silver-zinc, silver-

cadmium, and nickel-cadmium. Silver-zinc batteries exhibit marginal

performance for a Jupiter encounter mission. Hence weight tradeoffs

were made between the remaining two candidates:

{Selected Design)

SLlve r- Cadmi_.___ Nickel-Cadmium

Additional power required (watts) 0 I. 0

Additional area required (sq ft) 0 2.1

Additional array weight (Ib) 0 I. 5

Battery weigut (lb) 2.__5 2.__.77

Total weight implication (Ib) 2.5 6.3

The addltlonal power is required for the nlckel-cadmium battery because

power mu8_ be provided to the battery at all times to provide a constant

trickle charge current.

.
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5.4 Attitude Control Subsystem

3.4. 1 Alternate Earth Pointing Techniques

Various earth pointing techniques have been investigated: the

selected RF conical scan system using a medium-gain antenna for

acqui3ition and an offsettable feed in conjunction with the high-gain dish

for ;ine pointing; the exclusive use of the medium-gain antenna; and the

use of a moderately, but permanently, offset feed for the high-gain dish.

Optical earth pointing techniques were also investiga::ed.

3.4. I. 1 Exclusive Medium-Gain Aatenna Conical Scan

Figure 74 of Section D illustrates the possibility of using the

medium-gain antenna conical scan as the primary fine pointing system.

As shown there, the 210-foot DSIF antenna transmitting more than 50 kw

is required to obtain a pointing accuracy evuivalent to the high-gain

antenna conical sc:n system. The cm'ves were based on a l-Hz band-

width filter. If the bandwidth can be reduced to 0.04 Hz such that

noise bandwidth is reduced 14 db it is conceivable that the medium-gain

antenna conical scan system can be employed with a 85-foot DSIF antenna

transmitting I0 kw without change in the fine pointing revolution.

However, this extension of the medium-galn conical scan pushes the

system to such a point that previously negligible error sources become

important. One of these is the introduction of a now dominant first

harmonic (twice the spin rate)modulation of the signal produced by the

residual ellipticity of both the DSIF transmitting and the spacecraft

receiving antennas (a problem which would not exist if either were

perfectly circular).

Also, because the EC component of the AGC signal is now so much

larger than the desired AC (spin rate) component, filtering to remove

the DC component becomes more difficult.

3.4. 1.2 Permanent r Moderate# Offset of the I-IIgh-Galn Antenna Feed

Figure 73 of Section D also shows the eHects of offsetting at 0. 5

and 1 db points, which correspond respectively to an offset angle of

0.677 and 0. 93 degree. The pointlng error resolu_'or with the 85-foot •

DSIF antenna is shown to be degraded to 0.41 and 0. 32 degree, respectively.
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In addition, loss of downlink transmission performance will result.

Ira 0.5-db offset is employed, a reduction in bit rate to 1Z8 bits/sec

at 5 AU would be required since a 0.68-degree e, ror is associated with

the 0.5-db reduction and is additive to the 0.41-degree error in resolution.

This represents a premature reduction in bit rate 30 days earlier than

the estimated best strategy. If a l-db offset is employed, the reduction

in bit rate would occur at 4.6 AU since a 0.93-degree error associated

with the 1 db reduction would be additive with the 0.3Z degree error in

resolution, for a total error of 1.75 degrees. This represents a pre-

mature reduction in bit rate of 54 days relative to the estimated best

strategy.

If the loss in bit rate can be tolerated, this alternate using the

0.5-db loss offset feed appears to merit further consideration. One of

the foreseeable problems arises from the greater nonlinearity of the

antenna gain curve at this offset angle compared to offsetting at the

3-db point. Spin axis wobble will produce modulation of the control

signal which, because of the greater nonlinearity, will have a larger

C1 associated voltage error. This increased bias error will produceaverage

increased errors in phase measurement. The effects of a spin axis

wobble 0. 2 degrce in amplitude and antenna misalignments which can

also be 0.2 degree will be significant compared to the 0. 677 degree of

feed offset at the 0.5-db point.

3.4. I. 3 Optical Earth Pointing Techniques

Earth pointing is also possible employing .*_e sun as a reference

and offsetting the spin axis from the sun through commanded angles.

A star pipper would be required to gate the sun angle sensing with a sun

aspect sensor at the instant when a star such as Canopus came into view.
i

In this manner, two reference axes, the sun line and star line, would !

be provided. The commanded sun angles would require constant revi-

sion to accoant for earth Line movement.

This method is not desirable from weight, power, accuracy,

and reLiabnity conadderat'ions. The weight and power associated with
¢

the star pipper are approximately 5 pounds and 5 watts. The accuracy i

i
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of this attitude pointing scheme would also be degraded s,,,ce tolerances

associated with both the sun and star sensors performance would be

involved as well as misalignments of these sensors. It is estimated

that the accurac _ of this method would be 0.68 degree, which produces

a 0.5-db loss in high-gain antenna performance.

3.4.2 Use of Two Spin Speeds

In the early part of the mission, higher spin speeds are desired to:

• Improve reorientation and midcourse execution accuracy

• Reduce sensitivity to ligh _. pressure disturbances, allowing
a longer interval between attitude corrections. (Later in the
mission, however, high spin rates can increase fuel con-
sumption, once disturbance rates from light pressure are
lower than the earth line rate. )

• Reduce the sampling interval for the scanning particles
and fields detectors. (Some experimenters might even like
to retain the Pioneer spin speed of 60 rpm although for the

Jupiter mission the consequent propellant consumption would
be too high. )

During Jupiter encounter, lower spin speeds are desired to aid in the

resolution of planet sensing experiments such as TV imaging and infrared

and ultraviolet scanners. As was s.,own in Section 2, this is a fairly

weak constraint since the achie,,able resolution varies inversely as the

cube root of the spin rate. Some other factors which enter this tradeoff

are:

• lVlonopropellant thruster pulse durations below 50 milli-
seconds result in rapidly degraded impulse accuracy. (At
5 rpm, 0. 5-pound thrust and 0.1-degree v=ecession per
pulse, the current pulse duration is 125 rmlliseconds. )

• A third pulse duration may be required to provide adequately

rapid reorientation at the higher speeJ while retaining a step
size compatible with the conical scan dead zone at low speed.

• An additional narrow bandpass filter is required in the
conical scan system since the filter must be centered on the
spin frequency.

• Additional complexity in the spin position sectoring logic and
in the experiment data procelsing.

¢

• Additional commands and modes.

(3
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The capability for multiple spin speeds appeared more attractive

before it was recognized how insensitive the imaging resolution is to

spin speed. Further, as discussed in Section 2, if substantial improve-

ments in resolution are desired (such as by a factor of 5), the logical

way is to add a spin compensation degree of freedom to the cone angle

mirror.

In sum, a single spin rate appears most appropriate for this

mission. The exact valu_ of that rate, however, is still a useful

variable as further information is obtained from the experimenters.

The selected value of 5 rpm appears at the present time to be a reasonable

compromise. However, the estimated spacecraft inertia has increased

enough during the study that it is reasonable to consider a lower value

if the experimenters so desire.

3.4.3 Addition of a Star Pipper

It is possible that the small angle sun phase referen_ sensor

is not sufficiently accurate for certain experiments. The addition of

_ a more accurate star pipper is the logical answer if greater accuracy
in roll attitude reference is required. This section describes such a

star pipper and indicates the cost in weight and power associated with

its inclusion.

The required sensor is a single axis pipper type mounted with the

field of view perpendicular to the spin axis. It consists of the following

elements (see Figure 169):

• Optics

• Field limiting slit aperture

• Photomultiplier tube

• Sensor electronics

• Sun shade and bright objective protective shutter for
photomultiplie r tube

The sensor optics collect and focus stellar irradiance onto a field
¢

limiting aperture and photomultiplier tube detector located in the focal

( plane. The narrow slit aperture establishes the sensor instantaneous
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Figure I69. Star Sensor Block Diagram

field of view with scanning provided by the spacecraft spin. The photo-

multiplier tube output is proportional to the total irradiance present at

any instant. The electrical output of the tube is then a series of pulses

as various stars go through the field of view.

The signal processing electronics consist of a pulse amplifier with

peak-detecting automatic gain control and a fixed level threshold detector

and pulse shaper. The peak detecting AGC sets the brightest star signal

to a particular threshold reference level so that all signals below this

level are rejected. Therefore a bright star as Canopus is easily identified.

Error processing can be implemented in several ways. For example,

the selected star pulse could be used to gate a reference clock or start

a reference counter.

The following are preliminary estimates of the characteristics

of the star sensor:

• Slit instantaneous field of view: 0.2 x 25 degrees

• Accuracy of star position pulse: _+ 0.1 degree

• Size: I0 x 4 x 6 inches J

i• Weight: 5 pounds or less
I

• Power: 3 to 4 watts t

(3
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Before the design of such a sensor is made firm, two areas

should be investigated further, field of view and aperture. Since a slit

length large enough to include Canopus at all times during the mission

is desirable, the complexi_ 7 of optics, usable photomultiplier photo-

cathode area, and background signal levels should be studied to establish

concrete data on which the size of the field of view can be determined.

A v-slit aperture which gives two pulses per star can provide spin axis

pointing direction for small additional complexity, presuming ground

data processing. This technique has been successfully used on an

earlier sounding rocket program whose purpose was to determine the

altitude of the infrared horizo_ for the Apollo program. A spinning pay-

load incorporating a two-slit star sensor and an infrared horizon sensor

was used. The spin rate was high (100 rpm) and the claimed angular

accuracy was 0.1 degree, considering the combined effects of roll angle

and spin axis pointing direction.

3.4.4 Accurate Reorientation and AV Maneuver

With a two-slit star pipper, to ena_Jle an accurate positioning of

C spin a to provide accurate midcourse
the axis and linear accelerometer

velocity cutoff, it is conceivable that but one midcourse correction

would be required. In addition, it is estimated that approximately

5 percent of midcourse propellant can be saved, which amounts to

0.8 pound.

The added complexity of this rr_:thod makes it unattractive. The

addition of an accelerometer in the _'alocity cutoff loop will degrade the

reliability of the firing control s_st_m and the weight of the accelero-

meter with its associated torque tebalancing electronics will increase

: the system weight and power requirements. Typical weight for these

units is 0.4 pound without the rebala ,cing electronics. In addition,

the pipper will add an estimated 5 pc_a_ds and 3 to 4 watts, which more

than offsets the propellant weigLt saving.

It is believed that this type of improvement should be reserved

for the later grand tour mission, where the final accuracy requirements

are much more demanding. In that mission, the post-encounter velocity ¢
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requirements are extremely sensitive to approach accuracy, justify"

this added weight and complexity. On the other hand, if a star pipper is

included because of experiment requirements, its extension to the two-

slit pipper is easy and then the additional penalties for including this

improvement are more modest.

3.4.5 Alternate Precession Thruster Arrangements

The selected design uses two thrusters located on the antenna rim,

firing back-to-back with 180-degree roll separation between up and

down firings. This design provides pure couples when the firings are

done in pairs but introduces some wobble after a pulse pair. It is

superior to up and down thrusters separated mechanically by 180 degrees

but fired simultaneously because it eliminates one propellant line with

its attendant heating requirement. Alternatives include a single thruster

firing axially or radially and a pair of thrusters so arranged to provide

both translation cancellation and a dead-beat (no wobble) system.

3.4.5.1 Single Thruster

The use of a single thruster provides the simplest system but

introduces a translational velocity to the spacecraft. A typical reorienta-

tion for a midcourse correction changes the spacecraft velocity by 2 to

3 meters per second. With an axial thruster, the return to the cruise

orientation adds an equal amount to the value. With a radial thruster,

the return maneuver cancels the initial maneuver, but, in any case,

the computation of the desired midcourse AV maneuver is complicated

by the presence of this inadvertent _elocity component, particularly

for small corrections where the total desired correction may be a

fraction of a meter per second. Even more seriously, the attitude

correction maneuvers add small velocity increments and thereby degrade

the overall tracking capability. JPL personnel are particularly
concerned about this factor.

As a result, thruster pairs which do not introduce translation

have been adopted.

A
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3.4.5.2 Dead-Beat System

A dead-beat system can be obtained by separating the two thrusters

stlchthat when the second fires its positionis 180 degrees from the firing

position of the firstbut the time separation between firings corresponds

to one-half of a nutation cycle. Under these conditions the nutation

(wobble) introduced by the firstfiringis exactly cancelled by the second.

This arrangement has much to recommend it, particularly as we get

into the detailsof the coupling between the nutationand the conical scan

system as itapproaches itsdead zone. Its chief disadvantage is that

the required spacing between thrusters is not commensurate with the

60-degree structural module and would require additional struts to

support one of the thrusters. Other c plications include an additional

propellant line and heaters and the electricalcomplication of providing

a time delay for the second firingsignal after a time delay corresponding

to a roll angle of (I/l2) 180 degrees.

For the selected system, the nutation is always less than the

pulse pair precession step size (0.2 degree) when the precession is in

C a fixed direction. This is reasonable compared to a conical scan dead
zone of + 0.36 degree. However, recent calculations indicate that as

the earth line is approached, the nutation can cause an apparent change
.%

in the desired direction to earth, and introduce spurious modulation of

the conical scan signal at a frequency 12/I times the conical scan signal

at the spin rate. i

!This subject demands stkldy of greater depth than we have been

able to devote to it. It is quite possible, however, that such study

will show that a dead-beat system is appropriate even with its weight

and power penalties.

3.5 Thermal Control

No alternative approaches were investigated for the thermal

control subsystem since the standard techniques appeared to provide a

reasonable system with adequate margin.

+ TRW's earlier Advanced Planetary Probe study recommended ' ¢

the use of thermal switches instead of louvers to provide a greater
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open-to-closed range of radiator conductivity. The recently improved

louver developed under NASA/ARC sporsorship eliminates the need

for such switches.

Consideration was given to insulation of the back of the solar array

to improve conditions in eclipse at Jupiter but the added area required

because of higher operating temperatures caused a weight penalty which

appeared unwarranted.

3.6 Midcourse and ACS Propulsion Options

Propulsion options center on thruster and propellant selection.

Since the selected spin and attitude control thrusters use monopropellant

and are an integral part of the propulsion subsystem, this section will

deal largely with a weight comparison of the systems resulting from

various propellant selections, including cold gas for the attitude and

spin control thrusters.

3.6.1 Dual Systems

The selected design is an all-hydrazine integrated system. The

best alternate of possible dual systems incorporates hydrazine for

rnidcourse AV maneuvers and heated cold gas (GN Z) for spin speed and

precession control. Although failure of the precession thruster heaters

wiU cause a loss of the mission with the selected system, due to freezing

of the propellant, a failure in the regulator in the dual system will also

lose the mission. The blow-down hydrazine system is preferred because

, it is the lightest in weight and minimizes the equipment compartment

i depth required. The five alternate systems, incorporated single and
dual systems, are compared in Table 6_ A detailed weight breakdown

of the totals for hardware is given in Table 66.

The power penalty weight is attributed to the additional array

required to furnish power to the heaters at the rate of I. 7 pounds/watt.

The span of weight for the five systems ranges from 39. 0 to 44. 5 pounds;

the best dual system is 2.4 pounds heavier than the selected design.

3.6.2 _ipropellant System

A cursory weight analysis of a bipropellant system using NZ04//_MH ¢

for mldcourse and a cold gas (GN2) system for spin speed and precession 0
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Table 65. Single versus Dual Propulsion Systems

Single System Dual System

AV + ACS Z3V System ACS System

Propellant: AV N2H 4 NzH 4 N2H 4 N2H 4 _

ACS N2H 4 N2H 4 - - GN 2 GN 2 (heated)

Pressurant: GN 2 Freon GN 2 Freon -

Weight summary:

Hardwctre weight (lb) 11. 1 10.4 7. 1 6. 5 10. Z 9. 5

Weight of expendables (lb) 25.._9_ 27.7 22..___._j_7 24.4 3.4 2. 1

Basic system weight (lb) 37.0 38. I 29.8 30.9 13.6 11.6

Power penalty weight (lb) 2.0 2.0 - -

Total system weight 39.0 40. 1 29.8 30.9 13.6 11.6

esign ]
(Best alternate 41.4 lb)

• (42.5 lb) ....

Table 66. P,'opulsion Weight Comparison

All ".'r2H 4 N2H 4 Z_V Cold Gas ACS Hot Gas ACS

Freon GN 2 Freon GN 2 (GN2) (GN2)

Propellant tank 3.44 4.2 3.34 4. O 3.8 2.7

Regulator - - 1.2 1.2

Fill/drain valves 0.4 0.4 0.4 0.4 0.2 0.2

Pressure transducer 0. 3 0. 3 0.3 0.3

Thrusters/valves 3.2 3.2 1.2 1. Z 2.0 Z. 4

Lines/plumbing 2.4 2.4 1.0 1.0 3.0 3.0

Insulation heater8 0. 6 0.6 0. 2 0. 2 (included in
thrusters)

Total dry weight 10. 34 11.1 6.44 7.1 10.2 9.5

=iS"/

(-
t
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control showed it to have a significant weight disadvantage, as well as

calling for a greater volume. The following presents a typical weight

breakdown in pounds for this type of a system.

AV System ACS System

Pressurant tank (pro-rated) 2.0 8.3

Oxidizer tank I.3 -

Fuel tank I.3 -

Thruster assemblies 4.0 4.8

Regulators 1.0 1.0

Fill and drain valves 0.6 -

Check valves 0.4 -

Filters 0.6 -

Lines and plumbing 3. O I. 0

Propellant and gases 16.7 9.3

30.9 Z4.4

System total 55.3

3.6.3 Midcourse Propellant Requirement

The midcourse propellam _ requirement for the selected design

is sized to provide a midcourse AV capability of 80 meters/sec and i8

based upon a gross spacecraft weight of 457 pounds. Included in the

propellant estimate i8 an a11owance of 3 percent for expulsion efficiency

and 0.05 Ib/thruster/year for leakage. Figure 170 plots the AV propellant

weight as a function of midcourse _V for an allowable gross spacecraft

i weight of 457 pounds. Figure 17L plots midcourse propellant weight as

a function of gross spacecraft weight for various midcourse AV's.

3.7 Structure

The key structural tradeoffs not discussed in Section D are pre-

sented here.

3.7. ! High-Gain Antenna Dish

Since the high-gain antenna is the forward closure for the equipment

compartment, the center portion of the dish needed to be studied in view

of that structural requirement. The structural analysis showed that a ¢

()
t
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Figure 170. Propellant Weight versus Midcourse AV
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Figure i71. AV Propellant Weight versus Gross Spacecraft Weight

core thickness of ! inch was needed for adequate structural rigidity. The

outer rim of the dish, which does not form part of the equipment com-

partment, did not need this thickness. The alternatives of 0. 25 or 0. 50

inch thickness for the rim were investigated, with respectively 3-rail and

(
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5-rail facesheet. As Table 67 shows, the larger rim ledto an increase

in weight of 5.4 pounds, and since the performance of the antenna was

demonstrated not to be degraded with the thinner rim, the weight differ-

ential led to its preference.

Table 67. High-Gain Antenna Dish Weight Tradeoff

Selected Alternate

De s.i_n Design

Antenna Dish Design

Outer rim design
Aluminum honeycomb core thickness (in.) 0.25 0.50
Facesheet thickness (both sides) 0. 003 A1 0. 005 A1

L,mer Dish

Aluminum boneycomb core thickness (in.) i. 00 1.00
Facesheet thickness

Reflector side 0. 003 A1 0. 005 A1
Aft side 0. 010 A1 0. 010 A1

Thermal coating thickness (in.) 0. 003 0. 003

Dish Unit Weight Estimate (lb/s_ ft)

Outer rim weight/trait area
Aluminum honeycomb core 0. 0334 0.0667
Facing 0. 0864 0. t 440
Adhesive 0. 0600 0.0600

Outer Rim Composite O. 1798 O. 2707

Inner Di3h
Aluminum honeycomb 0. 1334 0. 1334
Facing (reflector side) 0.0432 0. 0720

(aft side) 0. 1440 0. 1440
Adhesive 0.0600 0. 0600 '_

Inner Dish Composite O. 3806 0.4094 i

Thermal coating (one side) 0.0300 0. 0300 i

Weisht Summar]_ ilb) Ji
Inner dish 7.0 7.5

Outer dish 9.6 t4. 5 I
Coating 2. 2 2. 2

Total Dish Weight Estimate I_'_ _ i

Weight Difference Relative to Selected Design 0 +5.4 !

_d

394

<

q

1969010484-429



3.7. 2 Equipment Compartment Sizing

In sizing the equipment platform, the height of the compartment was

kept constant and the distance between internal flats of the hexagonal

platform varied to investigate the consequences in terms of capacity for

mounting equipment. In this tradeoff the weight of the platform, side

panels, insulation, and the closure portion of the high-gain antenna were

considered. The total incrementalweigbt change of these items was

estimated to be approximately 0. 25 lb/inch across internal flats; (a de-

crease in platform size of 5 inches across flats, reduces its weight by

7 pounds). This kind of a gain is possible with the current platform

equipment, without mounting equipmer_t on the side panels. With side

panel mounting the platform could be even further reduced. However,

because of growth potential, such weight savings have been reserved for

more desparate times.

4. WEIGHT USE TRADEOFFS

4. I Power and Data Rate

: Within the framework of the basic selections represented in the
recommended spacecraft cor_f'juration, it is of interest to see how the

weight would vary if overall power requirements were changed or if it

were desired to change the data rate, perhaps to save weight for other "

uses. This tradeoffis presented in Figure 172." The two power curves

show the variation in power supply weight considering (a)onl_ the weight i

change resultingfrom changing array panel size and (b)also the change

in adapter length (at0.5 Ib/J.n.) and the shroud extension (at I/8 Ib/il.)

resultingfrom changing the array.

The four data rate curves are based on a nominal 780 bits/sec

with an 8-watt transmitter output and 30-watt input power. (Nominal

means equal probabilitythat the achieval::ebit rate is above or below

780 bits/sec.).

The curve obtained from varying the antenna s__. :.,..sedon

0,25 Ib/ft2 for the weight of the dish) it,so advantageous that itis clear

that the maximum allowable dish diameter should always be used. This ' •

(
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(
tradeoff remains true, as shown, even if the shroud were to be shortened

as the antenna diameter decreased, even when the associated decrease in

array panel width is neglected. The remaining curves show that it is

fairly expensive to buy increased data rate with increased power but,

conversely, that a reduction of data rate provides a significant weight

saving. Here the solid curve is most significant since it shows the full

weight saving which could be achieved if the data rate were reduced.

Basically, 22 pounds could be saved if four watt transmitters were used.

; 4. Z Reliability

The use of weiFht (redundanCy) to improve reliability is a necessity

for this mission. This section addresses itselfto the question of how best?

to allocate weight so that the maximum reliability is achieved. Specifi-

i cally this section:

• Estimates the 2-year mission reliability o£ the baseline
configuration as described in Section D and indicates

some changes that should be incorporated to improve
reliability. (_3
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• Generates various spacecraft redundancy alternatives
and determines the tradeoff relationship between mission
reliability and the weight allocated to component redundancy.

• Develops the tradeoff relationship between the weight
allocated to component redundancy for improving mission

eliability and the weight allocated to propellant for
improving the probability of having an adequate supply.

The results of these exercises are based on preliminary design infor-

mation, approximate parts counts in several subsystem areas, and

historical failure rate data from the previous Pioneer spacecraft program.

Therefore, the results of these tradeoffs are not as conclusive as they

could be ,x,ith better data and more time in which to evaluate it. How-

ever, the results do provide assurance that adequate reliability can be

achieved. The reliability and weight estimates of the current baseline

configuration and the optimum configuration recommended by the results

of this reliabilityweight tradeoff study, within the constraint that the

weight not exceed 342 pounds, are as follows:

R eliability W eight

Spacecraft Configuration (.Z-years) (ib)

(. Current Ba,-'eline O. 695 340.0

Optimum Selection 0.7i4 340. 5

The only differences between the current baseline Jupiter Pioneer

configurationand that recommended here are in the attitudecontrol sub-

system. For a net panelt7 of increasing the baseline configuration weight

by 0. 5 pounds, its reliabilit7 can be improved by 0.019 by adding majority

vote circuitry to the digitaltelemetry unit and by eliminating one of the

zero crossing and level detectors. The rest of the subsystems are the

same as the baseline selections and are characterized by the use of maxi-

mum redundancy in most cases. The redundancy versus propellant weight

tradeoff indicates that about i6 to i7 pounds of monopropellant represents

a point beyond which additional propellant provides diminishing returns

and tends to rob the weight budget of poimds that could be better employed

for subsystem redundancy.

The analytic technique used to perform the reliability-weight trade- e

( off is known as dynamic programming. The spacecr&ft is filet megmented I
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into its major subsystems which are in turn broken up into major com-

ponents. Each subsystem is then inspected to determine where black box

redundancy can be most profitably employed. H a subsystem has eight

black boxes, for example, of which five could be redundant, there are 25

or 32 possible combinations for employing single redundancy. Some

combinations are both heavier and less reliable than other combinations,

so they are eliminated as possible candidates. After all of the combina-

tions have been tabulated for each subsystem, the computer model then

searches for the most reliable subsystem in each case that will provide

a maximum spacecraft reliability under a given weight constraint. As

the weight constraint is progressively relaxed in discrete increments,

of say 0. 2 pound, the maximum spacecraft reliability tends to increase

since more reliable subsystems can be selected with the higher weight

allocation.

In this study, the Jupiter Pioneer was defined in terms of seven

major subsystems with redundancy alternatives amounting to a total of

784 possible combinations, as shown below.

Total No. of Alternatives
Subsystems Considered Eliminated Retained

Structure and thermal I 0 i

Attitude control 4 0 4

Electrical distribution 2 0 2

Data handling 32 25 7

Communications 16 9 7

Propulsion 3 2 i

Electrical power i6 i4 2

Overall Spacecraft 196,608 195,824 784

Ifevery subsystem redundancy alternative considered had been

retained, there would be almost 200,000 possible spacecraft combinations

to evaluate for each weight constraint. However, by eliminating those

alternatives which were clearly inferiorfrom both a reliabilityand weight

standpoint, the selection process was reduced quickly to 784 possibilities

for each weight constraint. ' ¢

(3
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Next the weight range was determiued to be 30. 4 pounds by sub-

tracing the weight of the nonredundant spacecraft alternative (321.7 pounds)

from the weight of the maximum-redundant alternative (352. I pounds).

This weight spread was then divided into 0. 2-pound increments, yielding a

total of 152 weight constraint points to evaluate. Maximum reliability

spacecraft configurations were then found for each weight constraint con-

sidered. Figu,'e 173 is a printout of the computer evaluation, and

Figure 174 shows the graphical interpretation of this exercise.

Th_ cptir:mm conliguration point depicted in Figure 174 was selected

because zt _atisfies the reliability and weight goals and the relative gain

in reliabil,_t_¢beyond this point diminishes considerably for progressively

larger weight allocations. The particular combination of subsystem

redunda,lc_, alternatives reflected by this point is shown in Figures 175

through 181.

Figul e 182 shows the probability of having adequate monopropellant

for spin and attitude control and for rnidcourse corrections as a function

of propellant weight. This figure was used with Figure 174 to derive the

( tradeoff illustrated in Figure 183. This tradeoff in turn ._hows the 2-year

mission reliability of the spacecraft versus monopropellant weight

constraints. _Ihe mission reliability, as defined here, is the product of

the probability of having an adequate propellant supply and the probability

of no catastrophic vehicle failure.

In order to interpret the tradeoff in Figure i83, assume that there

is a 355-pound vehicle weight constraint. If 20 pounds of monopropellant

is desired, it can be determined from Figure 182 that 20 pounds will

guarantee a 0. 9981 probability of having an adequate propellant supply.

However, this propellant supply leaves only 355 pounds available for sub-

system redundancy, and shows that the vehicle reliability for a 335-pound i

allocation is 0.6647. The product of these two probabilities is about

0. 6628, so this is the Y-year mission reliability point plotted against i

Z0 pounds of propellant under a total weight constraint of 355 pounds, i

However, for most of the overall vehicle weight constraints, the curves

in Figure 183 all seem to irdicate that the highest mission reliability is ' ¢

(
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- achieved with about 15 to !6 pounds of monopropellant on board; any more

tends to increase the probability of vehicle failure due to the lesser weight

allocable to subsystem redundancy.

Figure 184 is similar to Figure 182 in that it shows the chances of

the vehicle surviving micrometeoroid penetrations as a function of the

weight devoted to shielding. Time was not available to incorporate the

effect of this factor into the reliability weight tradeoff. However, it is

conceivable that in future studies subsystem redundancy, monopropellant,

and micrometeoroid weight allocations can be traded off simultaneously in

the dynamic programming model to give a clearer indication of the relative

reliability penalties involved in each case.

h_ computing the reliabilities for each major subsystem, the follow-

ing formulation was used:

R = exp (-KiKzkt)

( •
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where

R = the blacL box reliability for a given time, t

K I = the black box duty cycle factor

K 2 -- the black box internal redundancy factor

k = the black box failure rate (bits)

t = the mission time (hours)

1.0

PROBABILITY 0.9 TENTATIVE DESIGN POINT
OF NO

PENETRATIONS

o.s I I I ,
10 15 _0 25 30 35

WEIGHT USEDFOR IMPROVING METEOROID PROTECTION (L8)

Figure 184. Meteoroid Protc:tion Weight versus Probability of
No Penetration

The duty cycle factor was used to account for differences in failure

rates during "power-on" and "power-ell n' condit,_ons and for di_erences

_ in the percentages of times that various portions of black box elements

are operating in power-on or power off. To illustrate this, it was

assumed that for the comrr_nd distribution unit:

• tO percent of the CDU elements operate ?0 percem of
the time in a power-on condition

• 90 percent of the CDU elements operate 90 percent ¢
of the time in a power-off condition

(3 •
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• All of the CDU elements operate I0 percent of the
time in a power-on condition

• The power-off failure rate is 10 percent of the
power-on £ailure rate for any given element.

Under these circumstances, the duty cycle factor turns out to be

equivalent to:

Klkt = (0. 10)()_)(0. 90t) + (0.90)(0. t0k)(0.90t) + (l.00)(k)(0. 10t)

= (0. 090 + 0.0st + 0.100) ;,,-

= 0. 271kt

K 1 = 0. 271

This duty cycle factor, however, was computed only for those components

which w_.re relatively complex and as such merited this special considera-

tion to account for the actual time it experiences heavy electrical loads.

The internal redundancy factor was used to account for multiple

success paths normally found in some equipment where 'arious failures

only create a degraded performance level rather that. catastrophic failure.

( It was used to reduce the total black box failure rate by a certain per-

centage to approximate this situation in some of the subsystem components.

Tables 68 through 79 list the actual reliability and weight information

used for these tradeoffs.

Table 68. Attitude Control Subsysterv Rehability°Weight Data

K ZComponent K! k R W
ii

I. Zero crossing and level 1.0 1.0 950 0.9835 1.6
detector

2. Upper and lower sun sensor O. 05 I.0 100 O. 9999 O. 2

package

3. Sun sensor logic 0.05 1.0 400 0. 9996 1.0 i

4. Star sensor and power I. 0 I. 0 2600 0.9555 3.5 i
package T

5. Star reference logic I. 0 I. 0 800 0. 9861 I. 5 [

6. Digital timing unit (DTU) I. 0 I. 0 1740 0. 9700 2. 0

NOTE: The star sensor is not part of the basic spacecraft subsystem
since it is a part of the science payload. However, it can be used as a t #
backup device for attitude control. Therefore, it was considered in the

( subsystem's reliability model, but its weight war excluded as part of I
, the subsystem weight. I '
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Table 69. Attitude Control Subsystem Redundancy Alternatives

_1 "_ (RI + 1_4 i_ 5 - t" 1 I_ 4 RS) t_ 2 tt R b 0 <_t,h5

_I WI �_24W3 +Wcj _%81b

' 5Y----UY----UY-
_2_(2R 1 + R 4 R 5 - RI2 - 2R l R 4 R 54- 1t12 R 4 R5) R 2 R _b_b. qo04

W2 _I 4- Wl b 4 lb

'
_3 _ RI R6 13 - 2R61 = 0. 9958

_3 _ WI 4- wb _. 8 lb

_4 = _2 R6 13 - 2R 61 = 0.9967

_4 = WZ + W6 = 8. 4 lb

NOTE: The three parallel DTU's represent a 2 out o: 3 majority voting
arrangement. The DTU welght, however, is only doubled rather than

tripled. -Configuration 2 is the current baseline configuration while
Eonflguratzon 3 wa_ selected as optimum in the reliability-weight tradeoff.

Table 70. Electrical Distribution Subsystem Reliability-Weight Data

Component K 1 K2 k R W
i

t. Command distribution unit O. 271 i.0 21730 O. 9020 IO. O

2. Cabling and connectors i.0 i.0 570 O. 9901 22. 0

i
i

¢

(-)
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Table 71. Electrical Distribution Subsystem Redundancy Alternative

l°

_1 - R l R 2 : 0.8931 _1 : W 1 + W 2 _ 32. 0 Ib

_2 - _'I (2 - Rt) -- 0.9806 _2 -- "_I + W2 = 42.0 Ib

NOTE: Configuration 1 above is both the current baseline configuration

and the optimum alternative selected in the reliability weight tradeoff.

Table 72. Data Handling Subsystem Reliability-Weight Data

Component KI K2 k R W

1. Clock, oscillator, and driver 1.0 1.0 360 0.9937 0.05

2. Elapsed time counter 1. 0 1.0 890 0. 9845 0. 14

3. Programmer 1. 0 1.0 2650 0. 9546 0.40

4. Multiplexer driver 1.0 1.0 2800 0. 9521 0.43

5. Analog multiplexer 0. 235 0.70 3085 0. 9911 0.47

6. Analog-digital converter 1.0 1.0 2280 0. 9508 0.44

7. Digital multiplexer 0. 235 0.70 3610 0. 9896 0.56

8. Bilevel multiplexer 0. 235 0.70 3110 0. 9911 0.47

9. Digital comparator 1.0 1.0 100 0. 9982 0.02 i

10. Video A-D converter 1.0 1.0 2840 0. 9515 0.44

11. Combiner and switch 1.0 1.0 1100 0. 9809 0. 17 i

12. Convol,,tional coder 0. 190 t. 0 3160 0.9461 0.48

13. Biphase modulator 1.0 1.0 280 0. 995t 0.05 i
f,

t4. Data storage unit 0. 190 1.0 18080 0. 9416 3.0

409 <
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Table 73. Data Handling Subsystem Redundancy Alternatives

1.

_1 R/(2 ltt) R2 [(j R4 R5 (Rt + I(10 - 1_ l_t0) R7 I_t_ RL) R11RI5 R14 U. 7'1_0

_1 2WI+W2 Ws+W+WT+W +W_4Wlo+WII+WIA4_I34W14 - 7.1 lb

_2 _i {I - In R3) O. 8330 W 2 _! 3 - 7. 5 lb

_3 - ]_t(l - t_a 41 o._351 _3 - Wl +w4 : 7. b_b

4. _ 7 through 14 _

_4 : _2 (I - in R 41 = 0. 8739 W4 : W 2 J" W 4 = 7- 9 lb

'_5 - _2 (1 - lnRl4) = 0.8831 _5 : W2 _WI4 : 10.5 lb

6, _ 7 through 13

R6 : R3 (t * In RI4 ) = O. 8854 _6 " _3 �W14= 10. 6 lb

7, _ 7 through 13

" _7 : '_4 (1 - In RI4} = 0. 9265 W 7 = W 4 + W14 = to. 9 lb

NOTE: Configuration 7 as both the current basehne configuration and the optimum alternative selected m the reliability-weight
_ tradeoff. Although components 6 and i0 perform shghtly different functions, they can back each other up in a somewhat

_ degraded mode. The redundant DSU (component 14) is actually a backup video buffer representing about two-thirds of the 121SUj

but it was treated as a whole DSU for purposes of sxcr.plictty. Component 12 is omitted from the above rehability moaele,
._ because it can be bypassed completely without creating a catastrophic fail 're.

• 0
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Table 74. Communication Subsystem Redundancy Alternatives

I I I _(2 i ,' I' i. : , . dl' l(i! _ I-4 I_I . ,,,t,7-2

_2 _'I (Z - i_i ) o 7424 W_ W1 * _lJ "a 'Jlb

) "_2 "'b' " t, "

4 I thr,,,l_h 4 t_ e,cept

C R t R2I_3(Z- N ) _J. e258 _4 _2+'_3+_5 01.3 _b

"R5 _3 I'I 3 (2 i151 0. _o0 u W 4 W 3 + W 3 + W 5 : 63. I lb

0.--t,th.o.,.4

R' g4R_z_s D-i"(_,_Rtol]-o.so27
WO : W4+2W3 +_8-1-Wo+Wlo : 65.41b

,._j
_7 : _oR32(1 " lnRb) 0.8993

W 7 - W 6 + ZW 3 + W b : 67 Z lb

NOTE: Conftguratton 7 above it both _he current I_sehne conftguratton and the opttmum altert_ttive

selected in the rehabthty-wetght tradeoff.

(
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Table 75. Communications Subsystem Reliability-Weight Data

Component K 1 K 2 k R W

I. Low-gain antenna 1.0 I 0 400 0. 9930 5. 5

2. Diplexer 1.0 I C 200 0. 9965 0.7

3. Switch 1.0 I 0 250 0.9956 0. 2

4. Command receiver 1.0 I 0 7120 0.8827 3. I

5. Transmitter driver 1.0 I 0 2950 0.9496 1.4

6. 6-db amplifier and 1.0 I 0 350 0.9939 1.3
attenuator

7. Branch line coupler I.0 I.0 120 0. 9979 0. 3

8. TWT converter I.0 I.0 2200 0. 9622 2. 4

9. TWT transmitter I.0 I.0 I000 0. 989-6 I. 0

I0. Medium-gain horn I.0 I.0 400 0. 9930 3.3
antenna

11. High-gain parabolic 1.0 1.0 400 0. 9930 34. 9
antenna

12. Command decoder 1.0 1.0 5980 0. 9005 1. 5

Table 76. Electrical Power Subsystem Reliability-Weight Data

Component KI K 2 k R W

I. Solar array 1.0 1.0 480 0.9916 121.0

2. Power control unit 1.0 1.0 480 0.9916 10.0

3. Shunt element assembly I. 0 I. 0 20 O. 9916 3.0

4. Silver-cadmium battery 1.0 1.0 ,_ 0 _, 1 5.3

5. Power converter I. 0 I. 0 4870 O. 9182 2. 5



Table 77. Electrical Power Subsystem Redundancy Alternatives

m

R 1 = R i R 2 R 3 R 4 R 5 = 0.9025

_/l ; Wl + W 2 + W 3 + W 4 + W 5 = 141.8 lb

2. -_, 1 through 4

_2 = Ri (i - in R5) = 0.97°5 _2 = _i + W5 = i44. 3

NOTE: Configuration 1 represents the current baseline configuration
, while configuration 2 is the optimum alternative selected in the reliability-

C_ weight tradeoff. This subsystem, however, was not based upon the best
reliabiIity and weight data ..ow available; however, the redundant power
converter recommendation appears to be valid.

Table 78. Propulsion Subsystem Reliability-Weight Data

Component KI K 2 k R W

1. Monopropellant 1.0 1.0 20 0. 9996 3.4

2. Monopropellant bladder 1.0 1.0 300 0. 9948 0.6

3. Fill and drain valve I. 0 1.0 10 0. 9998 0.3

4. Monopropellant filter 1.0 1.0 20 0. 9996 0.4

5. Pressure transducer 1.0 1.0 10 0. 9998 0. 2

6. Temperature transducer 1.0 1.0 t0 0. 9998 0.2

7. Solenoid valve 1.0 1.0 250 0. 9956 0.2

8. Spin speed thruster i. 0 1.0 iO O. 9998 O. 3

9. Precession thruster I. 0 I. 0 10 O. 9998 O, 5

I0. Midcourse thruster I. 0 i. 0 I0 O. 9998 O. 7 ¢

I
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Table 79. Propulsion Subsystem Redundancy Alternatives

_1 _ R_R2R32R4_%1%[_ t_7%c2-_%a7%1] 2c%_7% 12 %R:RI012-%R_R10) ,_.'_83o

_i = W i + W 2 + 2W 3 "+ W4 "+ W5 + aW6 + 8W7 + 4W8 + ZW9 + 2_tO - i2. 2 lbt.

NOTE: Other configurations were considered for the propulsion subsystem using separate plo.mbing and tanks for

attitude control and midcourse correction, but these were rejected because of their lower reliabilities and higher

weights. Therefore, the above configuration was the only alternative considered in the reliability-weight tradeoff.

This alternative is also the current baseline configuration. '_



G. RTG POWER FOR A 1972 LAUNCH

1. INTRODUCTION

In the design of a spacecraft for a Jupiter mission there is the

general question relating to the choice of solar photovoltaic cells or radio-

isotope thermoelectric generators (RTG's) as the primary source for

on-board electric power. It is not the purpose of the present study to

resolve this question. However, some of the characteristics which would

accompany the use of RTG's for power will be examined and comparison

made with similar characteristics where solar power is employed. The

most significant comparisons between the two approaches are outlined in

the following table.

Subj e ct Comment

Inte rfe rence with scientific RTG magnetic and nuclear- radiation
instruments field interference with scientific

measurementc is countered by geo-
metric separation or shielding.

Specific power Solar cell superiority drops off rapidly
( (watts per pound) with distance from sun. Beyond 3.5 to

4. 5 AU, RTG's provide _reater specific
power.

Intercepted area and view RTG's occupy less area deployed and .
angles stowed, and conflict less with sensor

view angles.

Dependence on sun RTG's do not require poi_.ting toward
or near sun; are insensiti_: to eclipses.

Developmental status More effort is required to develol_
RTG's to status of satisfactory powe"
source for interplanetary spacecraft.

Cost RTG's are somewhat more expensive.

Aerospace safety Greater restrictions are imposed on
RTG-powered spacecraft.

Ground handling and Because of personnel safety require-
support equipment ments, RTG ground handling procedure i

are more complex. RTG waste heat
must be removed on stand.

It is evident that the ultimate growth from Jupiter flyby missions to
r

missions wh/ch penetrate into more remote portions of the solar system,
+

including probes to planets beyond Jupiter, will require the use of a ,

4t5 <
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power source independent of the sun; RTG power appears to be the most

appropriate for initial missions to such areas, where total power require--

ments are in the modest range of 100 watts or so.

It is under two alternate philosophies that we may consider the

incorporation of RTG power into the spacecraft design for a Jupiter

Pioneer mission. In the first approach, it is assurled that the initial

launches are based on the solar-cell-powered configurations which have

been described above in this report, and that the changeover to RTG power

is accomplished for a design change to affect launches in subsequent years,

which are presumably for growth versions of the initial mission based on

different mission objectives and different science payload from those

characterizing the initial launches. In this case, the use of RTG's would

be adopted to exploit the capabilities of a more efficient energy supply and

the ability to operate at distances from the sun substantially beyond Jupiter.

A consequence of this approach would be a somewhat more relaxed sched-

ule for the development of the RTG's, permitting one to capitalize on

expected advances in the state of that art. A second philosophy for the

consideration of RTG power is as a competitor with the use of solar

arrays to supply electrical power for the initial launch (177? _. In this

case, the selection of one or the other is not primarily based on the

initial Jupiter flyby mission. As of this date, a firm selection has not

been made, either within this study or within the cognizant Ames Research

Center organization. Therefore, the problems associated with this phi-

losophy of consideration are primarily to preserve, in the design of the

spacecraft and identification of scientific payload, compatibility with

either RTG power or solar power until these two approaches are more

fully evaluated and a selection is made.

It is this second approach to RTG usage which is examined in this

section of the report. An implication of the consideration of the use of

RTG's for a i772 launch is the relatively short development cycle avail-

able, in comparison with past RTG programs. Therefore attention must

be limited to RTG's wh/ch have already been developed, or which may be

developed in a relatively straightforward manner, based on the current

technology. These schedu/e constraints will affect the selection of the I ¢

lappropri.ate RTG, as discussed below.
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A second grotmd rule which ha.sbcen adopted for the treatment of

RTG power in this study is that the design of the spacecraft is based on

t1_eoptimized utilizationof solar photovoltaic power, and that the con-

version to RTG's should exert a minimum impact on the spacecraft and

subsystem design. In the design derived for the spacecraft utilizingsolar

cellarrays, as presented in earlier sections of this report, the first

portion of this ground rule has been observed, as the influence of a possi-

ble future conversion to RTG's did not have a major influence on the

evolution of the design. Itis the purpose of this section of the report to

illustratehow the conversion to RTG power can be accomplished with the

solar powered spacecraft which has been described in detail.

At the midpoint of this study, the overall spacecraft configuration

No. i was selected, with the principal competition being offered by

configuration No. 4, in which the spin axis was maintained perpendicular

to the eclipticplane during the cruise phases of the mission. That selec-

tion, described in Section F, was made for technical reasons which did

not give great weight to considerations of possible future conversion to

RTG power. It is somewhat fortuitous that the selected spacecraft is

(-. more easily converted to RTG power than configuration No. 4. This tends

to make the impact on the spacecraft mechanical design and on its sub-

systems less profound than it might have been.

The rule that the conversion to RTG's should have minimum impact

on spacecraft design tends to mean that the resulting RTG powered space-

craft may not be the optimum one which would have been developed if

RTG power had been adopted from the start. However, because of the

lower specific power (watts per pound) of solar arrays, it is less trau-

matic to convert an optimized solar design to RTG's than it would be to

revert from an optimized RTG design to solar power.

Starting with a solar powered spacecraft, while RTG development

and incorporation necessarily comprise a substantial and significant

program, it is appropriate to consider the RTG portion as a separate

program, and the actual units to be government furnished equipment to

the spacecraft programs, and the impact on the spacecraft development

program is minimized. ¢
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The primary charac_.eristics of this conversion of the spacecraft

design to RTG power which are treated herein are the manner in which

the subsystem design and operating characteristics of the spacecraft will

be altered, the general changes in performance, and the schedule and

cost features of such a program.

Because the selection of primary power source has not yet been

made, a realistic consideration of RTG power must also indicate the

implications of the preservation of the option for RTG or solar power

until such time as the two approaches are fully evaluated, and a selection

may be made. These implications primarily affect the schedules for the

development of both the spacecraft (with solar power) and the RTG units,

and the cost associated with such developmen_ programs. These sched-

ule and cost implications are reviewed in this section.

2. CONVERTIBILITY FROM SOLAR TO RTG POWER

This section discusses the requirements for convertibility of the

Jupiter Pioneer spacecraft from solar to RTG power. The measure of

convertibility is the extent to which the impact on the design, test, and

assembly of other subsystems is minimized when the solar-cell arrays

are replaced by RTG's. Its evaluation requires an understanding of .,±'G

characteristics, the total system into which the RTG will be integrated,

and the interface constraints imposed by such integration. The RTG

characteristics are described in Sections 3 and 4. The following para-

graphs consider the mechanical, thermal, electrical, magnetic, and

nuclear interactions arising when the RTG's are brought into the space-

craft design.

For a spin-stabilized spacecraft the mechanical, thermal, and

nuclear interactions are all minimized by locating the RTG units external

to the spacecraft equipment compartment. This is true in the initial

creation of a spacecraft design based on RTG power. It is doubly true in

converting from a solar powered design, because the equipment com-

partment and spacecraft cosdiguration has been designed to perform in

the absence of these effects which would accompany the proximity of

RTG'I to the compartment. •
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Thus, it is an initial consequence and subsequent ground rule of the

following interface considerations that the RTG's will be loci.ted external

to the equipment compartment.

2. I Mechanical and Structural Interfaces

The primary aspects of mechanical convertibility are:

• The ability to remove the solar panels, and find
satisfactory alternate attachment points for any
components which were mounted on or deployed
frcm them.

s _II_e ability to attach RTG's via their supporting
structure and deployment mechanisms without
radical alteration of load raths in the basic
spacecraft structure.

• The preservation of features of spacecraft mass
properties: e.g. location, moments of inertia
stowed and deployed, and moment-of-inertia
ratios, stowed and deployed.

The last of these aspects, necessary to preserve sp_n stability and con-

C trol by the same precession pulsing system, militates for the denloyment
'_ of RTG units into a plane perpendicular to the spin axis, and near the

spacecraft center of gravity. Also, to keep the moment-of-inertia figure

as an axisymmetric oblate spheroid, the number of deployed units must be
three or more.

The use of attach points and stowed position similar to that of the

solar panels satisfies the second aspp.ct. The first aspect depends on

i limiting (in the solar-powered design) the number of additional com-

ponents relying on the solar panels for structural support or mounting, m

Other featu.es related to the mechanical interface are:

s The RTG'8 and auxiliary equipment must be
reasonably accessible after Instailation for
test and inspection operations and must not
interfere physlcaUy with other spacecraft
subsystems. It is h/gh/y desirable for the I

. isotope iuel capsuieq to be inqerted in the
generator late in the prelaunch sequence.

• The RTG's must be physlcaLIy located *q

( (when stowed) at the proper clearance

4i9 ;¢
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between the shroud and spacecraft for
reasonable distribution of the RTG thermal

a output and minimizing the thermal effects
on other spacecraft systems.

• In the deployed position, they must not restrict
the field of view of various sensors, antenna, or
scientific ii_struments.

• The booms must be capable of extending the RTG's
to a I osition which meets RTG radiator view factor,
nuclear radiation field, and magnetic field separation
distance requirements.

2. 2 Thermal Interface

The combined thermal inventory of the RTG's will be over 2000 watts.

Except for the small portion that is converted to electrical power, most of

this energy must be dissipated by the outer surface of the generator during

prelaunch, launch, boost, and space operations. The temperature in space

operations results from a delicate balance based on the dissipation of some

60 watts.

It is evident that the RTG influence on the thermal control charac-

teristics of the spacecraft is potentially very great. While, in a new

design, it is appropriate to consider utilizing RTG waste heat in the over-

all thermal balance, it is clear that the conversion from solar power to

RTG power disturbs the thermal control subsystem the least if the RTGWs

are isolated the most from the equipment compartment. This consider-

ation, therefore, supports the concept of deploying the RTG's to an

external location.

During launch operations when the spacecraft and RTG's are in the

enshrouded condition, the best way to minimize the impact on the thermal

control subsystem is to employ air conditioning to (1) cool the RTG's, and

(2) maintain the spacecraft electronics and equipment compartments at

reasonable temperatures up to the time of launch. The latter is, of

course, a requirement irrespective of the presence of the RTG*s. Cooling

the RTG's prior to launch is necessary so that inherent material operating

temperature limits are not exceeded and exposed surfaces do not undergo

oxidation or other physical changes. Acceptable on-stand RTG and equip- ¢

ment temperature can be maintained by directing air or an inert gas flow

through the shroud and around the spacecraft and RTG's. (_
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To assure that temperature limitations are not exceeded during boost

after ambient cooling has been terminated, it may be necessary to sub-

cool the RTG's during launch operation. For the most part, this will

depend on the specific RTG design selected and the number of units used.

For sub-cooling, the gas or air inlet temperature and flow rate are

adjusted such that the RTG temperatures are depressed to a level low

_nough to compensate for the RTG self-heating effect which occurs during

boost (prior to launch vehicle nose fairing ejection).

2.3 Nuclear Radiation Interface

Convertibility from solar to RTG power requires avoiding or solving

adverse interactions between the nuclear radiation from the isotope and

the spacecraft. Tbere are four levels of such interactions:

a) Damage to spacecraft materials and components

b) Interference with the operation of sensors
(science and subsystem) by saturation from
nuclear radiation

c) Perturbation of sensor outputs by superpositionof radiation

d) Distortion of the characteristics of the space
environment which is being measured by the
scientific instruments

Of these effects, a) is most severe; d) is most subtle and hardest to

detect or evaluate.

The features of spacecraft design which permit conversion to RTG

power so as to minimize these adverse interactions are:

• A feasible remote location for the RTG units

• The ability to accommodate shielding material

• The use of electronic and other components with
rninimum sensitivity to radiation

• A payload of scientific instruments with
minimum sensitivity to radiation.

The first feature is the most promising approach for the Jupiter Pioneer, r

i ( and the weight adv_tage of RTG's over solar power permit application :
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of the second. The third is undesirable, as it either penalizes the solar

powered design or complicates the conversion to use selected radiation-

resistant components broadly. The last feature, unfortunately, is incom-

patible with the nature of the interplanetary objectives of the mission;

some of the instruments are inherently sensitive to nuclear particles,

because that is what they are supposed to measure.

2.4 Magnetic Field Interface

In order to achieve accurate measurements of planetary and inter-

planetary magnetic fields, it is important that spurious magnetic fields

generated within the spacecraft be kept to insignificant levels.

The magnetic fields to be measured by the Jupiter Pioneer may vary

over a very wide range. In interpl,Lnetary space, the ambient magnetic

field varies between about 0.5 and l0 gamma. Near Jupiter, however,

the fields can be many orders of magnitude higher. Synchrotron radiation

(radiation caused by electrons spinning about magnetic field lines) from

Jupiter indicates a magnetic field of perhaps 50 gauss, it could be neces-

sary to include several magnetometer experiments if measurements are

to be made over the complete range of possible fields.

An RTG may produce significant magnetic fields clue to large

current flow and the use of ferromagnetic materials in its construction

unless specifically designed to minimize these effects. Electrical

currents are on the order of tens of amperes. Use of permeable materials

such as soft iron or nickel for PbTe thermoelectric shoes introduces

permanent fields and enhances stray fields.

The magnetic fields of the RTG's considered for this mission are

all approximately the same. Recent data indicate the measured field

resulting from a short-circuited SNAP 19, SNAP 27 and a current light-

weight RTG design is approximately 2 gamma at 10 feet. A custom-

designed RTG for this mission using SiGe thermoelectrics could reduce

this number to 0. 25 gamma or lees at 10 feet.

Using RTG's based on lead teUuride, the Jupiter Pioneer magneto-

meter requirement of O. I-gamma residual magnetic field v, iLl be difficult i ¢

to attain except by using long booms for remote deployment. (3 i :_

J
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2. 5 Electrical Interface

The electrical interface problem for the Jupiter Pioneer will be

relatively minor. Substitution of RTG's for solar arrays will impose

changes in the design of "_epower control unit (PCU) since the RTG

source characteristics differ from solar panel arrays. RTG's are

basically low voltage devices that have I-V characteristics significantly

different from those of a solar array. In addition, the battery capacity

required for the mission is reduced because the RTC's are sun-independent.

The above factors generally result in reduced power conversion system

complexity. The approach for convertibility from an electrical interface

pc_ , "tview would be to design the solar power system cutput charac-

teristics _o that user subsystems are unaffected by substitution of RTG's.

3. RTG CANDIDATES

At the present time, no existing RTG design is capable of completely

satisfying all of the mission requirements of the Jupiter Pioneer space-

craft. However, several RTG systems have been built or are currently

under development for space applications and this section describes these
(

RTG systems and comments on both development status and applicability

to the Jupiter Pioneer mission. A summary discussion of weight, per-

formance, and possible modifications which would make a specific RTG

acceptable for this application is included.

3. I SNAP !9

The SNAP 19 RTG power system was developed by the Martin

Marietta Company (currently Isotopes Incorporated) under contract to the

AEC for use on NASA's Nimbus B spacecraft. The SNAP t9 system is

designed to provide 50 watts of conditioned power from two RTG's which

augments the solar panel and batteries for the in-flight mission life of

one year. !

The SNAP 19 power system, shown in Figure 185, is mounted on i

top of the Nimbus spacecraft main structure (the sensory ring) and ,!

consists of two SNAP 19 generators mounted in tandem. Each generator

has a beginning-of-life power output of approximately Z7 watts at Z.5 to ¢

( 2.8 volts, and each generator weighs 30 pounds. Each generator housing

423
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Figure 185. Evaluation of Radiation Shielding

is 6.5 inches in diameter and 10.75 inches high. Six fins are used to

increase the radiator surface area and give the unit an overall diameter

of 22 inches. Maximum radiator temperature is 350°F. The generators
¢

are fueled with Pu-238 and utilize PbTe converters.
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Originally, the SNAP 19 generator utilized a heat source design

which, in case of a mission abort, would burn-up and release the isotopic

fuel during atmospheric re-entry. Later in the program, this philosophy

was reconsidered and the program was directed to develop a heat source

which would contain the isotopic fuel, thereby reducing possible hazards

to the general population implicit in high altitude fuel dispersion.

Development of an intact re-entry heat source (IRHS) consisting of a

super-alloy capsule surrounded by a graphite member was completed

during the past year. Developmental and verification tests were performed

to insure that the IRHS would contain the isotopic fuel under the following

conditions: (a) after earth impact following a launch abort wherein no

sensible aerodynamic heating has occurred; (b) during atmospheric re-

entry from orbit (i. e., prior to earth impact) wherein sensible aero-

dynamic heating has occurred. However, the super-alloy fuel containment

structure melts during re-entry and fuel containment is provided by the

enclosing graphite member until ground impact. Thereafter, complete

containment cannot be guaranteed.

(4 Prototype and flight generator subsystems incorporating a fueled
intact re-entry heat source were assembled. These subsystems were

subjected to qualification test programs at prototype and flight acceptance

levels respectively. All test requirements were met and the AEC accepted

delivery of the prototype and flight power systems.

After integration tests were conducted by the spacecraft prime

contractor, the Nimbus B spacecraft and the SNAP 19 power system were

separately shipped to AFWTR. Final integration and checkout of the

SNAP i9 with the Nimbus B spacecraft was carried out at AFWTR on

May 13, L768. However, the spacecraft failed to achieve orbit because

the booster veered off course and had to be destroyed by the range safety

officer shortly after launch on May 18, I768.

The SNAP i9 heat source modification described above does not

meet the current aerospace nuclear safety requirements. The present

AEC philosophy calls for the complete containment of the fuel under all

accident conditions, including re-entry and impact as well as survival in I'
i the post-impact environment following an orbital or suborbital abort. The

¢

'(- IRHS modification was a11owed as a special case resulting from compromises ,
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involving the original SNAP 19 heat source and generator des:Lgns. The

aerospace nuclear safety criterion of intact impact was waived and the

IRHS modification was approved on a single launch basis.

The SNAP 19 generator is not attractive as an on-board power

supply for a Jupiter mission for several reasons. First, extensive modi-

fication in both the design of the generator and heat source would be re-

quired to meet the current aerospace nuclear safety requirements. The

cost and schedule figures are considered comparable to a new generator

development. Secondly, previous performance data indicates excessive

degradation rates for operational periods exceeding one year. Degradation

figures shown in the Martin Marietta SNAP 19 final report indicate a

33 percent decrease in power over a 20-month period. This rate is con-

sidered unacceptable for a mission of long duration.

Another disadvantage of the SN_',__ 19 generator is the relatively

poor power-to-weight ratio as compared to other candidates.

3.2 SNAP 27

SNAP 27 is a 65-watt generator currently undergoing development

for the AEC. The unit will be used to power the ApoUo Lunar Surface

Experiment Package (ALSEP) on the surface of the moon for one year.

The system, shown in Figure 186, consists of an unfueled generator and

graphite lunar module flight cask (GLFC) that is used to contain, protect,

and transport the heat source aboard the Lunar Module to the surface of

the moon. The heat source is then inserted into the generator by an

astronaut. All unfueled generator assemblies and ground support systems

have been fabricated and accepted. Three systems were delivered to

Bendix, the ALSEP prime integrating contractor. Component qualification

to the Saturn V environment of the generator was successfully completed.

Magnetic fields were measured and found to be 0.016 gamma at 50 feet,

or 10 times less than mission requirements. A total of five flight units

were manufactured. Power outp, lts were above the original design

requirements of 56 watts, and exhibited a high degree of consistency

from one unit to another. Initial power spread for the five units was

7 i. 3 watts minimum to 7 _. 9 maximum, with ! 500 thermal watts inpu,. •

, Total weight of the system, including the GLFC, is approximately

64 pounds. The unfueled generator weight is 25 pounds. Y\_-_
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Over 25,000 test generator hours have been accumulated to date

with one generator being tested for ll,000 hours. The data obtained

indicate that the power output of SNAP 27, after one year of operation,

should not be less than 65 watts, considering the combination of the lowest

thermal eaergy fuel element and lunar day conditions. Four heat sources

containing Pu-238 have been fabricated by Mound Laboratory for use in

the program.

During the past 12 months, development work was completed on the

GLFC and radioisotope capsule. The cask provides protection for the

capsule in the event of an Apollo mission abort. Work remaining includes

formal qualification of the GLFC and fuel capsule, which is scheduled for

completion in the near future.

Development of the present SNAP 27 system has been based on

mission requirements completely different from those of the Jupiter

Pioneer mission. As previ,_usly stated, the SNAP 27 generator assembly

does not provide re-entry protection for the fuel capsule in the event of a

mission abort. The capsule is separately transported to the surface of

the moon in the GLFC. For this reason, a substantial modification would

be required to obtain a fueled SNAP 27 generator assembly capable of

satisfying both the Jupiter Pioneer mission requirements and the current

nuclear safety criteria of intact impact. Such a modification would

involve a complete new development program for at least the heat source

and quite possibly the entire RTG assembly.

Aside from the above considerations, the existing SNAP 27 generator

suffers from other drawbacks. Like the SNAP 19, the SNAP 27 was de-

signed for a mission life of only one year. For a Pioneer mission of two

to five years to Jupiter or beyond, a modified SNAP 27 would have to

operate at a reduced hot junction temperature to prevent excessive de-

gradation of the PbTe thermopile. This would compromise both generator

eHiciency and system weight to meet the Jupiter Pioneer power and

reliability requirements.

Also, because of the size and capacity of the SNAP 27, the use of a

minimum number of three units (for dynamic reasons) would offer a large ¢

increase in power (compared with solar power), but at a probable weight _-_
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penalty. This balance of weight and power is -unfavorable, compared with

the use of smaller milts, such as the SNAP i9.

Finally, as with the SNAP 19 generator, operation is dependent

upon .he maintenance of an inert gas environment around the thermocouples.

The reliability of hermetic seals is of concern even for one-year lifetimes.

In summary, utilization of the SNAP 27 RTG for the Jupiter Pioneer

mission would entail a complete redesign of the generator. This is pro-

hibitive from a cost and schedule point of view.

3.3 Adaptation of a Current Design

In June of 1968, several contractors submitted solicited proposals

to the Atomic Energy Commission for a classified RTG program. The

program is characterized by a tight schedule, requiring delivery of

flight units within approximately two years of contract award. It calls for '

primary utilization of a specified thermoelectric converter technology

(although some bidders submitted other generator concepts).

The RTG design details are classifed. However, the unit will in-

corporate the most applicable state-of-the-art converter and heat soul _.e
technology, resulting in a higher power-to-weight ratio than now available

with the existing RTG configurations or modifications thereof. Each unit

will produce a minimum of 20 watts at the end of a mission time consid-

erably in excess of the Z-year earth-Jupiter transit time.

Adaptation of this RTG design is attractive for the Jupiter Pioneer

application for a number of reasons:

• Development of the RTG is imminent since the
program has been approved, and funding has
been allocated.

• The performance and weight characteristics are i
directly applicable to Jupiter Pioneer spacecraft i
mission requirements with little or no modification.

• The development schedule is compatible with the I
Jupiter spacecraft schedule and allows the option Fof utilizing RTG power to remain open longer.

• The RTG mission lifetime and rellability require- I'

(_ rnents exceed those of the Jupiter Pioneer.
I
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• The RTG will be a reliable nuclear thermoelectric

power supply representing today's state of the art
and drawing on past experience, technology, and
programs.

• The RTG is being developed as a primary spacecraft
electrical power supply and not as an experiment or
for other applications.

• Utilization of the specified thermoelectric technology
will enable a generator to be developed using a low
temperature PbTe thermopile that will operate in air
or vacuum and does not have to be hermetically sealed.
In addition, it negates the requirement for heavy
thermal rejection systems.

• Utilization of the specified converter technology
provides for a flexible design due to the relative
insensitivity of the :onverter to details of the heat
source.

There is also the obvious advanta_,, -i' avoiding the major costs of

a separate RTG development program.

3.4 Custom-Designed RTG

Ignoring cost and schedule considerations, an RTG system could be

developed that is superior to allthe candidates previously discussed for

use on Jupiter Pioneer spacecra.'t. This would be a concept using a

silicon-germanium thermopile combined with a vented high temperature

refractory metal fuel capsule.

Past RTG programs and a currently proposed concept have used

lead-teUuride therm .,electric materials rather than silicon-germanium

materials because of the h_.gh operating temperature requirements of

i SiGe. For maximum SiGe performance, hot junction temperatures from

900 to 1000°C are desirable. Correspondingly high cold junction temper-

atures are therefore possible and highly desirable since high radiator

temperatures result in reduced radiator weight. The chief prcblem has

been to design fuel capsules which operate above 1000°C. Commonly

used super-alloy capsules such as Haynes-25 cannot operate much above

800°C because of material sublimation and low strength characteristics.

Presently, there are several programs under way to develop h_gh- t

temperature capsules. In addition to the work being conducted at Atomics

International on a high temperature (2000°F) unvented capsule, TRW has (-) •
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recently completed a company-funded demonstration of a high-temperature

vented refractory metal capsule. Manyaralyses and tes_.s were performed

to determine fuel/liner compatibility, capsule fabrication procedures,

helium venting performance, structural requirements, etc. Additional

long-term testing is continuing and it is reasonably certain that th_s cap-

sule wiil undergo detailed development in the near future. This would

eliminate the present limit on hot junction temperature and make SiGe a

practical thermoelectric material fo," the Jupiter Pioneer RTG application.

The high temperatures capsule also has significantly more design margin

in satisfyingthe high temperature environment associated with re-entry.

This is a significantfeature in meeting current aerospace nuclear safety

c rite ria,

Recent discussions with RCA have revealed that tests run for two-

to five-year periods have shown extremely reliable performance and

degradation rates which are very low in comparison to PbTe elements.

Operation at a hot junction temperature of approximately lO00°C appears

reasonable in light of these data.

l- Another consideration is the physical and mechanical properties of :

SiGe which are considerably '_etter than those of PbTe. For example,

the SiGe has a tensile strength five times greater than PbTe and a com-

pressive strength 15 times greater. In addition, the melting point ismuch higher and coefficxent of expansion and material density much

lower. Moreover, SiGe can be operated at elevated temperatures in a

vacuum without subliming. Therefore, it does not have to be hermetically

sealed in a pressurized container. Extensive tests have shown SiGe

thermoelectrics to be more reliable and less subject to mechanical dam-

age and degradation over the long lifetimes required for a Jupiter mission.

The development of a custom designed RTG for the Jupiter Pioneer

mission would, however, be less attractive than the use of a current

de__ign (Section 3.3) from two points of view. Firsts the cost associated

with a new generator development would be large relative to the costs

connected with an ongoing RTG program. Secondly, the schedule would

be extremely tight, if not impossible, considering the proposal and pro- ¢

cl_rement activities comaected with this type of development and hard-
f

, ware prograr_
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4. RTG SELECTION

Section 3 described the RTG candidates and discussed their

applicability to the Jupiter Pioneer spacecraft mission. As the previous

section pointed out, no existing RTG design can satisfy all of the Jupiter

Pioneer spacecraft requirements. SNAP 19 ard SNAP 27 RTG designs

must undergo essentially complete redesign to be acceptable for this

mission. Moreover, a completely new custom RTG, based on SiGe

thermoelectrics and designed for this mission would be technically

attractive, but the development cost would be high and the schedule

doubtful. The development of an RTG using PbTe thermoelectrics and

meeting the Jupiter Pioneer mission requirements is feasible within the

time available. And, fortunately, a program to develop essentially such

an RTG is expected to be contracted by the AEC for another program

momentarily. Thus the approach of adapting this design for the Jupiter

Pioneer mission is recommended, for the reasons cited in Section 3.3.

Small modifications may be required for adaptation of the current

design to the Jupiter Pioneer mission, a) to meet the launch environ-

ment of the SLV-3C/Centaur/TE-364-3, and b) to adapt the RTG mounting

assembly to the Pioneer structure. Because of the change in mounting

configuration, re:nor modifications are possible (but not necessary) to the

_ RTG heat source and converter assemblies that would improve the system

power-to-weight ratio.
i

The most significant RTG performance parameters for a Jupiter

_ Pioneer spacecraft mission following the recommended RTG approach

are outl,ned as follows:

Number of RTG's (units) 4

i Nominal power output-EOL-Zyears (watts e) 100
Nominal power output-EOL-5 years (watts e) 88

l Nominal power output-BOL (watts e) ! 16
Thermal power-BOL (kwt _ Z. 8

._ Thermal power-EOL-Z years _. 75

Thermal power-EOL-5 years (kwt) Z. 68Isotopic fuel 238puO2 t _

Load voltage (volts) 4
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Open circuit voltage (volts) 8

Radiator area (ft 2) 5.4

Total system weight (lb) 60

Thermopile PbTe

5. SELECTED SPACECRAFT DESIGN CONVERTED TO RTG POWER

In converting the spacecraft design which is developed and pre-

sented in preceeding sections of this report to replace the solar cell

power system with one based on RTG units, the first objectives are to

retain similar mass properties, including the moment of inertia figure,

of the solar powered configuration, and to introduce adequate separation

between the RTG's and the scientific instruments and sensitive space-

craft components to reduce radiation and thermal interaction. The

general approach to achieving these primary objectives is quite simple,

namely the solar panels are physically replaced by deployable RTG's,

as shown in Figure 187. In this manner, each RTG unit is mounted on a

boom hinged near the perimeter of the antenna dish. It occupies approx-

imately the same position in the stowed configuration and in the deployed

( configuration as the solar panel it replaces. Assuming that the number
of RTG's is three or more, the basically axially symmetric moment of

inertia figure of the solar cell configuration is retained in the RTG

version.

By this means, the RTG location when deployed also provides

maximum separation from the sensitive components which is possible

with a single deployment action. The separation, measured from the

isotope capsule to the closest components in the equipment compartment,

is approximately 7.5 feet. This provides adequate separation to mini-

mize possible radiation damage to electronic components, and is roughly

adequate to reduce radiation-field interference with all instruments

identiZied in the instrument payload of the solar powered spacecraft.

Further reduction of this interference can be achieved either by providing

multiple deployment action, or by adding shielding material.

This location is thermally isolated from the equipment compartment

by the 7. 5-foot distance and the fact that the RTG interfaces only with the

, side panels of the compartment. The compartment_s thermal design

( philosophy is to provide isolation of the compartment from exterior ,
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influences in all directions except through the equipment mounting platform,

where louvers control heat outflow. Thus the only interaction from RTG's

is through viewing ports or apertures which are located on side panels.

The heat flux increment via these apertures will be insignificant in terms

of the total heat balance of the equipment compartment. Therefore, the

location shown for the deployed RTG has practically no effect on the thermal

control of the equipment compartment.

While it has been stated that at least three RTG units should be

employed, the determination of the actual numbe, depends on the weight

and power associated with each unit, and the appropriate changes which

should be made in the total spacecraft weight and power allocations. In

above Sections 3 and 4, it is seen that the RTG units selected will develop

approximately 25 watts of power two years after launch, and will weigh

about 15 pounds. Analyses which are presented in more detail in the

following section indicate that the use of either three or four RTG's will

cause changes in weight and power {from the solar powered version) as

follow s:

Number of RTG's
3 4

Weight saved, lb 77 52
{excluding shielding)

Increase in power provided, watts -3 +21
(2 years after launch, compared
with solar power at 5.05 AU)

This table accounts for the weight of the RTG's and the support and

deployment structure accommodating them, and the remaining elements

of the electrical power subsystem (PCU, battery, etc. ), and compares

these with their counterparts in the solar-powered version.

A substantial weight margin is indicated, with either three or four

RTG's utilized, but the slight drop in power in going from solar array to

three RTG's suggests that a more balanced system is obtained if four

RTG_s are used.

Therefore the selected spacecraft design utilizes four RTG units.

These are positioned as shown in Figure t87, at 90-degree intervals about •

_, the spin axis. This makes the support structure arrangement for the two

RTG's adjacent to corners of the equipment compartment somewhat t_,l--)
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_'AL_- ///_ Figure 187. Jupiter Pioneer Space- ¢
craft Converted to I_TG

Power
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/ Cferent from that of the other two RTG's. However, this difference has

,ninor implications to the structural design.

Even with the selection of four RTG's and a somewhat increased

power budget, a significant weight margin of some 52 pounds still exists,

beyond that of the solar array design. There are alternate ways in which

this might be exploited. First, it is possible to merely permit the space-

craft to remain lighter by this amount; this results in a increased mission

flexibility, as the launch vehicle capability can be utilized to reduce the

flight time or increase the duration of the launch period. A second use of

the weight margin would be to increase the science payload. A third would

be to increase the probability of missi._,A success by implementing addi-

tional redundancy in the spacecraft _,ubsystems. Finally, the weight could

be devoted to upgrading performance of the subsystems. For example,

the communications data rate might be increased and more accurate point-

ing and roll reference signals may be provided.

In this section, we will essentially adopt the first approach, that is,

we will not utilize the additional weight margin in any way which adds

( equipment to the spacecraft. This is in keeping with the ground rule that
the conversion to RTG power should have the minimum impace on the

spacecraft and subsystem design. Thus, by default, increased mission

flexibility will accrue from the weight saving.

6. CHARACTERISTICS OF THE SPACECRAFT WITH RTG POWER

6. ! Introduction

This section describes the characteristics of the selected spacecraft

design, as converted to RTG power, and its subsystems. This description

generally follows the format of Section D; however, in the many instances

where no change in the subsystem or its performance characteristics is

observed, this will be simply stated, and only where the couversion to

RTG power has made a specific change or increment will it be covered.

6.2 Science Paylo.ad

6.2. t Provisions for Science Payload

It is pertinent to review what attributes and resources of the space-

craft design are available to support the science payload and its operations,
I
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and to observe to what extent these characteristics have been altered by

the conversion from solar power to RTG power.

6. Z. i. i Mountin G Provisions

The mounting provisions of the spacecraft primarily have been and

remain the equipment mounting platform of the equipment compartment,

and the side panels of the equipment compartment. These provisions are

unchanged. However, in addition, it has been shown that for certain

instruments, it is desirable to provide for their mounting at external

portions of the spacecraft. In Section D the solar panels were indicated

as possible mounting sites for the magnetometer, which is further extended

on a boom, and for antennas for the radio astronomy experiment. In

addition, two optional payloads were identilied as using the solar array

panels. The first is an optional micrometeoroid ex]_eriment, in which a

large-area detector is mounted to the b_ck of one or more solar panels.

The second is an optional location for a cosmic ray experiment in which

mounting at the outer edge of a solar array panel will provide a greater

unobstructed view angle than mounting in the equipment compartment.

With the removal of the solar array panels, all of these mounting

provisions are lost. We may examine whether substitute locations for

mounting experiments can be provided at the location of RTG units, or c.n

the same booms which deploy the RTG's. With respect to the magneto-

meter, a double deployment in which the first action is the RTG deploy-

ment (compared with solar panel deployment) is considerably more

difficult to implement; moreover, it is probably desired to achieve sub-

stantial magnetometer separation from the RTG units as well as from the

spacecraft equipment compartment, so it is not clear that it would be

desirable to effect such a double deployment for the magnetometer.

(Magnetic interference imposed by the RTG's is mentioned below. )

The deployment of crossed dipole antennas for the radio astronomy

experiment was indicated in the solar-powered version at approximately

90-degree intervals from four of the panels. With four RTG's substituting

for the panels, it would be feasible to deploy these antennas from the RTG

units. Alternately, the deployment could be made at _0-degree intervals

from the perimeter of the antenna or from the equipment compart,nent

itself, spaced (say) 45 degrees fromthe RTG booms. The second approach ()
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is preferred; it would require longer antenna wires, as deployment is from

a smaller radius, but would avoid having to solve the possible thermal

problems of mechanizing the deployment in immediate proximity to the

RTG's, and avoid the necessity of bringing experiment leads through the

deployable RTG booms.

With regard to the optional instruments identified above, the removal

of solar panels takes away an i '_.al surface for placing large area meteor-

oid detectors, which is not restored by the substitution of RTG's. If such

large area detectors are to be replaced on the spacecraft, there are these

options:

• Mount on the back of the outer edge of the large
antenna dish. This is undesirable because of
the curved surface and because of the obstruction

to hemispherical coverage created by the position
of the equipment compartment.

• Locate the detectors on the outside of the equipment
mounting platform. For this location, the detectors
would probably have to be segmented into small
patches to avoid conflict with thermal control louvers,
other science apertures, andt he adapter mounting

C ring. In addition, the _.eteoroid detector must not
compromise the thermal characteristics of the
insulation blanket on the outside of the equipment
compartment structure.

• Deploy a separate structure specificaUy for the
purpose of positioning the meteoroid detector.

These alternatives are shown in increasing order of desirability from the

point of view of the experiment performance, but also in increasing order

of demand on spacecraft resources, such as weight, thermal control, and

deployable structure.

An alternate location for the cosmic ray instrument wa_ indicated

to be at the periphery of a solar panel. This was chosen primarily to

improve the total unobstructed view angle which could be achieved for

that sensor which is to have its optical axis perpendicular to the spin axis.

With the replacement of solar panels by RTGts at 90-degree Lntervals, a

considerably larger unobstructed view angle has been attained with this

sensor mounted at a side panel of the equipment compartment. Therefore, ¢

_-._ the necessity of mounting such an experiment outside of the equipment
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compartment has vanished and there is no need to look for any alternate

exterior location. It also follows that any other experiment looking

laterally from the equipment compartment will have reduced restrictions

to the view angles when the solar array panels are replaced by RTG's, so

in this sense the mounting provisions are improved.

6.2. 1.2 Nuclear Radiation

We have noted earlier that radioisotope sources which would be used

in the RTG-powered version of the spacecraft give rise to emanations

which may constitute an interference with the operation of scientific instru-

ments, particularly those whose purpose is to measure similar particles

and radiation of the interplanetary environment (effects b and c,

Section Z. 3). Appendix 5 develops criteria for satisfactory levels of

such interference for typical instruments of the classes indicated in the

Jupiter Pioneer representative payload. It also indicates RTG separation

and or shielding which achieves these levels.

This appendix indicates that the most sensitive of these instruments

are expected to provide satisfactory operation with radiation fields no

greater than 400 to 2000 (neutrons + photons)/cmZsec. For locations in

the equipment compartment of the configuration of Figure 187, the distances

from the four deployed 25-watt RTG's are equivalent to 9 to 9.5 feet from

a single, 100-watt RTG. The appendix shows an ambient flux, under these

conditions, of about 110 neutrons/cmZsec and 90 0.8-Mev photons/cmZsec.

Thus this design offers a margin of a factor of 2 to l0 better than the

indicated tolerable interference.

H it is desired to improve this margin, it is appropriate to consider

greater separation or the addition of shielding material. Greater separa-

tion can be achieved if more complexity is introduced into the deployment

mechanization. The cited appendix provides a basis for shielding weight

calculations.

With regard to damage to electronic and other components of the

spacecraft (effect a, Section 2. 3), the same appendix shows that electronic

assemblies generaUy are the most sensitive units aboard the spacecraft, ' •
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and that semiconductors are the most sensitive components. The thres-

hold integrated exposures for measurable damage to result is '0 t0 neu-

trons/cm 2, or i04 rads (gamma radiation). Only the first limit is likely

to be approached by RTG radiation.

For a separation equivalent to 9 to 9. 5 feet from a single i00-watt

RTG, the appendix indicates exposures of about t.8 x 1010 neutrons/cm 2

over a five-year period. Therefore, it is unlikely that any spacecraft

components will exhibit measureable damage in a two- or three-year

Jupiter mission, and even in a five-year mission, only the most sensitive

components would be affected. Again, if a greater margin is desired, the

protection offered by greater separation or shielding can be obtained.

6.2. 2 Modifications in Science Payloa d

In view of the above discussion as to the influence of the conversion

to RTG power on the provisions for the science payload, it is appropriate

to consider whether there should be modifications in the respective science

payload or the spacecraft.

( 6.2.2. ! Magnetometer

The biggest impact is on the magnetometer experiment, and affects

its location, deployment provisions, and, because of the magnetic field

associated with the selected RTG, the very definition of the magnetometer

experiment objectives. While the magnetometer could be located on the

solar-powered spacecraft with a single additlonal boom deployment action

to a point 16 feet from the spin axis and achieve approximately 0. I y

spacecraft-induced field, with RTG power a more complex deployment or

extension would be necessary to reach the same 16-foot radius; however,

such a location would be less than 12 feet from the nearest RTG unit, and

the corresponding field would be about 3 ¥. An additional deployment to

about 40 feet from the spin axis would be required to achieve a magnetic

field as low as O. ! ¥.

WhL1e it is without doubt posslble to generate a means to deploy and

locate the magnetometer at the necessary distance on the RTG-powered

spacecraft, it would certa_ly take a refined and sophisticated meclumiza-

! if" _ tion to achieve this and to maintain control of the magnetometer orientation
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to approximately one degree, which is desired for the interpretation of

magnetometer measurements to provide the maximum value. Such a

mechanization will also raise the effective weight of this experiment, and

will likely reduce its overall reliability.

Possible approaches to achieving the separation and positioning

control for the magnetometer are:

• A boom which unfolds in multiple segments, such
as that used for the OGO magnetometer. This
cannot be recommended highly, because of the
large number of segments required, because of
the dynamic problems involved in deployment
while spinning, and because of positioning
diffic ultie s.

• A boom which telescopes in multiple sections.
This may avoid the dynamics problems of the
unfolding boom, but still has reduced reliability
because of the large number of segments, and
questionable positioning accuracy.

• An extendible boom, unrolled from a reel.
Structural sections which are flat on the reel
form closed tublar sections capable of resisting
bending and torsion when unrolled. The reli-
ability is potentially increased and the dynamic
problems are reduced, compared with the first
two approaches. For these three approaches,
thermal distortion poses a severe threat to the
one-degree positioning accuracy requirement.
Extendible booms may be formed with holes
and appropriate thermal coatings so as to rain- m
imize thermal gradiento. It also has the
advantages of being retractable; retraction
during a trajectory correction maneuver would
avoid a conflict and permit magnetometer usage
before final maneuvers as well as after.

• A centrifugally deployed and positioned wire
suspension. Here wires to separate points on
the magnetometer from two locations in the same
plane perpendicular to the spin axis would be payed
out synchronously from reels, until the magneto-
meter reaches the desired position. The two fixed
locations on the spacecraft are separated as much
as practical; for example, they could be on the
fixed supporting s.ructure _f two adjacent RTG
units, with the magnetometer's final position on a ¢
radial line 45 degrees from either unit.
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Position and orientation(afteroscillationsdie down)
are maintained by centrifugalforce. Stabilityand
repeRtibility_ould be analogous to those of a trapeze
(on earth) supported by lines spearated more at the
top than at the trapeze. Positioning errors due to
thermal gradients would be minimized.

Another alternative,quite likelyeven less palat._ble,would be to

redefine the objectives of the magnetometer experiment to make it

primarily a planetary environment instrument, rather than a primarily

interplanetary instrument. This would accept a higher threshold comI_at-

ible with a fixed location or more elementary 6eployrnent, perhaps of the

order of I0 ¥, for significantmeasurements. I_would stillhave great

value in definingthe effectivedipole characteristics of Jupiter's magnetic

field,but would be very limited in itsvalu_ in the interplanetary phase.

Figure 187 indicates the selection of the extendible boom to position

the magnetometer 40 feet from the spin axis; however, no claim is made

that all the requir-_ents of positioning and orientation accuracy have been

met. For equal spacing, the magnetometer is shown 30 degrees from an

RTG unit on one side and 30 d,=grees from _.ne of the radio astronomy

-' antenna sections on the other.

6.2. 2. 2 Other Instrvments

All other instruments of the representative payload are retained in

the conversion to RTG power. The radio astronomy experiment is the

same, except that the crossed dipole antennas are now deployed (with the !

aid of centrifugal force) from the equipment compartment rather than !

from the solar array panels. The micromet_oroid experiment of the i

representative payload is still a small-area detector on the equipment

mounting plat.form, viewing away from the direction of the earth. If an

optional meteoroid instrument were selected based on a large area detec-

tor, one of the alternatives discussed earlier would have to be selected.

The cosmic ray detectors are mounted in the equipment compartment, as

no view angle obstruct.lons would preclude this.

Another possible modification in the science payload, an expansion

to include additional experiments, is afforded by time reduced weight t

_- _ necessary for the electrical power subsystem. However, as discussed
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in Section 5, we are not indicating any increase in the weight of the

spacecraft or its payload to exploit such an advantage. Therefore, this

possible change in the science payload is not used.

6.3 Weight and Power

The operating weight allocation and power budget for the RTG-

powered spacecraft is given here, in comparison with that of the solar

powered spacecraft.

6.3. ! Weight

Table 80 shows the weight breakdown of both solar and RTG-

powered spacecraft. The subsystems that are changed are flagged: the

electrical power, propulsion, and structure subsystem. The propulsion

weight decrease reflects reducing propellant in proportion to total space-

craft weight. The other subsystem changes are discussed in Section 6.4.

Table 80. Weight Breakdown, Solar and
RTG-Powered Spacecraft

Solar RTG Change
Item Spacecraft Spacecraft in weight

(Ib} (Ib} {Ib)

Experiments (GFE and CFE) 6i. 0 61.0

Electrical power 134. 0 74. 0 -60.0 .

Communications 58.3 58.3

Data handling i 0. 4 ! 0. 4

Command and electrical distribution 3 I. 0 3 I. 0

Attitude control sensors and electronics 7. i 7. i

Propulsion 37.2 34. 8 - 2. 4

Thermal control 8.9 8. ?

Structure 78.0 90.5 +i 2. 5

Dynamic balance weight 3.0 3.0

Contingency 28. I 25.6 - 2. 5

Total spacecraft weight 457.0 404. 6 -52. 4

Adapter 30. 0 30.0

Spacecraft plus adapter 487.0 434. 6 -52. 4

Launch vehicle capability 487.0 487.0 ' ¢

(Section C) f_-_
I
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6.3.2 Inertia Summary

Table 81 indicates center of gravity location, moments of inertia,

and inertia ratio for the RTG-powered spacecraft after separation from

the TE-364-3 stage, with appendages stowed and deployed. Comparison

with corresponding figures of the solar powered version (Section D. 5)

shows that the weight and moments of inertia (stowed) have decreased

similarly, but the moment of inertia (deployed) is almost unchanged. The

inertia ratio (deployed) is the same for RTG and solar powered spacecraft.

Thus we are assured that attitude control by precession thrusters

will be unchanged in characteristics and in propellant requirement.

The inertia ratio of 0.98 in the stowed, separated condition is un-

favorable for any Lag period of time. However, the spacecraft need not

remain in this condition longer than 15 seconds, so this ratio is not

critical.

Table 81. Moments of Inertia,
RTG-Powered Spacecraft

C i; Stowed
Condition (Separated) Deployed •

Weight (Ib) 404. 6 404. 6

x (in.) o o
y (in.} o o
z (in.) 5.7 16.8 i

Ix (slug ft 2) 83.0 153.0

I (slug ft 2) 86.0 186.0Y
(slug ft 2) 83.0 287.0I z

Inertia ratio • 98 1.69

Inertia ratio = 21z/(l x + ly)

x axis parallel to magnetometer boom

y axis perpendicular to magnetometer boom and to spin axis

z axis is spin axis , ¢

z = 0 at e_uIpment mountin6,platform
I
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6.3.3 Power Summary

A power suznmary for the solar and RTG-powered spacecraft is

shown in Table 82. It indicates an increase in power available at the

input to the power control unit of 21.5 watts. Regulated power on the

28-volt bus has ircreased only 18. f watts, the difference due to less

efficio,lt PCU operation in conjunction with the low-voltage RTG output.

Table 82. Power Summary, Solar and
RTG-Powered Spacecraft, at Encounter

Solar RTG
Powe red Power ed

Spacecraft Spacecraft
(watts) (watts)

Total spacecraft load at 70. I 70.1
encounter + converter and
cable losses

PCU losses 4. 4 7.8

Total (input to PCU) 74.5 77.9

Margin 4. 0 22. l

Available from array or 78.5 100.0
RTG's at encounter

6. 4 Subsystems

6.4. I Structure and Mechanisms

With the solar arrays and solar array mounting structure removed,

new support structure for the four RTG units is required. Since six solar

arrays were previously used, the structure cannot be adapted to the

support of four RTG's, but the structure can be similar. A hinge point

for the RTG's was selected just within the dynamic envelope and near the

face of the main antenna dish to maximize the RTG deployment distance.

The RTG's are mounted on four identical A-frame booms from the hinge

points with the stowed RTG extending to the clearance envelope required

by the spin table of the TE-364-3 launch vehicle stage.

The support structure for six of the eight RTG support hinges

consists of a three-leg tripod extending to the equipment compartment. A ¢

lateral Is8 and the upper leg extend to the top of the equipment, box just (-_
I
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below the lower surface of the antenna with the third leg extending to the

bottom of the equipment compartment as seen in the plan and side view of

Figure 187. This tripod can be used in two places at the apex of the

equipment compartment with its left hand opposite in two other places.

The hinge support opposite the equipment compartment flat side is similar

except tv,n hinges rely on the A-frame for lateral support. All support

structure is of tubing and fittings•

Since the RTG's must be deployed while the spacecraft is spinning,

damper cylinder struts are required to absorb energy and provide positive

positioning. The dampers are attached to the A-frame by a tripod struc-

ture as shown in the figure. During launch, the RTG's are supported by

the A-frame and a single strut from the equipment compartment. The

strut has a pyrotechnic separation joint next to the compartment but the

strut remains attached to the RTG frame. As in the case of the solar-

powered design, this strut may be hinged at its attachment at the RTG,

with a spring to bring it to a latched position along the tripod leg after

deployment, to keep it out of instrument fields of view.

O Two attitude control sun sensors and the two precession thrusters

are attached to the RTG support structure in a similar manner to their

previous support from the solar array structure. All four radio astron-

omy antennas are mounted to the equipment compartment rather than to

four of the solar array panels as previously. The magnetometer is shown

deployed by means of an extendible boom.

The change from solar power to RTG power affects structural

weight as follows. The solar array panel support assemblies (13.0 pounds)

are removed. The solar array preload support assemblies (3.5 pounds)

are removed. The RTG support structure, A-frame booms, dampers,

and struts (29.0 pounds) are added. The net increase is iZ. 5 pounds,

! raising the structure subsystem weight from 78.0 to 90.5 pounds. The

weight has risen, even though the RTG's are lighter than the pane!s they

replace. This is because a) the panels are supported at the hinge line,

but the RTG's require the A-frame booms to be supported at a distance

from the hinge line, and b) the solar panels, by butting against one •

another, furnish much of their own structural stability during launch.
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6.4.2 Thermal Control

Because the RTG units are positioned external to and relnote from ..

the equipment compartment, and because radiation paths from the RTG's

impinge only on the side panels of the equipment compartment, there

is a minimum influence on the thermal balance of the equipment compart-

ment. Thus the philosophy of thermal control and the insulation and

louvers which are implemented in the solar-powered spacecraft are

directly applicable with no change to the RTG-powered spacecraft. As

for the external components of the spacecraft, their separation from the

RTG units is great enough that the use of heaters (e.g. , for monopropel-

lant hydrazine thrusters) and thermal coatings which were chosen for the

solar-powered design will also satisfy the thermal control requirements

for the RTG design. (The thermal control of the RTG unit themselves is

assumed to be a function of the RTG design. Also, the booms which

deploy the RTG units must be adequate to work in the high temperature

and temperature gradient environments of the RTG units. )

While the effect of the conversion to RTG power on the spacecraft

thermal control subsystem is minimal, there is a significant requirement

on ground handling procedures and on rnecharlcal ground su I ort equip-

ment to remove the 2-kw waste heat generated by the RTG'b ,rom the

time they are mated to the spacecraft until liftoff. In particular, when the

spacecraft is within the shroud, either before or after being mated to the

launch vehicle, air conditioning is necessary for this heat removal.

6.4. 3 propulsion

The precession thruster location in the solar-powered spacecraft is

at the periphery of the large antenna reflector, with the mounting being

made to a portion of the structure which supports the deployed solar array.

In the RTG version, because this structure may be modified somewhat to

support the RTG's, it may call for a slight redesign of the fitting which

locates the thrusters in the corresponding appropriate location. The same

considerations apply to the mounting provisions for the solid design

rockets. Except for a small oil-loading of propel/ant consistant with the

decrease in overall spacecraft weight, no other changes are necessary in ' •

the propulsion subsystem, t_
U I
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6.4.4 Attitude Control

Corresponding to the thruster mounting change, there is a similar

change in the sun sensor location. It too must be mounted on a portion of

the structure now devoted to RTG support and deployment. Because it is

desirable for this sensor to be t80 degrees away from the thruster, the

changes to both are symmetric, and this angular relationship is retained.

Because the mass properties are altered somewhat in the conversion

from solar power to RTG power, the attitude control subsystem may re-

flect a variation in the relationship between the impulse of a pair of attitude

control pulses, and the angle through which the spin axis is precessed by

such a pair of pulses. The thruster moment arm from the spin axis is

_nchanged, and if the thrust level and duration are retained equal to that

of the system for the solar-powered version, a slightly different preces-

sion angle per pulse pair will be achieved. However, as noted in

Section 6. 3, the change in moment of inertia about the spin axis is small

enough so that the difference in precession rates per pulse pair is not

significant. Operational changes to accommodate a different number of

C_ precession pulses for a certain total minor and doprecession angle are

not affect the subsystem design.

Therefore, the modified provision for mounting the sun sensor is
%

the only change in the attitude control subsystem.

6.4. 5 Electrical and Command Distribution

There is no change envisioned in the hardware associated with the

electrical and command distribution subsystem. The provision for de-

ployment of the solar array panels wkich was incorporated into the

sequencer of the solar-powered spacecraft is now directly applicable to

initiate the deployment of the RTG units.

6.4. 6 Electrical Power

The selected power subsystem design for an RTG power source is

shown in Figure 188. The design philosophy has been to configure a

power system compatible with the spacecraft load power requirements

which requires a minimum of power system/spacecraft equipment changes •

(-_ from the solar-powered Jupiter Pioneer spacecraft. The selected power
system is comprised of the following components:
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Figure 188. EIectrlc PGwer Subsystem,
RTG-Powered Spacecraft

I
POWERCONTROL UNI1 I

: DC//DC _I DISTRIBUTION I

I I I , -'t'1

] CONVERTER " L,,--------UNIT .I

VOLTAGE ,...[ REGULATOR EQUIPMENT
SENSOR v BOOST CONVERTER

,qp,

CONTROL CONVERTER

J S.UNT_ S,LVER/CADM,UMIELE,_NT-- BATTERYIASSEMBLY

c

• RTG power source: 4 each rated at 29 watts initial, "_._
25 watts after 2 years, and about 22 watts after 5 years

• BatL_ry: supplies peak loads

• Power control unit: a) shunt regulator for proper
electrical loading on RTG and providing 5 vdc
+! percent, b) DC/DC converter used to convert
_" vdc to 28 vdc +! percent, c) boost regulator to
convert battery-voltage to 28 vdc +! percent during
peak load conditions, and d) batte'ry charger

• TWT converter

• Equipment converter

• Interf-u_ with power control and distribution

6.4. 6.! RTG

The RTG power source consists of four RTG modules mounted on
z

booms. Each RTG module generates 29 watts at 4 vdc initially and

25 watts at 5 vdc at Jupiter encounter, Preliminary I-V characteristics

of the RTG module are shown in Figure !89.
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Figure t89. Current-Voltage Characteristics
for One RTG Module

The shunt regulator serves two purposes:

• Maintains proper loading on RTG source

• allows high p_wer utilization of available power

Figure 189 shows the sh,ant voltage and the RTG I-V characteristics.

The shunt voltage of 5.0 vdc loads the RTG optirrmlly for the degraded

condition (I00 percent) and nearly optimally (9i. 5 percent) for a new RTG.

From a power utilization standpoint, the shunt regulator will permit

operation at the maximum power point at the Jupiter encounter conditions

(year %). At year 0, beginning of life, the shunt permits only 9l. 5 per-

cent of the available power to be transferred to the load; the power avail- s
able, however, is 6 percent greater than the maximum power available at

(- the design center (year %conditions).
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6.4.6. 2 Preliminary S_oecification, RTG Electrical Power System

Performance Characteristics

Main bus voltage: 28 vdc +1 percent

Bus impedance: ! ohm, 0 to 50 kHz

RTG power output (initial): 116 watts

RTG power output (2 Fears): 100 watts

Battery energy: 10 watt-hours at l0 vdc

Physical Characteristic s
Weight (ib) Size (in.)

RTG (4) - -

Battery 1. 5 3 x 3 x 2. 5

Power control unit 8.0 7 x 7 x 6

Shunt element assembly 2. 0 5.5 x 5.5 x 3

Equipment converter 2.5 5.3 x 4. 7 x 3.5

TWT converter (2 each) 4. 7 6.75 x 4. 75 x 2 each

(total)

6.4.6.3 Battery

i The silver-cadmium battery consisting of i0-1 ampere hour cells,
| provides 11 watt-hours capacity at a nominal 10 vdc discharge. The

battery will be used only to provide transient power requirements for

ordnance and also for load fault clearing (fuses). The estimated weight

for this small battery is I. 5 pounds. The present voltage requirements

for ordnance devices is specified at +28 vdc. Power conditioning power

ratings (and size) and battery discharge current will be reduced if these

ordnance devices can operate directly oH the battery. For the selected

power system configuration the number of battery ceUs and thus battery

_oltage is very flexible, and as such, it can be adjusted to meet user

voltage requirements.

Capacitor8 have been considered for supplying peak load demands.

It is estimated that it would require at least 3 pounds of capacitors alone

to provide 36 watts at 28 vdc for 150 msec (antenna feed positioner), as

such, electro-chemcial energy storage devices are the logical choice for

supplying peak power for this application. ¢

r
v
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6.4.6.4 Power Control Unit

The functions of the power control unit are to:

• Regulate main bus voltage to 28 vdc +1 percent

• Provide means to augment the main bus whenever
transient loads exceed the RTG power capability

• Provide battery charging

• Provide telemetry outputs to define the state and
operation of the power system

• Provide proper electrical loading of RTG

Voltage regulation is accomplished by the PCU by a conventional

regulated DC/DC converter. The thermal d,.,'ign of the RTG is based on

the presence of full-power current through the thermocouple junctions at

all times to take advantage of Peltier cooling. For this reason the shunt

regulator portion of the PCU maintains the proper thermal balance by

maintaining a fixed load onthe RTG. The shunt regulator forces the RTG

operating point to 5 vdc +i percent by shunting current whenever the load

( demand is less than the RTG capability at 5 vdc. This is accomplished in |

a closed loop fashion utilizing a conventional voltage sensor consisting of a I
t

dLfferentlal amplLfie_" and comparator, i

A battery boost regulator is utilized whenever transient power i

demands exceeds the RTG power capability. The boost regulator turn-on

is controlled by the same sensor which controls the shunt regulator. The

sequence is as foUows: whenever the RTG voltage decreases below 5 vdc

li percent, the loading on the RTG is excessive and the battery boost

regulator must be energized. The sensing of this decreasing voltage is

done by the voltage sensor which controls the shunt ope ration and the

resultant processed error sigru_l is utilized to turn on the battery boost

regulator. The overall efficiency of the PCU is greatest at full power i

operation, design center (year 2) RTG characteristics, as shunted cur-

rent is zero. For these conditions, PCU efficiency is estimated at 90 i

to ?l percent.
t

The cimrge control method for the proposed silver-cadmium •

' battery is to charge the battery at & constant current to & voltage :utoff. .
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The charge control consists of a simple resistor between the main bus

and the battery which would permit the battery tn be charged at a constant

current (50 _+i0 ma). Charging could continue until the desired charge

cut-off voltage is reached at which time the battery charge current would

be cut off, thus terminating charge of the battery.

6.4.6.5 Equipment Converter

The equipment converter (redundant) operates from launch through

ccmpletinn of the mission. In order to maximize converter efficiency,

the proposed design (slmilar to the Intelsat equipment converter) con-

sists of a main and standby converter. (Note: cross-strapping methods

result in considerable additional diode losses. ) A failure detector detects

an undervoltage or overvoltage failure in the main converter and automat-

ically switches to the standby unit. The input and output filters are made

part redundant, eliminating the nece s sity of weight duplication.

The regulating loop inc: ades a drive oscillator whose natural

frequency i- approximately 7 kHz but is syncbronized to approximately

i0 kHz by the regulator oscillator. By the use of a saturable (timing)

inductor and a pair of clamping transistors, the drive waveform to the

bases of the invertex transistors is n_de quasi-square-wave.

Integrating the resulting inverter waveform and comparing it to a

reference produces the error which control the frequency of the regulator

oscillator, which in turn synchronizes the driver oscillator. The net

effect is to vary the on-time of the drive to the inverter thus controUing

the voltage time integral of the inverter output.

Three secondary windings on the inverter transformer supply all

the outputs. The 5-volt output has its own winding and the -+16 an d +12 volt

each share a common winding.

The proposed design incorporates a closed loop regulation. It may

i be possible to simplify the design by eli_inating the voltage regulation

i circuitry since the input is already regulated It percent. Detailed
studies of the load variations, transient response requirements, line

drops wiU dictate the necessity for a_iditional converter voltage regulation. ¢

1
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The overall converter efficiency at 13.2 watts output is 80 percent

minimum. The total weight of the package is estimated at 2.5 pounds and

dimensions of 5.3 x 4. 75 x 3.5 inches.

6.4. 6.6 Transmitter Converters

The TWT converters, of which there are two, supply regulated

power to the traveling wave tubes. One of the converters outputs is the

TWT helix voJtage of apl_roximately 1000 volts with precise regulation

requirements of +0.5 percent.

Coutrary to the operation n-ode of the equipment converter, the TWT

converters are commanded on or off separately and are mutually exclusive

in that one cannot operate while the other is on. In addition, if the bus

voltage drops belo-_ 28 volts, an undervoltage command is sent to the

TWT_s to turn them off. This prevents defocusing the TWT_s and possible

burn-out. In addition, it removes the TWT load from the bus, approxi-

mately 3i. 9 watts, allowing the bus voltage to increase.

The TWT converters are 80 percent efficient (minimuml and provide

C Z5. 5 watts to the TWT. The weight per converter is Z. 35 pounds with
dimensions of 6.75 x 4. 75 x Z. 0 inches. The switching frequency of the

TWT converters is 5.6 kHz.

6.4.6.7 Summary

The electric power subsystem weight charge of -60 pounds, from

134 pou_,ds for solar power to 74 for RTG power results from these

detailed changes:

• Remove 116 pounds, solar array; -56 Ib
add 60 pounds, RTG units

• Reduce battery from Z. 5 to I. 05 pounds - I
(no eclipse criterion)

• Reduce shunt from 3 to 2 pounds - I

• Reduce PCU from 10 to 8 pounds - 2
--'6"O"Ib

The PCU weight reduction resudts from less variable operating character- r

_ istics with the RTG'source, even though a greater voltage boost ratio is
required.
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This greater boost ratio causes a lower operating efficiency, so

that the 21.5-watt increase generated by the RTG's is reduced to an

18-watt increase at the PCU output.

6.4.7 Teiecommunications

No changes are envisioned for the teleco_r :nunications subsystem.

6.4.8 Data Handling

No changes are envisioned in the hardware associated with the data

handling subsystem. The telemetry list will reflect the absence of the

solar array panels, and the subsitution of RTG units for them. The

number of engineering quantities which should be measured is essentially

unchanged, as the number of RTG measurements about equals solar array

measurements.

6.5 System Level Performance Characteristics

6.5. I Pointing Accuracies

The change to RTG power does not affect spacecraft pointing

accuracies, either closed-loop earth pointing, or open loop precession.

6.5.2 Midcourse Correction Accuracies

These are unchanged.

6.5.3 Trajectory Accuracy

For the same number of midcourse trajectory corrections, the

expected trajectory accuracy is somewhat improved. All contributions to

trajectory accuracy are the same as for the solar-powered spacecraft,

except that the removal of the solar panels reduces the magnitude of the

solar pressure forces, and therefore of their unpredictable component.

Thus, while maneuver execution errors are unchanged, the effective

tracking accuracy is somewhat improved by this reduction in a trajectory

uncertainty.

6.5.4 Stress and Dynamic Analyses

Detailed stress and dynamic analyses have not been performed

specifically for the RTG powered spacecraft. ¢

I
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6. 5.5 Reliability

System reliability is not expected to be greatly changed by the

conversion from solar to RTG power. In a qualitative sense, there is a

probable improvement in the ability to survive the environment -- meteor-

oids, solar flares, Jovian trapped particles -- without substantial de-

gradation. The solar array is the spacecraft component considered most

susceptible to these environments. While no detailed analyses have been

made of the effect of these environments on RTG performance, there is

inherently less exposure to them, and it is reasonable to assume reduced

sus ceptibility.

On the other hand, the RTG for this mission is a comparatively

recent development; while it may have equivalent potential or asymptotic

reliability, the relative deficiency of flight experience itwill have at the

time of launch must be regarded as a reliability disadvantage.

6.6 Eclipse Survival

As the RTG's are independent of sunlight for their operation,

(_ power generation and storage characteristic_ impose no limit on eclipse
operation. As power continues to be dissipated in the equipment com-

partment, temperature therein will be maintained at satisfactory levels

regardless of eclipse duration.

Some external components may drop to very low temperatures in

prolonged eclipse, but in no case is degraded operation expected to

result, except perhaps the magnetometer.

Thus there appears to be no limit _o eclipse duration, either near

earth or at the Jupiter encounter.

6.7 Spin Axis Pointing Program

The program for pointing the spin _,xis of the RTG-powered space-

craft during the mission is not constrain,: d for reasons of on-board power

generation, as is the solar-powered spacecraft (see Section C). However,

there are still thermal constraints which ir_luence the program. Specif-

ically, during early portions of the interplanetary cruise phase, the space-
¢

craft must not be oriented for a long time with the sun shining directly

( on the louvers, to avoid overheating them.
%
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The result is that the pointing program is somewhat less constrained

than that of the solar-powered spacecraft but the general aspects of the

program still apply.

It is still desirable to reorient from the injection attitude soon

after the spacecraft emerges from eclipse, to avoid this adverse thermal

configuration. However, the limit on the angle between the sun line and

the spin axis for continuous attitude is now 90 degrees or slightly higher,

rather than the 75 degrees used in the pointing program of the solar-

powered spacecraft. Therefore, the initial orientation can be to earth

pointing for a greater number of launch dates. If it still needs to be to

an interim attitude, this attitude will be closer to earth pointing and may

be replaced by an earth-pointing attitude sooner than in the case of the

solar-powered spacecraft. It is still expected that the redundant velocity

increment thrusters directed each way along the spin axis will permit all

trajectory correction maneuvers to be made without pointing the spin

axis more than 90 degrees from the sun, and the mode of operation in

the event of one thruster failure and a requirement to point the spin axis

farther from the sun is the same. That is, it makes use of the high-level

precession pulses (1 degree per pulse pair) to perform the maneuver with

dispatch, and restrict the amount of time spent in the adverse thermal
attitude.

With the improvements noted in the restriction of the requirements

for an interim, or non-earth pointing attitude, the spin axis pointing

program is unchanged from that of the solar-powered spacecraft. In this

regard, the entire sequence of flight operations which has been described

for the solar-powered spacecraft in Section E is essentially applicable for

the RTG-powered spacecraft.

6.8 Operation Beyond Jupiter

The major mission-related advantage of the use of RTG's for power

generation, compared with solar power, is the ability of the spacecraft to

operate at indefinite distances from the sun. While the solar-powered

spacecraft basically matches the resources of solar array power to the

spacecraft subsystem and payload requirements at Jupiter (at S. 0S AU *

from the sun), the decrease in solar power at greater distances from the
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sun leads to restrictions of power for normal interplanetary cruise

functions at about 5.4 AU. However, degraded operation is possible out

to beyond 7 AU, although battery charge cycles, transmitter duty cycling,

minimum power required for a single transmitter, and spacecraft thermal

control all impose limitations at successive distances from the sun to

gradually reduce the mission performance to a threshold value.

The RTG-powered spacecraft, on the other hand, has no inherent

llmitation on operation as it recedes farther from the sun. Of course,

the greater distance from the earth reduces the data capacity of the com-

munications link, so that bit rates have to be switched to lower values.

However, assuming the elements of the communications link are operating

normally, there are many lower bit rat- - that can be utilized, so this is

not critical to continuation of the mission.

J

The round-trip communications time also increases, leading to an

operational philosophy which recognizes a greater lead time between the

issuance of a command and the observation of its execution. However, in

interplanetary flight beyond Jupiter, it is not anticipated that there are any

critical operational which demand stringent timing.sequences

In the area of thermal control, the same considerations apply as i
those discussed above with regard to eclipse survival. Again, at great

distances from the sun, external components will tend to drop to very low

temperatures. Again, except for the magnetometer operation, this is not

expected to be deleterious to the mission operation.

Of course, it is recognized that not all Jupiter flyby missions are

necessarily targeted to regions more distant from the sun than Jupiter.

In particular, the solar-powered spacecraft is ideal and adequate for

missions which return closer to the sun after Jupiter encounter. Even

for missions beyond Jupiter, the solar-powered spacecraft will have a

significant operational life, because even solar escape trajectories spend

many months--even as long as two years--before reaching the limit of

operatio n of the solar-powered spacecraft. However, RTG power does

permit consideration of missions which have definite objectives far

beyond Jupiter, even if these objectives are secondary to those before ' •

C._ and during Jupiter encounter.
I
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It is natural, also, to think in terms of encounters with planets

beyond Jupiter, when the capability of the RTG-powered spacecraft is

attained. This subject is reserved to Section H.

7. AEROSPACE NUCLEAR SAFETY

A frequently misunderstood aspect of RTG development is that of

aerospace nuclear safety. As with many other hazardous materials

commonly used in aerospace systems and subsystems (i. e. , topic pro-

pellants and reactive metals), care must be excerised to assure that the

radioisotope fuel used in the RTG does not expose the general population

to undue hazard. The techniques fcr accomplishing this objective have

been systematized, and all previously flown RTG's have been successfully

designed to meet all the nuclear s_fety requirements imposed by the AEC.

The aerospace nuclear safety activity of an RTG development pro-

gram proceeds in logical fashion through three phases, each of wb_._h is

documented in a report of established format. The first is the complete

definition of the entire space system, including the launch vehicle, space-

craft, launch site, trajectory, and mission. The second phase is an

assessment of every conceivable accident with itsassociated probability

thatthe RTG could be exposed to, from the time itleaves the fueling

contractor, through transportation to the launch site,integrationwith the

vehicle, boost, and finalorbit in space. The systematic consideration of

all these eventualitiesis frequently depicted in the form of an accident

tree as shown in Figure 190 for a typical mission. The third phase of the

safety activityis an assessment of the effectsof these accidents on the

integrityof the RTG and their implications to the safety of the general

populace. H the hazard associated with any potentialaccidents is deemed

unacceptable, the RTG is redesigned so that the hazard is reduced to

acceptable levels. The present AEC philosophy, as regards Z38pu-fueled

RTG's calls for complete containment of the fuel under allaccident con-

ditions, including impact on the ground following an orbitalor suborbital

abort. This abilityof the RTG capsule to provide this capabilityis

demonstrated by exhaustive tests and analyses as part of the development

program. _ •
I
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In order that the AEC may be kept current on the safety analyses,

Safety Analysis Reports are submitted at least twice by the contractor;

in preliminary form during the development phase, and in final form

prior to launch. An interim version of these reports may also be re-

quired. The emphasis in each of these reports is different. In the

preliminary version, the emphasis is on identifying every potential

accident, while in the final version the probabilities, effects, and con-

sequences are emphasizcd.

The Space Council thoroughly reviews the final version of the

Safety analysis reports and passes judgement on the acceptability of the

nuclear system in satisfying the safety criteria. No RTG has failed to

gain flight approval by this body to date.

8. SCHEDULE

Replacement of the six solar array panels with four RTG's has

obvious program and schedule implications. At the outset the followi ag

items should be considered:

( • What arc the schedule requirements for a suitable
RTG development program pareUeling the Jupiter
Pioneer spacecraft development?

• How can early design effort on the spacecraft
support both the RTG and solar array concept?

• What is an optimum cutoff date for implementation
of the spacecraft with or without RTG's?

• Can the selected experiments be designed and
developed to operate with RTG's within schedule,
weight, and powe r limitations ?

The first three items above will be discussed in this section.

Figure 19i shows a summary schedule for a program that compatibly

develops an RTG within the schedule requirements for the proposed

Jupiter Pioneer 1972 launch.
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II-01-68 9-01-69 1-01-70 2-72
! !

Separate R_ G development | l
Jupiter Pioneer with RTG '
option open *!

Jupiter Pioneer project, i
option closed

The key date in this schedule is I January 1970. At this juncture

RTG tests should be complete enough to establish a good confidence level

in the RTG development schedule and also the structural hardware phase

will not have started for the Jupiter spacecraft. This then assumes that

for the four months between I September 1969 and I January 1970 there

will be a duplicationof efforton the ._acecraft structural des:gn. Struc-

tural drawings will be developed which will aUow the hardware design to

proceed either with the solar arrays or the RTG's.

Figure 191 is divided into two parts; the top half of the figure

shows the scheduled major tasks associated with development of an RTG

system while the lower half allows the RTG development schedule to be

compared with major schedule activitiesin the spacecraft development.

( _ The RTG development go-ahead could not be later than I December 1968

and preferably no later than I November 1968 for a spacecraft launch of

February 1972. As indicated an RTG/science instrument radiation

interaction study would be required early and safety studies would exist

throughout the program. The structural spacecraft model will require

RTG mass models, the thermal spacecraft model, RTG mass models with

appropriate electrical heaters, and the prototype spacecraft model, RTG's

that are electrically operated.

Comparison of the RTG system integration and test phases with the

spacecraft development schedule indicates that RTG power for the 1972

Jupiter Pioneer mission is attainable if milestones are met throughout

the RTG program.

9. COST

For the RTG-powered spacecraft defined in this section, the cost of

the total program with two flight spacecraft, excluding RTG's and fuel '

_ which are considered GFE, will be $1.3 million less than the solar array
\:
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version (see Volume Z). This decrease exists primarily because of the

removal of the cost for fabrication and test of the solar array panels. The

following breakdown of cost increments illustrates this.

Parallel Fabrication
Design (AK$) and Test (_K_) Total (_$)

RTG + 75 + Z06 + ZSi

Electrical power + 90 -1711 -1621

Structure + 32 0 + 32
- i505 -i308

Costing ground rules are those given in Volume 2 for the solar-powered

spacec raft.

RTG Tasks (+ _281K)

• RTG Subproject Management: provides for overall
subproject ma,.agement responsibility including
coordination of activities between the AEC, NASA,
spacecraft contractor, and RTG contractor.

• Preliminary Safety Analysis: determine the charac-
teristics of launch and mission environments
associated with the Jupiter Pioneer mission.
Analyze the effec s of these environments on the
RTG and spacecraft design.

• RTG Hardware Development Support: follow details
of RTG hardware development and testing. Establish
RTG hardware and testing requirements for Jupiter
Pioneer project. Coordinate activities with space-
craft development.

• Spacecraft Hardware Development Support: follow
details of spacecraft hardware development and testing.
Evaluate spacecraft constraints pertaining to the use
of RTG's. Coordinate activities with RTG development.

• RTG Power Subsystem Analysis: analyze constraints
unique to this mission, establish energy margins
operating constraints. Perform subsystem design and
RTG integration analysis.

• RTG Intesration and Test Support: support spacecraft
integration and test activities inclucking test planning
and evaluate concerning the nuclear hardware.
Responsible for in-plant safety and coordination for
nuclear hardware. •

0
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• Launch Operations Support: support launch pad integration
i and checkout activities concerning nuclear hardware and

support equipment. Assist in establishing launch safety
and emergency procedures.

Electrical Power (-_l, 621K)

• Battery Design and Development (+ZI0K): In addition to
the total development of the RTG system battery, four
months of added design effort will be required on the
solar array battery. The battery proposed for the RTG
is required only to reduce transients when transient, etc.

• Power Control Unit Design and Development (+$20K): In
addition to the total development of the RTG system PCU,

four months of added design effort will be required for the

solar array system PCU. The RTG system power control
unit, etc.

• Shunt Element Assembly.. Desi._n and Development (+_10K)"
In addition to the total development of the RTG system

shunt element assembly, four months of added design
effort will be required for the solar array system SEA.

The RTG system shunt is placed, etc.

• Solar Array Design (-_1,661K): only four months of solar

design time will be expended and none of the costsarray

of solar array development, fabrication, or test.

• Project Management (_0): total duration of the project
remains the same with portions of the workload shifting
from solar array to RTG coordination.

Structure (+$32K)

The effort for structures differs only in that during the initial

four-month design phase, two sets of drawings and load calculations will

be made. One set for the RTG support structure and the other for the

solar array support structure. Implementation o_ either system following i

the initial design phase will result in the same costs, i
!

!
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H. GROWTH MISSIONS

As mentioned in the introduction to this volume, there are several

classes of growth missions which may be considered as logical follow-

ons to the initial Jupiter flyby mission, bee&use the technological

advances necessary are rrinimal. In this section, we consider two

principal classes of change, for the spacecraft and launch vehicle capa-

bilities. We examine several classes of growth missions and we observe

the requirements ,n the spacecraft system and subsystem performance

characteristics by these missions.

I. LAUNCH VEHICLE ALTERNATE

Section C has id_;ntified the pri':_ary and alternate launch vehicles

and shown their capabilities. For the initial Jupiter flyby mission, the

primary launch vehicle (SLV-3C/Centaur/TE-364-3) was sized for a

gross payload of 51(, pounds at a geocentric injection energy, C 3 = 89 kmZ/Z
sec

There are two ways of looking at the increased performance

afforded by the alternate launch vehicle (SLV-3X/Centaur/TE-364-3).

For the same mission inje-tion energy requirements, C 3 = 89 kmZ/sec z,

the gross payload rises from 510 to about 780 pounds, extrapolating the

performance curve in Section C. 5. On the other hand, if the same space-

craft payload is employed, the alternate launch vehicle has the capability

of injecting 510 pounds at 50,600 ft/sec, corresponding to C 3 = 117 kmZ/2
sec . This is a substantial increase in departure velocity, and will

enable more advanced missions to be conducted, or will permit a

decrease in the transit time of missions which might be accomplished

at lower energies.

2. SOLAR OR RTG POWER

While the solar-powered .pacecraft has been designed specifically

for a Jupiter flyby mission with no objectives in interplanetary space

substantlally farther from the sun than the planet Jupiter, it does have

a value in post-encounter portions of the mission. This is particularly ' •

true for those targeting selections which lead to a return of the spacecraft ( _ I
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closer to the sun after encounter, but it also applies for a period of

some months to perhaps several years after encounter, where the

trajectory continues into more remote portions of the solar system.

Beyond 5.4 AU, however, the operation of the solar-powered spacecraft

is degraded by various effects of gradual power starvation.

The RTG-powered spacecraft, therefore, is the only candidate,

at this point, for exploration of planets beyond Jupiter, from Saturn

(10 AU from the sun) out to Neptune and Pluto (30 AU from the sun).

Furthermore, the RTG-powered spacecraft is required for serious

interplanetary investigations beyond 7 AU from the sun. A further

application of the RTG-powered spacecraft may be for Jupiter orbiter

missions. While the actual severity of the Jovian trapped radiation

belts and magnetic field in terms of spacecraft survival will not have

been adequately measured until initial flyby missions have been per-

formed, it appears likely that the periodic immersion in the near-

Jupiter environment required of an orbiting spacecraft would lead to

premature degradation of power generating capabilities of solar cell

arrays. Finally, the RTG-powered spacecraft of Section G has a weight

saving of 50 pounds, compared with the solar-powered version. This

additional weight margin would allow additional mission flexibility, or

could be devoted to the enhancement of spacecraft subsystem perfor-

mance, as may be required for advanced missions.

3. INTERPLANETARY MISSIONS (NO JUPITER ENCOUNTER)

Before going on to more advanced missions, it is worth noting

that there are missions less demanding than the Jupiter flyby mission

which is the primary subject of this report, which the Jupiter Pioneer

spacecraft can perform. These would be devoted to the exploration of

interplanetary space out to 5 or 6 AU, but without requiring Jupiter

encounter. They are not listed in the sense that they warrant the

development of the spacecraft recommended in this report; rather, they

are merely identified as missions which have not been accomplished,

are not scheduled to be the objective of other programs, and are of

significant interest. •
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These missions may be classed as in the ecliptic and out of the

ecliptic. In the ecliptic, it would be of interest to explore regions out

to 5 or uerhaps 6 AU, with the objectives of these missions being prin-

cipally those identified in Section B, pertaining to interplanetary space

and the asteroid belt. For these missions, the principal advantage of

divorcing them from the Jupiter encounter would be to remove the

specific launch window constraint.

Out-of-ecliptic missions can explore regions of the solar system

that have not yet been penetrated, and by selection of perihelion distance,

can get a cross section perpendicular to the plane of the ecliptic at any

desired distance from the sun. For an orbit which remains circular at

1 AU from the sun, the maximum inclination which can be obtained with

the primary launch vehicle is 18 degrees. This is of interest for

scientific purposes, but it is not as great as the inclination which can

be achieved following Jupiter encounter.

Neither of the above missions would require any additional capa-

bility by the launch vehicle or by the spacecraft.

4. ADDITIONAL JUPITER FLYBY MISSIONS

In the Introduction, two classes of additional flyby missions to

Jupiter are identified which may be conducted utilizing the same launch

vehicle and tl.xe same spacecraft. In each case, the missions are not

of an essentially different character from the initial missions which

are the subject of this report. In each case they merely tend to add to

the total information by directing the same spacecraft with the same

instruments to different regions of the near-Jupiter environment, or

to the solar system after departure from Jupiter.

The first class of additional flyby missions arises by varying the

encounter target point so that the experiments more fully define the

characteristics of the planet and its environment. The variation can

include changes in the altitude at periapsis, from passages which stand

off many radii from Jupiter, to those which penetrate to altitudes as low

as O. 5 Jupiter radii, giving a fuller definition of the trapped radiation
t

and magnetic fields. In addition, the targeting angle, 0, can be varied

to change from equatorial passages to high-latitude and polar passages. _-_ i
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A second class of additional flyby missions is that in which the

encounter targeting is selected primarily according to the characteristics

of the resulting post-encounter trajectory. Specific post-encounter

objectives might include out-of-ecliptic missions, and those which return

closer to the sun, possibly to a perihelion distance of less than 1 AU.

Figures of Section C which indicate the characteristics of post-

encounter trajectories, indicate that inclinations to the plane of the

ecliptic of about 40 degrees may be obtained by passage to Jupiter.

It is also true that, from the sample earth-Jupiter trajectory, it is

possible to target so that the post-encounter trajectory returns as close

as 0.3 AU to the sun. However, the present spacecraft is not designed

to tolerate the thermal environment of such a close passage to the sun,

and the primary value of returning trajectory would be the exploration

of a new portion of interplanetary space, for example, a slice through

the asteroid belt 10 degrees out of the plane of the ecliptic.

Of course, the two classes of missions identified in the above

- paragraphs are closely correlated with each other. Thus, the spacecraft
' which is targeted to a certain mission objective near Jupiter, auto-

matically proceeds along a predetermined post-encounter trajectory.

5. JUPITER ORBITER

The conversion of the Jupiter Pioneer into a spacecraft which can

be inserted into an orbit about Jupiter is not conceptually difficult.

However, because of the environmental uncertainties at Jupiter, it is

soundest to entertain this class of mission only after initial flyby missions

have been conducted. Several questions may then be answered, which

affect the design of the orbiter. First, whether the environment close

to the planet Jupiter is tolerable by the spacecraft, and, in particular,

by solar-cell arrays. It may be that an orbiter mission can be considered

only in terms of an RTG-powered spacecraft, because it will be necessary

for a relatively low periapsis altitude, and will repeatedly penetrate

this environment. Second, the scientific payload of an orbiter, which

has continual and periodic opportunities to make measurements of _. ¢

Jupiter, is probably better defined after precursor missions have been

(_ flown.
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5. 1 Orbit Insertion Requirements

Figure 192 indicates the velocity increment necessary to transfer

the spacecraft from a flyby hyperbolic trajectory to a Jovian orbit.

6.0 +
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I0-- 2 ..___ _ _ _'-"_
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Figure 19Z. Velocity Increment Required
for Orbit Insertion

The optimum use of propellant is assumed, namely that the transfer

is impulsive and takes place at the common periapsis of the hyperbolic

and elliptical orbits. It is seen that there is a wide range of velocity

increments possible, depending on Vco, the asymptotic approach velo- +
city of the interplanetary trajectory at Jupiter, and on the size and •

shape of the orbit. While it is possible to select interplanetary (') 1

i
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trajectories which offer values of V as low as 5.5 or 6 km/sec, itis

better to count on the possibilityof Vcols as high as 6. 5 or 7 km/sec.

This permits somewhat shorter than maximum earth-Jupiter transit

times, and also permits the selection of an arrival geometry such that

orbit insertion can be obtained by thrusting along the spin axis without

reorienting it from the earth line.

The size and shape of the orbit are indicated by _ and 8, which

are the radial distances from the center of Jupiter to the spacecraft at

apoapsis and periapsis, respectively, expressed in Jupiter radii.

Figure 192 shows curves for values of _ = l.Z, 2, and 3. The increase

in propellant requirement as periapsis radius increases from 1.2 to 3

Jupiter radii is substantial,and is the reason why the orbiter mission

must be programmed with a deep penetration of the Jovi,_nradiation

belts.

Even with a relativelylow periapsis altitude,_ = I.2 to Z,

reasonably achievable orbits are highly eccentric with apoapsis (a)in

the range S0 to I00 Jupiter radii. (Orbits of this size will have periods

C_ from 15 to 45 days for one revolution about Jupiter. )

The above comments with regard to achievable orbits are predi-

cated on a velocity increment for orbit insertion of I. 0 to I. 05 km/sec,

as indicated in Figure 19Z. This, in turn, follows from the addition of

an orbit insertion propulsion system which imposes minimum changes

on the basic spacecraft configuration, and utilizes the additional weight

capability corresponding to replacing the primary launch vehicle by

the alternate. The i_crease of spacecraft gross weight from 510 to 780

pounds would be devot;r: primarily to retropropulsion, although some

portion would certainly be necessary for structural changes, thermal

control changes, etc. However, assuming an orbit insertion mass ratio

of I. 5 and an Iep of 265 seconds will produce a velocity increment of
I. 05 km/mec.

t

*"Advanced Planetary Probe Final Technical Report, " Volume 3, p 195 •

O et seq, TRW Systems Document No. 4547-6004-R0000, 27 July 1966.

473 <

m

1969010484-509



5.2 Effects on the Spacecraft Design

As noted above, it is possible to select an earth-Jupiter trajectory

to be used in conjunction with an orbit insertion maneuver, such that

no reorientation is necessary for the propulsion. This assumes that

the thrust vector is along the spin axis and in the direction opposite to

the earth. Because this mode of orbit insertion requires no orientation

maneuvers near Jupiter, the attitude control and orientation system

of the spacecraft need not be changed. Similarly, the communication

system of the spacecraft is adequate as all long-range communications

are conducted over the high-gain antenna. Of course, the structure

and configuration must be altered so as to incorporate the propulsion

system for orbit insertion. Here, a choice must be made between

liquid and solid propulsion. Solid propulsion has the advantage of

storability for the long mission life, but the disadvantage of probable

high thrust levels, which may conflict with deployed appendages. Liquid

propellant has the advantage of low thrust, but the long shelf life required

before operation is disadvantageous. If the liquid propellant is to be

common with the current propulsion system, it would have to be a mono-

propellant, which has a lower specific impulse than that assumed in

the above calculation. A higher specific impulse can be obtained by

using a bipropellant, but this could not be common with the present

propulsion system.

As discussed above, there may be significant changes in the esti-

mated environment which this spacecraft must have to withstand, and

it is not possible at this time to estimate the impact of such environment.

It is posslble, however, to suggest that the RTG-powered version is a

reasonable candidate for this mission, and to observe that its compati-

: bility with the orbit insertion and orbiting phases of the mission are

probably superior to those of the solar-powered spacecraft.

6. JUPITER FLYBY MISSIONS FOR SOLAR ESCAPE TRAJECTORIES

Section 5 has shown that eastward passages near the equatorial

plane _t Jup/ter lead to post-encounter trajectories which are above #

solar esc,_pe velocity, and therefore will permit the exploration of
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interplanetary space Lo the greatest distance at which the spacecraft

can perform. Tais misJionmakes use of the primary launch vehicle.

Upgrading of the spacecraft depends primarily on how far out it is

desired to perform. Assuming itit desired to go beyond the limit at

7 AU or so for even degraded operation of the solar-powered spacecraft,

a conversion to RTG power as outlined in Section G is desirable.

In Section C, it is shown that such an escape trajectory, based on the

sample earth-Jupiter trajectory, would put the spacecraft 10 AU from

the sun at about three years after encounter. From there on, the space-

craft would recede from the sun at a continuing rate of approximately

1.5 AU per year.

Therefore, it is seen that the other demands on the spacecraft

are that it operate at great distances from the sun, and for long periods

of time.

The RTG-powered spacecraft is capable of operating in remote

areas where the solar flux has dropped almost to zero. The principal

- areas of concern for this sort of operation are external appendages
(.

where very low temperatures may not be acceptable. The operation of

a magnetometer deployed far from the spacecraft body is an example.

For such a mission out to 10 AU from the sun, a mission lifetime of

five years from latmch is necessary. This is within the realm of capa-

bility for both the RTG units and the other spacecraft subsystems.

7. JUPITER SWINGBY TO Rt..MOTE PLANET ENCOUNTER

An extension of the preceding class of mission is the targeting of

the post-encounter trajectory to the vicinity of a specific outer planet.

While it is possible to do this based on the esrth-Jupiter trajectories

which have been identified for the Jupiter Pioneer mission, the transit

times to the outer planets would be very long. The upgrading of the

launch vehicle from the primary (SLV-3C) to the alternate (SLV-3X)

is therefore considered a requirement. Figure 193 illustrates this effect.

*W. $. Dixon, "Major System Design Problems for Deep Space Probes, "
() Journal of Spacecr.aft and Rockets r September 1967.
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By using the alternate launch 180

vehicle's potential injection energy % _ SITLRr _UIRA_I NEPTUINEC,REC _,R-c _D,RECT
160--JUP TER 4-1 r"P! I', = :

intherangeCB=llJtol2Okm / _ _PE TYI _ _
sec, Jupiter swir, gby missions can h14c - " :

be programmed to arrive at Saturn >" II N• NEPTUNE

threeyearsafterlaunch, ranus \
VIA-%.

_JUPITER

,._ _ ,,,, swINos¥,
in six years, and Neptune or z 10c Ii._ _ 1979O _:'_ _ _" j URANUS---'-_
Pluto about nine years fzom lau_ch. _ _ I SWINGBY, !

Without the Jupiter swing- - I VIA JUPIT':Rl II I, , SW NGBY l I
! ] I 978 : l

by, a flight to Saturn is marginally 6°I 2 3 4 5 10 15 20

possible, depending on the launch TRAblSITTIME heARS

year, and flights to more remote Figure 193. Injection E11ergy Versus

planets are impossible at this Transit Time, Direct and
Swingby Traj e ctorie s

injection energy level. While the

curves of Figure 193do not go to the lowest possible injection energies

for the swingby missions, it is true that restriction to the primary

launch vehicle would substantially increase the mission times required.

In addition to the requirement for RTG power for these missions,

as discussed in Section 6 for the solar escape missior, it would be

necessary to refine the guidance capability of the spacecraft. This is

because targeting for encounter at a second planet requires ret'ined orbit

determination and propulsive corrections both before and _-,.er encounter

with the intermediaLe planet. Thus, we can expect to make a trajectory

correction probably several weeks before Jupiter passage, and again _,

perhaps several moDths after departure from Jupiter. While the

propulsive maneuver for the Jupiter orbiter mission could be conducted

without orienting away from the earth-pointing cruise mode, it £s not

an_.cipated that the corrections associated with the swlngby can be done

this way. Therefore, it is necessary to outline the capability and epera-

tional plan for conducting orientations to off-earth attitudes for the

purpose of propulsive maneuvers at distances of the order of 6 AU

from the earth.

¢
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In terr_s of spacecraft equipment and its performance, this re-

quires an ability to perform such a maneuver under the control of a

sequencer which does not require continuing communication with the

earth until after the maneuver is completed and the cruise attitude is

restored. This is necessary because continuous communications via

the spacecraft omn_ antenna may not be availabie at 6 AU from the earth

in alloff-cruise attitudes,and because of the round-trip communica-

tions time delay of up to I.6 hours. A second requirement is a roll

reference for conducting open-loop maneuvers, which substitutesfor

the normally used sun sensor. This is required because such correc-

tion maneuvers will have to be performed at times when the sun is

less than l0 degrees away from the earth. This function could be per-

formed by incorporating a star pipper similar to the alternate which

has been discussed, and making use of itas a rollposition indicator.

Of course, itis also required that totalpropulsion capabilitybe

increased to accommodate these additionaltrajectory correction

maneuvers. A finalrequirement may be on board guidance to aid in

C determination of the out-of-eclipticcomponent of the trajectory depart-

ing from Jupiter. The. same star Dipper can be u_ed for this.

It should be pointed out that the opportunities for swingby missions

-- to outer planets occur periodically, according to the synodic cycle

between Jupiter and the planet in question. A Jupiter swingby mission

to Saturn is attractive in 1977 and 1978, but the cycle re[.eats only

once in 20 years. For Uranus, 1979 is a favorable year, and the repe-

tition is every 14 years. Jupiter swingbys to Pluto and Neptune are

favorable in 1977 and 1979, respectively, and repeat roughly every

12 years.

Multiple planet encounters have also been identified; the "Grand

Tour" involves encounters at Jupiter, Saturn, Uranus, and Neptune,

and is most attractive at the launch opportunities of 1977 and 1978.

I
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8. SUMMARY OF SPACECRAFT REQUIREMENTS

Table 83 summarizes the major spacecraft and launch vehicle

requirements for the growth missions discussed above. All the iden-

tified requirements are well within the scope of orderly design changes

from the selected spacecraft.

The advanced launch vehicle is required for the Jupiter orbiter

mission and for swingby's to remote planets. RTG-power is required

for missions beyond about 7 AU, and possibly for the Jupiter orbiter.

Incorporating orbit insertion propulsion effects the greatest physical

change in the configuration; swingby's to remote planets require a

significant operational change, to accommodate the guidance and traj-

ectory correction refinements associated with the Jupiter swingby.

¢

478 <

1969010484-514



1969010484-515



APPENDIX t

CHARACTERISTICS OF THE SOLAR WIND NEAR

THE ORBIT OF JUPITER

I. INTR OD UC TION

Mariner 4 observations appear to show no significant deviations

from expected macroscopic solar wind flow between i and i. 5 AU

(Siscoe, et al., 1968). and it is reasonable to expect this condition to

persist considerably beyond i. 5 AU. Observations of the variation in

Jupiter radio noise (and in the response of comets such as Schwassmann-

Wachmann) with changing solar activity also indicate indirectly that the

wind must reach at least as far as 5.2 AU without encountering suffi-

cient interstellar plasma or magnetic field to induce a shock transition

(Scarf, i966). It is therefore of interest to extrapolate the known solar

wind properties at i AU to a distance near 5 AU. This exercise pro-

rides information needed to design scientific instruments for a Jupiter

or galactic probe, and it reveals some possible differences between the

interaction of the solar wind with the earth and with Jupiter.

In this appendix we use solar wind data obtained near the earth

together with an adiabatic flow assumption to compute anticipated plasma

and field parameters near 5 AU. The self-consistency of the adiabatic

assumption is investigated, and arguments are presented suggesting that

the observed heat flux at ! AU (associated with anisotropies in the elec-

tron distribution) is probably quenched farther from the sun.

We find that the solar wind properties at 5 AU differ from those

near the earth in several important respects. As the wind flows out-

ward the thermal distribution changes significantly, and (TII/TI) will
decrease, perhaps becoming less than unity for electrons. Should this

happen, a conventional resonant electron whistler mode instability will

produce high frequency (_ _ _: = eB/m c) electromagnetic noise that

can help to maintain nearly isotropic MaxweUian particle distributions.

However_ even if TII remains less than T_, the low frequency mirror •

instability should not develop because the plasma _ (ratio of thermal

I
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to n,agnetic energy density) becomes very small as r increases, but the

net cooling may occasionally be strong enough so that the solar wind

actually becomes supersonic with respect to electron plasn a oscilla-

tions. Whenever the solar wind speed does exceed the electron plasma
[ ~ t/z l

tude high frequency It0 -_ (l-Z)_;] electrostatic oscillations can build up

at interplanetary discontinuities and shocks. Moreover, foz T low

enough, electron plasma oscillations can play a much more important

role in the interaction of the solar wind with Jupiter than with the earth.

We show that the solar wind interaction with Jupiter is also anom-

alL us because the long range gravitational field of Jupiter can produce

significant distortions in the proton thermal distribution long before the

wind reaches the conventional bow shock surrounding a Chapman-Ferraro

type magnetosphere. This gravitationa ! attraction produces a net heat

flux into the magnetosphere, and it may give rise to additional micro-

scopic instabilities.

2. ADIABATIC FLOW BEYOND i AU

C_ In order to attempt an extrapolation of the solar wind properties

from the observed values at I AU to more distant points in the solar

system, we must first recall the details of energy transfer in the flow

region from the sun to the earth. Noble and Scarf (f963) provided the

initial numerical demonstration that collisional thermal conduction main-

tains a high mean wind temperature all the way to the earth with

_T(i AU)_ -_ 0. i T(R_. At the same time the hydrodynamic pressure

gradient associated with changing coronal density is large enough to

produce the transition to supersonic flow and the wind arrives at the

earth with a flow speed near 300-400 krn/sec. Sturrock and Hartle

(1966) repeated these calculations with a two-fluid model, and they

pointed out that (T /T+) should be an increasing function of distance

because the proton thermal conduction is much smaller than the elec-

tron coefficient. This more detailed theory predicts almost adiabatic

flow for protons near i AU, with finite collisional heat conduction by

the electrons persisting at the earth. •
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Observations near the earth generally bear out these fluid-model

predictions in a qualitative sense. As shown by Wolfe et al. (1967),

Montgomery et al. (1968), Frank (1968), and Formisano (1968), elec-

tron temperatures are from 1.5 to 5 times greater than proton tempera-

tures. The last three reports also demonstrate that the electron distri-

butions have a non-zero heat flow moment,

i
q. = _-m_ S d3v V Ivl z f. (1)

where V = (v-u), lul is the streaming speed and f_ is the electron dis-

tribution function; q. = Iq_l is nearly equal to the value predicted by

hydrodynamic single-fluid or two-fluid models, and q+ appears to be

negligible. However, the observations near 1 AU also show significant

microscopic deviations from simple fluid flow [several of these were
m

anticipated in Parker's original papers on the solar wind; these are

summarized in Interplanetary Dynamical Processes (Parker, 1963)],

and it is important to assess the origin of these deviations in order to

determine their role in the unexplored region beyond (1-1.5) AU.

At the earth the electron heat flow, q , is along the interplanetary

magnetic field direction (Montgomery, et al., 1968) rather than being

parallel to the nearly radial flow direction. This field-aligned heat con-

duction was anticipated in the earliest work on fluid models (Parker,

t963). As the mean free path becomes large, conduction in the direc-

tion

where 1"D (the collisional deflection th_ae for electrons) is given by

- .3 XI0 "z (T3/Z/N)rD -_I . . seconds. For T_ _-2 X 105 OK, N_ -_5 cm "3

and B -_5y, the quenching is almost complete. Thus, the conventional

fluidcalculationsusing a scalar coefficientof heat conduction require

modification in a strong B field,and if B is not radial, the necessary

changes are not trivial.

The second microscopic complication which is already of great

importance near I AU arises because both the electron and proton dis-

tributionshave TIt> Ti, where the subscripts refer to thermal motions

¢
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parallel and perpendicular to the interplanetary field (Wolfe, et al.,

1966; Hundhausen et al., I967; Montgomery et al., 1968; Frank, 1968).

The deviations from thermal isotropy are apparently related to weak

conservation of magnetic moment,

2

m± v1

_± = _. (2)

-5
Near the sun, B _- 1 gauss, but near 1 AU, B -_ 5 x 10 gauss so that

if _ were strictly conserved, _T l=_rn±v /g> would decline by more

than four orders of magnitude. This does not actuaIly happen because

the collisions that yield finite thermal conduction and produce high mean

temperatures at ! AU (high with respect to computed values for adiabatic

flow) also produce non-conservation of _, especially for the electrons.

Moreover, when T: > T:, the solar wind is unstable with respect to

growth of low frequency electron whistler mode waves that can resonant-

ly interact with protons, ultimately reducing the proton anisotropy {Scarf

and Fredricks, 1968). Finally, whenever

Ci _+A+ + __A_ > i, (3)

where 6± = [4_N_RI,)±/B2] and A± = [(T H - TI)/T,I]_. a non-resonant low

frequency firehose instability occurs and wave-particle scattering then

reduces both A. and A. {Kennel and Scarf. 19681.

In summary, the microscopic solar wind properties at 1 AU are

determined to a large extent by collisional heat transport and weak con-

servation of _. The quantities &+, A_ are greater than zero because:

a) the mean temperature does not decrease rapidly with r since heat

conduction persists to the earth; b) the magnetic field does decrease

rapidly because the spiral associated with the Parker model does not

attain a large angle in the inner solar system, and B <B <2B while
-2 r r'

B r-_ r ; c) nearthe earth 6+ and __ are of order unity and marginal

stability for the firehose [see Equation (3)] allows finite values for

A_ d) near 1 AU, the growth rates for the resonant particle A 1

instability are generally small.
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The crucial questions that must be faced involve the persistence

of these properties well beyond 1 AU, Let us first consider the configura-

tion of the interplanetary magnetic field and its relation to the effective

transport of heat well beyond the earth. If we use Parker's model and

assume B = 5y with a hose angle of 45 degrees at 1 AU, then the

Archimedes spiral has the appearance shown in Figure 1-1. At

r = 5.Z AU, B _ 0.7¥ and the hose angle is about 79 degrees. Since

q] <<qlt' this drawing already shows that much less heat is conducted

radially outward beyond a few AU than would be given by the conventional

scalar expression which neglects quenching of q±.

EARTH ORBIT

AT I AU, Br

Be=3.5_

%.
/ %.

/ \

/ \
\
%
I

! I
I II
g I
I I
I /
\ I
\
\ /
\ /

\ /
\ /

JUPITERORBIT

AT 5.2 AU, I r • 0.13_'

I_ "0.611Y
I "0.69'Y

REPRESENTATION OF THE INTERPLANETARY MAGNETIC FIELD OUT
TO 5.2AU, JASED ON THE IDEALIZED PARKERMODEL

Figure I- I. Interplanetary Magnetic Field

One ad hoc approach to the difficult tensor problem might involve

retention of uninhibited thermal conduction only along the B field. The

total length of the curving field line from the earth to Jupiter is greater

than IZ AU and since the field-aligned path is so long, the effective

conduction radially outward to 5.2 AU is thus somewhat inhibited by the , •

magnetic field curvature alone (we are indebted to Dr. C. F. Kennel for
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suggesting this point). But for other reasons, it seems unlikely that

. conductive heat transport even along the rr, agnetic field direction will

persist much beyond 1 AU. The Vela 4 observations of qll can be

related to k(VT_)II if it is assumed that

(r)°T_(r) _ T_(ro) (4)

and the measurements then yield ct -_ 0.4 near I AU (Montgomery et al.,

1968). Therefore, LB(r), the scale length along B, is given by

L B = IT (r)/@T (r)) 12 r/a, and with all dimensions in astronomical- - II

units, LB(r)-_ 2.5r. However, the electron mean free path, £, which

is approximately equal to r at 1 AU, varies as (T2/N). Since N falls

as r-Zand T 2 -- r2a, we find _(r) -_ r 2" 8 (again, all dimensions are in

AU). Thus, the Knudsen number, K = n./L B, is equal to 0.4 r 1"8, with

r in AU. Near the earth this gives K = 0.4 < 1 so that the Navier-Stokes

equation and fluid concepts such as heat conduction may be expected to

have some validity, but as r increases, K rapidly becomes greater

than unity, the slip flow regime is encountered, and Lhe use of coUisional

___ transport coefficients for continuum flow in inappropriate (Schaaf _nd

Chambre, t961).

Of course, the solar wind is actually a magnetized plasma, rather

than a fluid, and plasma turbulence can be expected to replace collisions,

as the density falls. But even in terms of microscopic phenomena,

appears that conventional conduction cannot maintain high temperat' s

all the way to "Jupiter. If <T±(r)> were to decrease slowly beyond I AU

where B -_ B e _ r'1 (see Figure I-I), then _± would remain of order

unity in a region where conservation of _ yields [T±(r)]1-_ r "!. Thus

Ai would continue to increase until the growth rates for the firehoses
i

and resonant-particle instabilities become comparable to the wave fre- I
quencies. At this point large amplitude (AB/B ,_ I), low frequency I

co "I"_+/(!c " waves grow, and non-linear wave-particle _i

; scattering then severely distorts the distribution functions, leading to

i a probable final state with near isotropy (i. e., A+, A., q -- 0). This!
|

I
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is the analog (using unstable finite frequency waves) of l=arker's pre-

diction that a disordered magnetic shell should be present beyond the

earth (Parker, i963; the original Parker theory was based on considera-

tion of the mhd firehose instability only, in the limit _0/Q�_ 0). Aside
C

from these considerations involving electromagnetic waves, certain

electrostatic instabilities may also be associated with anisotropic dis-

tributions having finite heat flow moments and non-Maxwellian high

energy tails: and scattering from electrostatic waves can also

requce q.

All of these arguments must remain speculative in the absence of

experimental information, but we see that a large number of qualitative

indicators suggest that the adiabatic approximation is an appropriate

and reasonable one to use in describing the solar wind flow and energy

transport between I and 5.2 AU.

3. THE SOLAR WIND AT 5.2 AU

In accordance with the arguments presented for Section 2, we

adopt an adiabatic hypothesis associated with a scalar pressure tensor

as a first approximation, and we use T _ r "4/3," N Nr "2 B -_
-1 r

B e _ r , and u = constant to relate observed quantities at I AU with

anticipated values at 5.2 AU. The parameters near the earth vary over

considerable ranges, of course, and we must choose some representa-

tive set of numbers. Table 1-1 shows the flow conditions that one

reasonable set of solar wind parameters at l AU would produce near

5.2 AU.

The temperatures for r = ! AU are the lower values taken from

a sample of Vela 4 measurements (Montgomery, et al. I768), and it' i

i_ assumed here that the two species do not interact so that each gas !

undergoes adiabatic expansion, i
I

Before exploring the meaning of these temperature values with
I

respect to anisotropy, let us examine the representative solar wind at i
f5.2 AU as a medium for propagation of plasma waves. Table i-I shows

that the distant wind is characterized by the appearance of very low I' •

temperatures, a greatly reduced density, and a weak magnetic field.

r) •
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Table I-I. Solar Wind Characteristics

Quantity Value at 1 AU Value at 5, 2 AU

Solar wind speed 400 km/sec 400 km/sec

Density 5 cm 2 0. 185/crrl 3

B 3,54y 0.13yr
|

B 8 3, 54 y 0.68 ¥

B 5,0 ¥ 0.69 ¥

Hose angle ,t5 deg 79 deg

Mean proton temperature Z x 104 OK 2.2 x 103 OK

Mean electron temperature 7 X 104 OK 7.8 X 103 OK

For the assumed fairly low temperatures (and hence relatively small

( 8±) at I AU, the extrapolated values of _._ are extremely small.
Table !-1 yields 8= (5.2 AU) = 5.2 X I0 ° , B+ (5.2 AU) = 1.5 × 10 -2 ,

and near Jupiter the plasma is thus "cold" in an absolute sense. (The

physical relations used to derive the entries in Table I-I give

4.65 _ (5.2 AU) = _ (I AU); since [3 (l AU) is generally less than

one, and [3._ (1.5-5)_+, the _ values at 5. Z AU are always small

compared to unity. )

For convenience we consider only three high frequency wave modes

that propagate parallel to the interplanetary magnetic field. The electro-

magnetic dispersion relation for electron whistlers with _ >> eB/m+c =

G c is

c2k2 2

, _ "_' 1+ (.c P. (o) (5)

1 r, ¢

0 ,
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The other two modes are electrostatic (E = - V@) and, if Landau

damping is ignored for 0 < k < E D, we have

2 2 (1 + 3kZ/K2D) (6)6J = _p

for the electron plasma oscillatxons, and

xT
1 = 1

-z = 0-_k <_% (v)
P

waves. Here KD = _ NeZ/XT is the Debye wave
for ion sound

number and L D = KD I (the electron Debye length)is on _he order of

meters at r = 5.Z AU. The quantity_2 is equal to 4_ Ne/M +._
45

P

The phase velocities for these modes are shown in Figure l-Z,

along with the adopted mean solar wind speed of 400 km (sec) and the

I T T r .i-_-_I"-_.
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crosshatched area represents the anticipated range of variation in

the flow velocity.

When Figure 1-Z is compared with a similar illustration prepared

using representative I AU parameters (see, for instance, Figure Z of

Scarf, ct at., t968), so,l_ significant differences can be discerned.

Several of these are rather obvious; since D and N are greatly re-

duced at 5.2 AU, the corresponding cyclotron and plasma frequencies

are shifted downward from the r -- 1 AU values of f -_ 140 Hz and
C

f -_ ZZ kI-Iz. The change in the ratio of wave speeds to solar wind speed
P

is of even greater importance, however. Near the earth the electron
Z

whistler mode, n = R, always has a finite range of frequency com-

ponents wi[h t0/k > lul, even for a very fast solar wind with u -_ 700-900

km/sec. This clearly means that the higher frequency electron whist-

lets are not significantly Doppler shifted when observed in a slowly

moving spacecraft frame of reference. Moreover, near I AU there is

a_ways one n Z = R frequency component which has c0/k equal to u. This

wave can "stand" in the shock and growth of this particular whistler

component to a large amplitude, then provides a mechanism for trigger-
(

ins the shock and the subsequent plasma dissipation.

Figure I-Z shows that the n Z = R mode can play a similar role

near Jupiter, but only if u < (t0/k)ma x_" 750 kin/see, for N = 0. t85 cm "3

B = 0.69 ¥ (the critical phase speed depends on the actual values of N

and B). H u > (t0/k)ma x the electron whistler mode cannot stand in the
shock, and during storms wemight expect a significant change in the

appearance of an interplanetary or bow shock near 5. Z AU.

Z
A possible replacement for the n = R mode in this respect is

also indicated in Figure 1-Z. In contrast to the case near the earth

where electron plasma oscillations are highly supersonic, the cold

electrons near 5. Z AU allow (t0/k)epo to fall below 700 krn/sec. If
rapid flow speeds are ever combined with cool electrons, the electron

plasma oscillations can then stand in a shock surface, and very large

electrostatic wave levels may be anticipated. H this combination is

precluded, but u still exceeds ({o/k)max for n 2 = R, some other ¢

wave (probably electrostatic} with kI _ 0 wiLL have to replace the

© ,
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electron whistlers as triggers. (Figure I-Z also shows that even for

low solar wind speeds at Jupiter, such as 400 km/sec, the shorter wave-

length electron plasma oscillations can appear at significantly Doppler

shifted frequencies in t e spacecraft frame of reference. )

The initial extrapolation discussed above is based on the assump-

tion of complete isotropy and negligible heat flow. These conditions are

perhaps eppropriate if some sort of plasma turbulence does maintain

isotropy all the way from I to 5.2 AU. For a second approach we con-

template expansion with strict conservation of all invariants out to

5.2 AU, but we retain _he assumption of no heat flow. In this case, the

equations of Chew, Goldberger, and Low (1956) are applicable, and the

flow proceeds with conservation of both the quantities _z = <XT±/B> and

_IB2 xTIIBZ- <8>7 N"

The parallel and perpendicular temperatures now have distinct r-

variations, and we can predict the final anisotropies at 5. Z AU using
-Z

these expressions, together with the Parker model and N N r . Some

examples of the variation in (Ti[/TI) and in A = (TII - T1)/TII are shown
in Table 1-2.

TaLle l-g. Anisotropy of Solar Plasma

r = I AU r = 5.2 AU

T,,/T A T,I/T l A

Proton 5.0 O. 8 i. 61 O. 6Z

Range 2.5 0.6 1.32 0.24

Electron 1.2 0. 17 0.63 -G. 58

Range 1. I 0.09 0.57 -0.73

i +
The reason for the decline in (TIIITI) with distance is easily under- i

stood with references to Equation (2) and Equation (8). As the hose angle i+
i

increases beyond the earth, B r becomes very small and B--B 0 3
so that T1 falls relatively slowly, even when compared to the r

I

+
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variation to be expected for three-dimensional adiabatic expansion.

However, Equation (8)essentially represents a one-dimenslonal adiabatic
-Z

expansion for Trl and itpredicts T H __ r for large hose angles. Thus
-I

(Tii/Tl) ultimately falls as i , but the decline is not actually this rapid
between I and 5 AU because B cannot be completely neglected in this

r

region. We find that if (TjI/TI) at r = I AU is sufficiently large (as for

the protons in Table I-2), then (TI/TI) is reduced, but the ratio is still

greater than unity at r = 5.2 AU. However, if (TII/T1 - I) << i at

r = i AU (as for the electrons), then (TII/TI)becomes less than unity

at r = 5.2 AU.

The low temperatures and small or reversed anisotropies displayed

in Table I-2 are significant with respect to the characteristics of plasma

waves. For T]I (I AU) = 7 x 104 OK, Equation (8) gives Ti_ (5.2) -_

5 x I03 K, and the minimum phase velocity for electron plasma oscilla-

tions is approximately equal to 550 km/sec. This is even lower than

the value predicted by a three-d_nensional adiabatic approximation, and

(to/k)min can then more readily be less than the solar wind speed (if

some additional electron-proton coupling produces T_/T+ -- 1 as r in-

creases, we can expect further lowering of (¢o/k)mi n with distance). More-

over, since _+ and __ are drastically decreased, since A+ (5.2. AU) < A+

(1 AU), and since A (5. Z AU) is actually negative, it can be seen from

Equation (3) that the firehose is completely stabilized under these con-

ditions. The extremely low frequency (to --- _c) resonant particle instabili-

ty discussed by Scarf and Fredricks (1968) does proceed for any finite

A+ > 0, but if _+ and A+ are as small as predicted here, the growth

rate is so minute that this instability can also be neglected.

However, another instability is operative for T_ > T.-. As shown

by Kennel and Petschek {1966), a conventional resonant interaction in-

volving electrons and high frequency (_ __ ¢0c) electron whistler mode

waves gives rise to wave growth for an electron pitch angle distribution

of this type. The wave initially grows as exp (yt) and, for a bi-

Maxwellian electron distribution, y is given by

-- - x)z- - i _ exp - (9)
_Y_

(-'I % t
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with x = ¢o/¢uc and

BZ _IZ 31z(1 - x)
I_l = _ 1/2 (1o)

8 +rN_T, x
h

We have evaluated Equations (9) and (10) for B = 0.69 ¥,
-3

0. 185 cm , T_ = 5 × 103 oK, and for each of the electron tern-N
H

perature ratios shown in Table 1-2. The results are displayed in

Figure 1-3. The peak growth rates are quite large in the sense that

FREQUENC t (HZ)

5 6 7 8 9
I I I 1 I

N=O 185CM 3 = I 73TII (')

B 069_ (Tii = I+l Tj. AT

T I l_-I= 5_(I03"K,-5 r = I AU)r_

10 0.2 0.3

_/l_)

GROWTH RATESFOR THE WHISTLER MOOE INSTABILITY DRIVEN BY RESONANT
ELECTRONS. THE COMPUTATIONS ARE BASED ON THE EXTRAPOU_.TEDELECTRON
ANI5OTROPY VALUES SHOWN IN TABLEA-2, AND THESETEMPERATURERATIOS
ARE OBTAINED USING THE "DOUBLE ADIABATIC" EXPRESSIONS OF CHEW,
GOLDBERGER, AND LOW (1956).

Figure 1-3 Whistler Mode Instability

the solar wind travels a very short distance in one e-folding time. If

we define the minimum growth time constant by I"M = (_/n_ax) ° I then
( )
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_-) If")andFigure I-3 shows that T .--_Z.4 hours for T = I.58 T

YM= 3.7 minutes for T_"_" 1.73 T ('). These results indicatethat theit

instabilityis quite strong, and ifany residual electron anisotropy with

T')> TI'_ "ll)persists in the distant solar wind, high frequency electron
whistler mode plasma turbulence should be present.

It seems unlikely that this whistler mode turbulence could, by

itself, destroy the anisotropy that gives rise to the wave growth, since

the resonant electron8 which interact most strongly with the waves are

in the tail of the distribution. For T (') = 1.58 TI-), the resonant speedl

at ¢0 = 0. 355 ¢0c (where _j is maximized) is approximately 3.8 times the

thermal speed, and for Ttl-) = 1.73 T_j")," the resonant speed at theM

v-peak is near Z.8 times the thermal speed. Thus, for the parameters

shown in Te le l-Z and Figure 1-3, the resonant energies are on the

order of 8 o i5 times the mean electron thermal energy, and relatively

few particles partake in the interaction. Of course, whistler mode waves

produced in one localized region can propagate to another region where

the parameters are different, and temporal variations also produce a

C_ sweep in the conditions for resonance. Furthermore, the computed
_,,rowth rates are so large that nonlinear effects are probably significant,

and at least a quasi-linear treatment of this turbulence will be required

at some point. However, other instabilities (high frequency Harris

(1961) or Rosenbluth and Post (1965)type electrostatic instabilities} may

also appear when (TI/Tjl) > I. It therefore seems likely that the distant
solar wind is indeed representative of a completely collisionless ionized

gas in which several types of plasma wave turbulence maintain approxi-

mate fluid-like behavior.

4. THE SOLAR WIND INTERACTION WITH JUPITER

In order to discuss the interaction of the solar wind with Jupiter, i

it is necessary to combine the speculative results on plasma character- i

istics at 5 AU with additional speculation concerning Jupiter's magnetic

field and magnetosphere. It is clear that the final result of such a dis-

cussJon may have no connection with reality, yet progress can only be

achieved by comparing the predictions of specific models with observa- •

tions. Accordingly, we first assume that the wind-Jupiter interaction is

(_'_ similar to that which occurs near the earth.
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The magnitude of the Jovian magnetic field has not been determined

unambiguously, but Warwick's (1963) estimate of a magnetic moment,

M, given by

3
lVl = 4.25 X 1030 gauss-cm (11)

appears to be consistent with many radiometric observations. At the

dipole equator, this predicts a surface field of iZ. 5 gauss, with B(rj)

rising to Z5 gauss near the poles. The inclination of this dipole to the

ecliptic is variable, and the simple Chapman-Ferraro pressure balance

relation then predicts a magnetopause boundary at r = r b, where

2 ,,, BZ(rb )
Nm+ u 4_

fZ MZ (IZ)

_- ['---6- "

4_ r b

The quantity f is dependent on inclination, and | < f < Z. Let us choose

f = 1, and use the values N = 0. Z cm "3, u = 400km/sec, together with

Equations (9), (10). Then we find rb" 3.72 x 106 krn "=-53 rj. I/these

physical concepts have any validity at all, this result is unlikely to be in

error by more than a factor of two, because r b is a relatively insensitive

function of the other parameters in Equation (10).

Near the earth, the solar wind plasma is a medium in which a great

variety of waves can propagate, with a large range of wavelengths, phase,

and group velocities. Nevertheless, the mean position of the shock

boundary appears to be well determined by fluid analogies using the

Mach number for the longest wavelength Alfven or rnagnetosonic waves;

i.e., M (effective) is on the order of u/V (Alfven) or u/(xT+/M+) I/2.

If we assume that the same result applies near Jupiter, then the effective

Mach number is again large compared to unity (see Figure 1-2), and the |

shock boundary should not stand off from the magnetopause at a distance

greater than about rs(max ) = 1.4 r B_ 74 rj.
a'

!
()
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Beyond r = 74 rj = 5.2. ×106 kin, these analogies indicate that
the solar wind is to be considered as a relatively undisturbed incident

plasma, with respect to gross electromagnetic perturbations, although

Figure 1-2 shows that afew waves (high frequency electron whistlers,

electron plasma oscillations) can readily propagate upstream. More-

over, we now know that some protons and electrons are reflected or

scattered from the earth's shock and magnetosheath, producing local

disturbances to a distance of at least 15 R e upstream from the earth's

shock (Anderson, 1968; Frank, 1968; Asbridge, et al., 1968), and simi-

lar local disturbances should be produced beyond Jupiter's shock. How-

ever, we note here that the presence of Jupiter can produce ax. additional

severe perturbation of great extent in the surrounding solar wind, be-

cause of the huge Jovian gravitational field. In contrast with the situation

near the earth, it seems that the _r,lar wind will "sense" the presence

of Jupiter long before it arrives ;_J the e!ectrodynamic shock.

To see this, consider the gravitatlo_a_ _tential energy at

r = r S = 74 rj= 5.g X 106 kin. We find

C_ GM.
= 24.3 = 14.9kra/sec) z (131

rS

while for a solar wind proton temperature of 2.2 X 103 oK (see Table l-l),

(g T+/m+)i/g = 4.3 krn/sec. Thus, for the proton population (GMj m+/

g T �r)cannot be neglected even beyond the shock, and as the wind
approaches Jupiter, the distribution function (which must be expressible

in terms of the constants of motion) has to be modified.

The simplest generalization of a Maxwellian has f+ = f �(E)only.

For r_ = T_ = T, f �=f �(r,v, u) is then givenby

/m+ 3n [ m+ m+I

and it is clear that spatial gradients of the various moments can develop, t

Thus,

0 ,
' 495 (
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v --2-- # o (15)

and this already indicates that some heat must flow into the magnetosphere

of Jupiter from the solar wind. (However, Equation (13) cannot be used

to evaluate q_ since q# -k_T; in order to determine the magnitude of the
heat flux, Equation (1) must be evaluated, taking into account the gravi-

tational deflection of the wind particles up to the point of impact with the

electrodynamic shock. ) Similarly, we must have N = N (r) in the up-

stream region.

The density variations are tied to changes in streaming speed

through the conservation equation and since AV+ (GRAV) << u, we antici-

pate small density gradient effects. However, as noted above, Equa-

tions (1t) and (lZ) suggest that very significant temperature gradients

might form, and in this case Equation (lZ) is no longer an adequate repre-

sentation of f+. The most general near-equilibrium form for f+ is a

function of all the constants of motion, E and Pj, where

P = M+v+ eA/c, B = VXA. (16)

We choose a coordinate system having B = B(x)i z with the spatial varia-

tion of B assumed to be so weak that it is essentially constant over an

ion Larmor radius, and we choose a vector potential gauge with

A = A i = 0 at x = 0. In this case
Y

Pz = M+ vz
i
J

Py = M+ Vy + eB (x - Xo)/C (17) ,

= M+ Vy+M+ _c (x - Xo)

and if all gradients are sufficiently weak, a suitable representation (KraU,

1968) for f+ which is nearly lViaxwellian is £(2) (p, E) = f(l) (E) F, where

F -- i + (Vy/nc + x - xo) _L,-_ ° - +.... It8)
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This distribution function yields

N(x) = N O + 0 (x - xo)Z

[ i dT (x -Xo)]+ 0 (X-xo)Z (i9)NT(x) = N O T O i + T_° _-

and it also leads to a non-vanishing pressure drift velocity,

V + X T
= _ jv(_n T)[. (Z0)P

It is known (Krall, 1968) that modes of a warm magnetized plasma

are modified by drifts associated with inhomogeneities and that these

modes can become unstable. Ion sound waves, Alfven waves, and ion

cyclotron waves may all be driven unstable by drifts associated with

gradients in magnetic field, density or temperature, and these have been

termed the "universal instabilities." The gradient effects are particu-

larly significant if, for instance, Vp is comparable with the phase

velocity of a given wave and less than or equal to the mean thermal

speed; since the gradient can then greatly reduce normal Landau damping,

(_ a can yield wave growth.
and resonant interaction then

In older to assess the possible relevance of the drift instability

near Jupiter we estimate the magnitude of Vp using T +-_ Z x 103 °K,

Gc/ZW = 0.01 Hz, and Iv(_n T)J-i = 70 rj = 5 X I0 II cm. These

parameters yield V +'_ 6 cm/sec, an exceedingly small number when
P

compared te the local thermal, Alfven or gravitational deflection speeds.

However, despite the disparity in magnitudes, it appears that the gravi-

tational drift may involve an instability. Since V + _: (Z T+/M+) I/2p
there are clearly a large number of particles available to interact with

a wave having this speed. Moreover, the solar wind plasma near

Jupiter does have a propagation mode with a phase speed as small as

V +. We refer here to the ion acoustic wave propagating at a finite angle

to B. As discussed, for instance, by Formisano and Kennel (1968), the

ion acoustic wave dispersion relation is

. /"T.\I/z
] oo.o,,,,ooo.o "
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[I
_J C

_--_-_--cos e _ -__c cos e (Zlb)

and Equation (2ib) indicates thatthe low frequency driftwave can inter-

act with an oblique ion sound wave when )_cos 0 - V -_"0 meters, for
p c

the parameters used above. Ifcos e<< I, then )_exceeds the Debye

length, and an instabilityis possible. Any electrostaticwaves produced

in this case would have short wavelengths and i....frequencies in the

solar wind frame of reference. Hc'.wever,sin_.....cse modes are exceed-

ingly slow compared to the wind speed, the apparent frequencies (as

seen on a spacecraft) would be strongly affected by Doppler shifts,leading

to broadband electrostaticplasma turbulence beyond the conventional

shock region.

In the region immediately upstream from the shock where super-

sonic waves can propagate, additionalor enhanced driftinstabilitiesare

also anticipated. In a collisionalplasma, resistivemodes interactwith

driftinstabilitiesleading to enhanced growth rates (KraU, i968). Loosely

speaking, this interactioncan be attributedto a decrease in the scale

size (or coherence time) to a v_.lueassociated with a finitemean free

path (or a finitecollisionfrequency). In the presence of large amplitude

precursor waves such as those observed in front of the earth's bow

shock, JV(JLnT)I can decrease toward an appropriate small scale length

such as an ion gyroradius. Should this happen, then any instabilities

could grow at greatly enhanced rates.

The main purpose of this discussion is to note that gravitational

forces might induce distortionsin the thermal distributionsthat can be

significantwith respect to the growth and damping properties of up-
i

stream plasma waves. We have certainly not proven that the upstream !

medium is unstable, or that wave-particle interactions will be strongly i

affected
by the Jupiter gravity. Nevertheless, since (GMj M+/RT+ r)

is

comparable to unity beyond the bow shock, such interactions cannot be I

ignored without further analysis. !

!t

I
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5. CONCLUSION

The possible direct exp.loration of the distant interplanetary medium

is of great interest because somewhere beyond the earth the properties of

the magnetized solar wind must change significantly. Observations of the

slow decay of solar flare events suggested long ago that a disordered mag-

netic shell might develop past (I-Z) AU (Parker, 1963), or that stochastic

wave-particle interactions might produce acceleration in the distant

regions (Parker, i965). Recent measurements of anisotropic thermal

distributions show that the solar wind at 1 ._,U is already unstable, and

Vela observations of local scale lengths may be used to argue quantita-

tively that the collisional regime cannot persist much beyond the earth.

Even with no specific theoretical models in mind, observations of the

variations in flow conditions and of char. 6-s in heat flux, electron and

proton thermal distributions, and ,_e¢. ,'ic and magnetic power spectra

with changing radial distance from the sun should provide imp,_rtant new

information on the solar plasma in the collisionless reg_ne.

Although almost any general exploration of this type will yield data

--( of great interest, the most valuable results of an exploratory mission

can be achieved if the experiments are designed on the basis of suitable

model calculations. Accordingly, we have carried out some straight-

forward calculations based on what seem at this time to be reasonable

assumptions: specifically, we consider a) no general shock transition

-or the solar wind out to at leasL 5.2 AU; and b) negligible heat flow

beyon_l {i-_) ALT,

We find that under these conditions, the solar wind at 5.2 AU can

have many plasma properties that differ significantly from those near

the earth. Electron plasma oscillations can be nearly or actually sub-

sonic with respect to the flow _peed, and the electron thermal anisotropy

can produce hish frequency {w :lWc/_ ) electromagnetic waves. Near

Jupiter there is the prospect of a gravitationally induced dri/t wave

instability that can lead to growth M low frequency ion sound waves far

beyond the conventional electrodynaznic shock (it is possible that similar

phenomena could occur near the smaller, but unmagnetised, planets such ¢

0 •
499 <

IIIIIII_ II II II - . I II .... II

1969010484-535



Venus). These heuristic arguments suggest that very novel .'arms of

wave-particle interactions will probably be found in the distant solar

system and near Jupiter.
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APPENDIX 2

PROPULSION REQUIREMENTS FOR

TRAJECTORY CORRECTIONS, JUPITER PIONEER

1. INTRODUCTION

This appendix summarizes calculations which have been made

concerning

a) injection errors due to the launch vehicle

b) the transformation of these errors to a point
beyond effective gravitational influence of the
earth

c) the velocity increment necessary to correct for
these errors, as afunction of the probability that L
the increment is adequate L

d) the propellant weight corresponding to this
velocity increment.

The results may be used to size tanks and weigh propellant for this

purpose. (Propellant for spin-despin control, and for precession of the

spacecraft is additional. ) They may also be used in the weight-reliability

t radeoff.

2. RESULTS

For a 0.99 probability of adequate propellant for two trajectory

correction maneuvers:

AV = 79.6 meters/second

propellant weight -" t7.0 pounds

These results are based on injection error Model 2, the more realistic

of two examined.

\
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3. INJECTION ERRORS

The injection errors are based on two simplified models of launch

vehicle operation, in both of which deviations from the nominal trajectory

are caused by these phenomena only:

• Improper impulse imparted by the third stage motor
(TE-364-3)

• Improper average orientation of the third stage thrust
vector during third stage firing

The 3a error sources assumed are the following

Erro. r Component Model 1 Model 2

• Impulse magnitude 1 percent I percent

• Lateral attitude error 1.6 degrees 1.Z degrees

• Vertical attitude error 1.6 degrees I.Z degrees

Model 1 was based on work clone in t966 in the Advanced Planetary

Probe Study (Reference 1, Section 7.4. 1). The launch vehicle for that

C study was the Atlas/Centaur/TE-364-3, *.he same as in the current study;

however, in the former, the spacecraft and third stage were s_.parated

from the spent second stage before spinup, whereas in the current study

they are spun up on a spin table before being separated from the second

stage. In Model 1 the attitude error of I. 6 deg (each axis) was based on

statistically combining 1.0 deg, the residual attitude error from the

Centaur at burnout, with 1. Z5 deg representing the combined errors of

separation tipoff before spinup, spinup, and third stage firing.

In Model Z, the 1.0 deg Centaur residual attitude error is retained, i

but the spin-table system drastically reduces spinup and separation errors _

to 0.5 deg, typically. These and other mechanisms contributing to the
third stage attitude error follow:

¢
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Error, 3a,
Either Axis

Me cOani sm (de_)

f. Residual error from Centaur 1.0

Z. Delay before spinup at Centaur atti-
tude rate, 0.03 deg/sec (negligible)

3. Spinup on spin table
0.5

4. Separation from spin table

5. TE-364-3 thrust misalignment,
2.83 Ib sec x ii0 in. _ 300 Ib sec in.,
negligible

6. Spacecraft principal axis misalign- 0. Z
ment, 5 millirad = 0.3 deg, reduced
to 0. Z deg when including TE-364-3
in inertias

7. Spacecraft cg offset, 0.05 in. 0.4
Torque = 11,000 lb x 0.05 in. = 5501b in.
Spin = 60 rpm; __ = Z w rad/sec

Ispin = 150 slug _tz T
Average orientation error =------_

o
= 0. 077 rad

RSS Combination I. Z

Conversion of these error sources into an injection error covariance

matrix is based on the following nominal characteristics of the third stage

burn:

W eight s .

propellant weight I, 456 Ib

burnout weight 6Z 5 i
gross weight of third stage and _

spacecraft at ignition i
m = propellant mass fraction = 0.6998

Specific Impulse i

exhaust velocity = go Isp = Z. 8Z9 km/sec _i
_¢
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Burn Time

T -- 38. 16 sec

Thrust

II,000 Ib

Velocities

(geocentric, inertial, referred to i00 n mi altitude, or
r = 6563. 484 km)

O

at second stage burnout, V ° = II.306 km/sec

AV effected by third stage 3.404 km/sec

at third stage burnout 14.7 I0 km/sec

The following paragraphs give the generation of the injection error

covariance matrix from the above sources. The coordinates are those

shown in Figure 2-1, with r radial from the center of the earth, t per-

pendicular to r, and in the direction of forward velocity, and n perpen-

dicular to the departure orbit plane (_ = r x t). The origin is at the

_ point of injection, but assumed to be perigee of the departure hyperbola.
• The order of terms is r, t, n, r, t, n. Units are meters and

meters/second. Matrices are partitioned into

"_ [ meters _- riveter s _ / s ec 1

[Irlete r s _- / s ec meter s2 / sec _ 1

The I percent impulse magnitude error affects the coordinates t

and t. The errors in these terms arise from uncertainties in specific

impulse and in burn time (each taken as 1 percent, 30") and from un-

certainty of the propellant mass ratio (taken as 0.2 percent, 3U). The

first two of these arise, in turn, from more obscure origins such as

manufacturing variations and motor temperature during burn which may

exert various correlative influences. The influence on errors in t and [ i

were calculated, and a correlation coefficient of t-0.4 was estimated to

reflect these influences. The resulting portion of the error covariance

! t
J I
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PARKNO  ARTX
ORBIT_--_I

HYPERBOLIC
NOMINAL _ DEPARTURE
POINT OF _Y At V_INJECTION

X

Figure 2-1. Injection Geometry

matrix due to velocity increment magnitude error (for both error Models 1

and 2) is:

Due to AV magnitude error:

-0 0 0 0 0 0"
0 102,400 0 0 +1,651.2 0
o o o o o 0

!

0 0 0 0 0 0

0 +1,651.2 0 0 166.41 0

0 0 0 0 0 0
N

The lateral attitude error affects coordinates n and _ at

injection:

an "'_ sp m

, i ¢

_By definition, terms of the covariance matrix are statistical variances,

which are the squares of standard deviations. Therefore, these terms {
reflect I_ effects, not 3_.
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!

off = go Isp In _ _0£" = (31.7, 23.8) meters/sec

Pn/_ =+ 1

The two results are for error Models ! and 2, respectively. The

contribution to the covariance matrix is:

Due to lateral attitude error:

B

0 0 0 0 0 0

0 0 0 0 0 0

0 0 (236,439; 132,996.94} 0 0 (+15,410.5; +8,668.41}

0 0 0 0 0 0

0 0 0 0 0 0

0 0 (+15,410.5; +8,668.4!) 0 0 (1,004.42; 564.99)

The vertical attitude error affects the coordinates r and i" directly,

and also influences t and t because of the coupling exerted by gravita-

( ' tional forces which make potential energy gain (r) equivalent to kinetic

energy loss (-t). Since all variations are proportional to 5e v, all

correlation coefficients are +1 or -1. For error Model 1, the following

results are obtained:

T 2
go Isp I 3. 843 meters{Yt ='' Z _Ye =
r V v

O O

where _i = earth's gravitational parameter

1 w I -mWln !
i I = f _ m I -mw dw = O. 12247

w=O 1 + _n 1 - mw
f o

(?
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_o s : 0.2501

(m = 0.6998)

I
o_ = go Isp _n_°e = 31.69 m/sec

V

_.go I T 1 I-m _n
eE = sp m (_O = O.3058 m/sec

0

°r_ : Pt_ : +I

Prt = Prt = Ptr = Prt = -I

For Model 2, all c;'sare to be multiplied by 0.75.

The contributionto the covariance matrix, error Model I, is:

Due to vertical attitude error

236,439 -1,868.8 0 +15,410.5 -148.7 0

-I,868.8 14.771 0 -121.80 +I. 175 0

0 0 0 0 0 0 ,-

+15,410.5 -121.80 0 I,004.42 -9.692 0

-148.7 +I. 175 0 -9.692 0.0935 0

0 0 0 0 0 0

For error Model 2, multiply each term by 0. 5625.

The total injection error covariance matrix is obtained by summing

the above three contributions. For Model 1 it is:

236,439 -I,868.8 0 +15, 4 I0.5 -148.7 0

-1,868.8 102,414.771 0 -121.80 +1,652.375 0

0 0 236,439 0 0 + 15,4 10.5

+15,410.5 -121.80 0 I,004.42 -9.692 0 ¢

-148.7 +I,65Z. 375 0 -9.69Z 166.5035 0

0 0 +15,410.5 0 0 I,004.42 r I
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For Model Z it is:

13Z, 996.94 -I,05i. 20 0 +8,668.4 1 -83. 644 0

-l,05i. Z0 104,408.309 0 -68.512 +1,651.861 0

0 0 13Z, 996.94 0 0 +8,668.4

+8,668.41 -68. 512 0 564.99 -5.452 0

-83.644 +1,651.86t 0 -5.452 166.4626 0

0 0 +8,668.4 1 0 0 564.99

4. TRANSFORMATION TO V
co

Because the correction of the actual injection error of the launch

vehicle is not performed until several days' tracking of the spacecraft

has given a good estimate of the actual trajectory, the estimate of neces-

sary spacecraft velocity increment to correct is best made by trans-

forming the injection error matrix to a point remote from the earth.

We transform to "V " a point mathematically infinitely remote fromo0'

*_heearth, where the earth's gravitational influence has vanished; a

C point never reached by the spacecraft, but a good approximation to the

spacecraft's location several days after launch.

This transformation is from 6 coordinates to 3. While both

position and veloclty coordinates contribute to injection error, only

'_ velocity coordinates are significant at Voo, considering that the effects

are measured in misses at Jupiter of millions of kilometers.

The tranlformation is shown in Figure 2-2.

For injection energy C 3 = 90 krn2/se: 2, close enough to expected

earth-Jupiter energies, I/ = 1.31946, Vo/r o = 2.2155x 10 -3 sec "i,

and the transformation is:

= O.9 531 0 0 0 +1. 53283 t

0 -0. 587.35 0 0 +0. 5970 n

r

t

0 "
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andthe units are[10 °3 =__c'l i (1)].

Ifthis transformation matrix is designated T, then the injection

covariance matrices of the preceding section are transformed to Voo by

C = TC.T T
OO 1

This leads to covariance matrices at ¢oo' and other statistical properties
as follows:

ErrBr Model I Error Model Z

,+99.'7390.99 0 9 .,0  90.99 0 '0 347.4 0 195.45

trace, tr Z Z
(sum of diagonal 1610.89 mZ/sec 1088.27 mZ/sec
element s )

- 40. 14 m/see 32.99 m/sec

Ifrotated to principal
axes, x', y', z, the
uncoupled {I's are:

Ux, Z9.87 m/sec Z3.67 m/secI"

L Oy, ig.z7m/sec i8.24m/sec
{7 18.64 m/sec 13.98 m/sec

Z

radius encompassing _. 08 _r, or Z. 045_'_, or
67.5 rri99 percent of all cases 83.5 m/sec /sec

m

5. VELOCITY INCREMENT FDR CORRECTION OF _'.RRORS

As noted in the above table the radius of the velocity sphere wLi,:h

99 percent of all cases is 2.08 _ (error Model I) andencompasses

Z. 045 t_ (error Model Z). See References Z and 3.

These radii can also be expressed as multiples of am, the !

greatest of the uncoupled 0_s {Ox,,Oy,, Oz): Z. 80 Qm (error Moael 1) !

and 2.85 am (Model Z). These radii are summarized for 0.99 and t
other probabilities in the table below, and similar values corresponding f

to i, Z, and 3 dimensional distributions with equal O's are given for

comparison. ' t



Equal (_'_ ; n = I 2 3

(linearor (circular (spherical)
prolate) or oblate)

Error model No. I No. Z

I i 1 1 1 1
0 0. 645 0.77 1 1 1

0 0.6Z4 0.59 1 0 1

_/_r/a m 1 1.343 1.393 1.414 1.73Z

:_robability of
VMues of radius/_ninclusion

0.9 1.65 1.89 1.94 2. 14 2.50

0.99 2.57 2.80 Z. 85 3.03 3.36

O. 999 3. Z9 3.50 3.54 3.7Z 4.03

O. 9999 3.89 4.08 4. lZ 4.2_ 4.58

qo extend these -_ultiples of (rm to cover velocity adequate for the
first and second trajectory correction maneuvers, we multiply by an

additional ._actor o, 1. 18. This covers these ci_aracteristics:

• The spacecraft never reaches "V " in departing from
• o

the earth. In fact, before the gravltatlonal influence
of the earth has diminished to insignificance, the increase
in velocity requirement typical as tilne progresses
during the heliocentric phase is observed. Scheduling
the first correction about five days after launch comes
close to realizing the minimum velocity requirement
between these two influences, for correction of the
entire injection error. (It also provides satisfactory
tracking accuracy. ) However, this minimum is still
possibly I0 percent above the value based on the trans-

formation to "V ." (For an example, see Volume I,
Section C. ) ThuC_ a factor of I. I0 provides sufficient
margin for the first correction.

• A second trajectory correction is programmed to
compensate for the 5 percent error (3_) of the first
maneuver. While only I percent of such maneuvers

, incur errors this great, we assume (conservatively)
that there is a residual error 5 percent of the first

! correction. Furthermore, because this error is not
I re,noved until perhaps the 50th day after launch, it,1 •

effect has grown 45 percent. Thus a factor of I. 072

(I + 0. 5 x 0. 045) is applied. )

512 <
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The factor of 1. 1_ accounts for both effects (i. 18 = 1, 10 x 1.072).

When applied, we get these velocity increments to encompass the

launch errors, with the probabilities indicated:

Velocity Increments (meters/sec)

Probability of Error Error
Inclusion Model 1 Model 2

0.9 66.6 54. 1

0.99 98.5 79.6

0. 999 123.4 98.9

0. 9999 144. 1 115.2

6. PROPELLANT WEIGHT

Propellant weights have been calculated for the above velocity

increments, based on the_e assumptions:

} • Spacecraft gross weight before first maneuver = 480 pounds
• Specific impulse = 225 seconds

The results are _.
I

Propellant Weight (lb)
Probability of E;rror Error

Adequate Model Model

propellant 1 2

0.9 14.3 11.7

0.99 21.0 17.0

0. 999 26. I 21. 1

0. 9999 30.2 Z4.6

The velocity increments and propellant weights of these two tables are

plotted in Figure 2-3.
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APPENDIX 3

PERFORMANCE OF THE PHOTO-IMAGING SYSTEM

In this appendix the performance of the camera system is determined

under two conditions of illumination on the planet: 1) midway between the

terminator and subpoint, with a highlight brightness of 100 foot-lamberts

and a lowlight brightness of 50 foot-larnberts; and 2) near the terminator,

with a highlight brightness of 10 foot-lamberts and a lowlight brightness of

5 foot-lamberts. These two conditions define performance under the

average and minimum illumination levels on the planet.

1. DESIGN PROCEDURE

The contrast of objects in a scene can be defined in terms of the two

levels of luminance (Figure 3-1). The size of the objects can be specified

in terms of spatial frequency at the image plane of the camera. Thus the

scene can be considered as a square-wave bar pattern consisting of bars

of two levels of luminance. The electronic signal is as-,umed to be the

sinusoidal component of the signal resulting from detection of the square-

wave pattern.

At low spatial frequencies this sinusoidal component corresponds

i directly to the sinusoidal component of object pattern radiance. However,

(NOTEREDUCEDAMPLITUDEATHIGH SPATIAL
FREQUENCYDUETO MODULATIONTRANSFER !
FUNCTION OF CAMERA) i

(B) SIGNAL WAVEFORM-

FUNDAMENTALFREQUENCY _j .-_ .-_
v V

(A) OBJECTSON THESCENE

. j I F
MODULATION BI - B2 VERYLOWSPATIAL HIGH SPATIAL= FREQUENCIES FREQUENCIES
CONTRAST

¢

Figure 3-1. Reduction of S/N Ratio with Increasing ]
Object Spatial Frequency •
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II

at high spatial frequencies, the sinusoidal signal is reduced significantly

by the modulation transfer functions associated with both the external

environment of the spacecraft and the characteristics of the camera

system.

The general design procedure is illustrated in Figure 3-2; it is

similar to that used in the analysis of lowlight level television systems

(Ref. !). Having defined the _bject contrast ratio, a signal-to-noise ratio

is computed based upon a bandwidth which is established by the desired

angular resolution, size of the optical field of view, and rate of scamHng

the lines on the raster of the camera tube.

The result defines the signal-to-noise ratio which willbe obtained

when observing objects of low (essentially zero) spatial frequency. Then

the determination of the overall modulation transfer functions for the

entire camera system in the directions parallel and normal to the raster

scan lines will enable computation of the signal-to-noise ratios which will

be obtained on objects of any contrast and spatial frequency.

C_ The modulation transfer functions which affect resolution in the
direction parallel to the scan lines are not identica' to those affecting

resolution in the direction normal to the scan line._. Parallel to the scan

lines the applicable modulation transfer functions are those defining the

effects of:

• Spacecraft rotation

• Optical system

• SEC vidicon beam response

• Electro.nic amplifier response

• Data sampling rate.

The modulation transfer function (MTF) for the complete camera system

is the product of these MTF's. By multiplying the signal-to-noise ratio at

low spatial frequencies by the MTF of the complete camera system, the

signal-to-noise ratio is obtained at any object contrast and spatial

frequency. ¢

()
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The system performance in the direction normal to the scan lines is

obtained in a similar manner, but utilizing the modulation transfer func-

tions defining the follovzing effects:

• Spacecraft rotation

• Optical system

• SEC vidicon beam response

• Raster line spacing

• Electronic amplifier response.

The procedure is:

a) Calculation of DC signal current of vidicon at the highest
anticipated level of scene luminance

b) Calculation of the sinusoidal component of the signal resulting
from scanning the object pattern of two levels of luminance (at
very low spatial frequencies)

c) Calculation of the level of the several noise sources in the
; camera, namely:

• Shot noise in the vidicon electron beam

_ Pre:n_plifier noise (with fiat frequency spectrum)

i • Preamplifier noise (due to high frequency compensation)

• Thermal noise in the load resistor

i • Pattern noise (coherent noise) due to nonuniformity of the
SEC vidicon ph_tocathode.

d) Determination of the signal-to-noise ratio at low spatial
! frequencies, by dividing the value of the sinusoidal signal

determined in :tem b) by the value of the noise level of the
" system (RSS value of the noise components defined in item c).

e) Determination of the individual modulation transfer Junctions,

i _nd the overall system modulation transfer functions .'*n both
the directions normal to andparaUel to the raster scan 1tnes

i f) Calculation of the signal-to-noise ratio of the system at any
i object spatial frequency, by multiplying the low-frequency
, slgnal-to-noise ratio obtained in item d) by the system modu-

lation transfer functions determined in item e). ¢

5i9
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2. MAXIMUM DC CURREN'_ IN CAMERA

The maximum DC ,:'lr:-ent level in the camera system depends upon:

1) the subsolar brightne-," of Jupiter, 2) the f-number of the optical system,

which dr;termines the S]_r.. vidicon photocatnode illumination, and c) the

sensitivity of the SEC vidlcon to incident illimunation.

The solar constant at t.0 AU is 1335watts/meter z. For the launch

opportunities of 1972, 1973, and 1974, the distances of Jupiter from the

sun at encounter are 5.05, 4.95, and 5.05 AU, respectively. Using the

smallest of these three values, the maximum value of the solar constant

at Jupiter will be:

1332
P - = 54.3 watts

4.952

At the solar temperature of 5700°K: the luminous efficiency of a

black body radiator is 93 lumens/watt. Thus the illuminance of Jupiter is

E = Pc

= 54.3 x 93 = 5050 lumens/m z

= 470 foot-candles

From Reference 2, the geometric albedo of Jupiter at a wavelength

of 0.550 micron is 0.445. Therefore, assuming that Jupiter is a Lambertial

reflector, the subsolar brightness is

B' = E'p = 470x 0.445

= 209 foot-lamberts

However, it is known that the atmosphere of Jupiter exhibits limb darkening

(Ref. 3). This will cause deviation from Lambertian reflectance, resulting

in a decrease of apparent brightness at the subsoiar point. The deviation

is not extreme but must be taken into account. From the photometric

measurements i!htstrated in Figure 3-3 (from Ref. 3)_ an increase of i

; 20 percent above the value of subsolar brightness should be ample for ;

establishing the maximum scene brightness to be observed by the camera I t
f

! •
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Figure 3-3. Change in Brightness Along Central
Meridian of Jupiter

C_, Thus value of 256 foot-lamberts has been selected the maxi-system. a as

mum a.nticipated scene brightness.

Using an optical system with an _-nu_ber of 4. 5, and assuming that

the optical transmission is 0.75, the maximum illumination level on the

photocathode of the SEC vidicon will be

B't
o

E =
4f 2

no

256 x O. 75
= = 2.38 loot-candles

4(4. 51Z

The diameter of the SEC vidicon photocathode is 1.0 inch, and a square

raster of 0.7 x 0.7 inch is proposed. Thus the flax incident upon the

photocathode is

E ¢
F --" m

A

I
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2.38 (o._)2
144

-3
: 8. I x 10 lumen

Using a value of 93 lumens/watt for the luminous efficiency of the solar

irradi2nce, at an effective radiation temperature of 5700°K, the solar

irradiance incidence on the SEC vidicon photocathode is

F
p - __

8. ix i0 "3
93

-5
- 8.7i x i0 watt

From Figure 3-4, the effective spectral bandwidth of the SEC vidicon

photocal_ode can be considered to be between 0.35 and 0.65 micron.

5O

/
_. / q.e. =0.10

JO '

_ =0.05

g . \
_ 20 _-_

0 -'

0.3 0.4 0.5 0.6 0.7 0.8

WAVELENGTHIN MICRONS

q

Fisure 3-4. Sensitivity uz Westinsbouse WL 30691
SEC Vidicon Photocathode
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Assuming the solar irradiance to be that of a black body at an effective

radiation temperature of 5700°K, 36 percent of the irradiance incident

upon the SEC vidicon photocathode is

P : 0.36P
e

- 0.36 (8.71 x 10-5)

= 3.13x lO-5watt

A very short exposure interval (0.28 msec} is used to minimize smear of

the image due to spacecraft rotc.tion. Thus the radiant energy per exposure

will be

U = Pete

= (3.13x 10-5) (2.8 x 10-4)

= 8.76 x 10-9 Joule

= 8.76 x 10-2 ergs

The photon energy at 0, 5 micron, the effective center wavelength of the

S-20 photocathode spectral response, is

1.99x I0-18
e =

k(meters)

-18
1.99x I0

0. 50 x 10-6

= 3.98 x 10 "12 erg/photon

The number of photons incident upon the photocathode during one exposure

interval wiU be

U
I n = m• e

8.76 x I0-2
-12

3.98x I0 ¢

10

O = 2.17 x 10 photonsL I
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The average quantum efficiency of the S-20 photocathode may be con-

sidered to be l0 percent between 0.35 and 0.65 micron. The number of

photoelectrons emitted by the photocathode during the exposure interval

will be

n = 0. in
pe

= Z. 17 x i0 ? photoelectrons

With an accelerating voltage of 7 kv applied to the SEC vidicon image

section during the exposure interval, and using a factor of t00 for the

secondary electron conduction gain ot the target, the number of electrons

accumulated on the target during the exposure interval will be

n -- n xA
pe t pe pe-t

= z. i7 x lo 9 (loo

11
= Z. 17 x 10 electrons

The electron charge will be accumulated on the target, which is scanned

using a raster of 512 lines. The charge which will be scanned off on one

line will be

n
Pe t

n -
Pe L

i!
2. i7 x i0

512

= 4.24 x 108 electrons

The time required to scan one raster line is I. 0 millisecond. The DC

signal current level at the vidicon target will be

n xq

pe_

s tl_

where ¢

q = electron charge

I
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-19
= I.6 x 10 coulomb

(_.Z4x 108 ) (1.6 x 10 -19)i =
s -3

ix I0

.Q

= 67.9 x I0 ampere

This current level represents the maximum DC signal current levelat the

vidicon target, corresponding _o the maximum allowable scene brightness

of 2 56 foot-lamberts.

3. SINUSOIDAL COMPONENT LEVELS OF SIGNAL CURRENT

Assuming that the current is observing a scene with highlights of

I00 foot-lamberts and lowlights of 50 foot-lamberts, the DC current levels

corresponding to these brightness levels will be

100

i s (B' = i00 foot-lamberts) = _-_x 07.9

= Z6. 5 nanoamperes

CI: 50
i s (B' = 50 foot-lamberts) = 25"_ x 67.9

= 13.25 nanoamperes

The AC component of this signal will be

i = 4 (z6.5 - i3.z5)
S T¢

ac

= i6. 9 nanoamperes, peak-to-peak

Similarly, the sinusoidal component corresponding to scene highlights of

10 foot-lamberts and Iowlights of 5 foot-lamberts will be

i s : I. 69 nanoamperes, peak-to-peak
ac

4. CAMERA SYSTEM NOISE LEVELS
¢

C_ The camera system noise ¢onslsts of five components:

............ 525 i
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• Shot noise of the beam current

• Preamplifier input noise

• Noise due to the use of high frequency compensation (high
peaking)

• Thermal noise in the load resistance

• Pattern noise, due to uncompensated nonuniformities in the
photoemissivity of the photocathode

4. I Shot Noise in the Beam Current

The shot noise in the beam current is defined by

in --[zeiAf]I/Z
whe re

e = the charge of an electron, 1.6x 10 -19 coulomb

i = DC signal current level, in amperes

Af = video bandwidth = 250 kHz

The average DC current level with a scene brightness of t00 and 50 foot-

lamberts will be

26.54 13.25
is = 2 = 19.9 nanoamperes, DC

The average DC current level with the scene brightness of I0 and 5 foot-

lamberts will be

2.65 + 1.33
is = 2 = I. 9q nanoamperes

Substituting the ebove values in the equation for in, we obtain the following
levels of beam shot noise for the two condition I of scene illumination:

• At the high level of scene brightr, ess

i = 0.0398 nanoampere
n

• At the low level of scene brightness
¢

in = O. 0127 nanoampere ! "
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4.2 Preamplifier Noise

Assuming that a Nuvistor preamplifier in a cascade configuration is

used with the return-beam vidicon, the equivalent noise of the preampllf_.er,

referred to the preamplifier input, is (Ref. 4)

np 1 RLZJ
where

k = Boltzrnann Constant

= 1.37 x 10 -23 watt-sec/deg

T = absolute temperature of preamplifier (OK)

Af = bandwidth (Hz)

R = equivalent input noise resistance of preamplifier
eq

R L = load resistance of vidicon

The absolute temperature of the preamplifier is assumed to be 300°K.

C The camera bandwidth is 250 k.Hz. From Reference 5p the equivalent

input noise resistance of a typical cascade amplifier is 235 ohms. The

value of the vidicon load resistance must now be determined.

In television camera design, a factor of 6 is norma117 used in cir-

cuit design for the product of bandwidth and the output time constant of the

vidicon (Ref. 6). Assuming this value, the load resistance can be com-

puted from

AfRLC = 6

where

C = shunt capacitance of vidicon targetp wiring, and
input capacitance of the cascade preamplifier

Assuming _/ value of 25 pf for this capacitance

6
RL = Af---_-_-

¢
6

= lO 5.... 12
('_ 2.5 x x x 10'"

25
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= 1.0 x 106 ohms

The equivalent input noise of the preamplifier is then

i = x 1.37 x x 300 x 0.25x t06 x 235

npi i. Ox

10 -12= 0.99 x amp, rms

or = 0. 001 nanoampere, rms

4.3 Preamplifier Noise

The increase in the equivalent il. ,t noise of the preamplifier due to

the use of high frequency compensation is (Ref. 5)

_- 10-10 ilZ Af3/2i 4.69x CR
n eq
P2

whe r e

C = shunt capacitance of vidicon target, wiring, and
input capacitance of cascade preamplifier = Z5 pf

R = equivalent input noise resistance of cascade pre-
eq amplifier = 235 ohrns

Af = amplifier bandwidth = 0.25 MHz

i = 4.69x 10-I0 (25x 10-121 12351I/2 10.25x 10613/2
n

P2

- 0.0224 x 10-9 amp or 0.0224 nanoampere

4.4 Thermal Noise in Vidicon Load Resistor

From Reference 4, the thermal noise in the vidicon load resistor is

nR L [ RL J ¢
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Substituting previous values, the thermal noise is

4x 1.37 x 10 "23x300x 0.25x 106 t/2
i =

106
nR L t. 0 x

= 0. 037 x 10 -9 ampere, rms

= 0. 037 nanoampere, rms
/

4. 5 Pattern Noise

Nonuniformities in the photoemissive photocathode, which in tele-

vision pickup tubes are normally in the order of +25 percent, and shading

due to variations in incidence angle of the electron beam at the target,

which may amount to 30 percent will be mapped and recorder prior to

flijht of the camera. This recorded pattern will be used in picture recon-

struction to restore the true gray shades of the observed images.

The accuracy specified for mapping of this pattern is i! percent

peak-to-peak, or 0.67 percent rms. Thus the residual noise from these

C nonuniformities will be 0.67 percent of the DC signal current level.

The average DC current level with a scene brightness of 100 foot-

._ lamberts in the highlights and 50 foot-lamberts in the lowlights is 19.9

nanoamperes, DC, and the residual pattern (coherent) noise will be

i = 0.67 x I0 "2x 19.9 = 0. 13 nanoampere, rmsn
c

At the scene of lower brightness, with I0 foot-lambert highlight brightness

_ and 5 foot-lambert Iowlight brightness, the average current level is I. 99

nanoamperes, DC, and the residual pattern (coherent) noise is

i = 0.67x i0 "2x i.99 -- 0.0i3 nanoampere, rmsn
c

i
1

5. SIGNAL-TO*NOISE RATIO AT LOW SPATIAL FREQUENCIES I

From the previous calculation, the AC signal current and system
noise levels are summarized in Table 3-1. At a scene highlight brightness

C_ of 100 foot-lamberts, and with a lowlight brightness of 50 foot-lamberts

529 1(
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Table 3-i. Camera System Signal-to-Noise Current Levels

Active line scan time = i. 0 msec

Video bandwidth = 250 kHz

SEC vidicon load resistance = i. 0 megohrn

50-iOO 5-iO
Foot - Lambert Foot -Lambert

AC signal current (nanoamperes) i6.9 pk-pk i_ 69 pk-pk

Noise components (nanoamperes, rms)

Shot noise in the SEC vidicon beam 0.040 0.0i3

Preamplifier input noise 0.00i 0.00 i

High frequency compensation (high 0.022 0. C22
peaking) noise

Thermal noise in the vidicon load 0.037 0. 037
resistor

Pattern noise (uncompensated) in 0. i30 0.0i3
the SEC vidicon photocathode

Total system noise, RSS 0. i43 0. 047

SIN ratio at very low (zero) spatial if8 36
frequency

i

i6. ? = if8 (peak-to-peak signal to RSS noise)S/N = 0-':'i4"-_

At the scene highlight brightness of iO foot-lamberts, with a lowlight

brightness of 5 foot-lamberts

i. 69
S/N = 0.--.'.'.'.'.'.'.'_= 36 (peak-to-peak signal to RSS noise)

6. MODULATION TRANSFER FUNCTIONS

The modulation transfer functions to determine the camera system

performance have been previously defined, and are illustrated in

Figure 3-5.

6. i Spacecraft Rotation

At the spin rate o£ 5 rpm, the amount o_ uncompensated image •

motion in the camera system during the 0.28 millisecond exposure win be (

530
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RESOLUTION(MRAD/OBJECTLINE-PAIR)

Figure 3-5. Camera System Modulation Transfer Functions

0. 147 milliradian, assuming that the line of sight is normal to the spin

axis. However, the cone angle (angle between the optical line of sight and

the spacecraft spin axis) which will be used for the greater part of the ',

sightings will be J.ZOdegrees. Therefore, the effective smear during the

exposure interval is 0. 147 x 0.866 = 0. IZ5 milliradians.

The modulation transfer function is represented by

sin = ak
T(k) = ak

whe re

a = 0. IZS milliradian
e

k = scene spatial frequency, in cycles/miUiradian

This modulation transfer function is illustrated in Figure 3-5.

I<
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6.2 Optical System

The modulation transfer function for the optical system has been

obtained from data published by Bausch and Lomb for the 20-inch focal

length, f/5.6 Super Baltar telephoto lens, scaled to the 14-inch focal

length to be used in this application. This modulation transfer function is

also illustrated in Figure 3-5.

, 6.3 SEC Vidicon Beam Response

The modulation transfer function for the Westinghouse type

WX 31189N SEC vidicon electron beam has been obtained from data

published by the manufacturer on the type WL 30691 SEC vidic,:,n, nearly

identical to the former type This modulation transfer function is also

illustrated in F_.gure 3-5.

6.4 Raster Line Spacin_ and Data Sampling Rate

In the proposed system a video data sampling rate of 500 samples per

active horizontal scan line and a vertical raster line density of 5i2 lines

will be used. The same modulation transfer function has been used for

both the video data sampling rate and for the vertical raster line density.

The modulation transfer is defined by

sin _r ak
T(k) = 7r ak

where

50 milliradians
a = sampling interval =

500 samples

= 0. i milliradian/sample

k = scene spatial frequency, in cycle/milliradian

6.5 Electronic Amplifier Response

An electronic amplifier with high frequency compensation providing

unity gain over a video bandwidth of 250 kHz is assumed. The bandwidth

of 250 kHz corresponds to a spatial frequency of 5 object line-pair/rail/i*

radian, with an angular subtense of one raster line of 50 milliradians,

scanned at the rate of one line/millisecond. This modulation transfer

function is illustrated in Figure 3-5.
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6. 6 Overall Camera System

The modulation transfer functions which define resolution in both the

directions norrnaland parallelto the scan lines are defined in Figure 3-2.

The functions for spacecraft rotation, optical system response, vidicon

beam response, and the electronic amplifier pertain to resolution in both

of the above coordinates. The function for data sampling rate (at 500

samples/line) and for raster line spacing (51Z lines/raster height) are

assumed to be identical. Therefore the overall system modulation transfer

function is identical in both coordinates and is the product of these five

modalation transfer functions, as illustrated in Figure 3-5.

7. SYSTEM PERFORMANCE

The overallcamera system performance is defined in Figure 3-6.

On the ordinate of this graph the current signal-to-noise current ratios

were 118 and 36, respectively. These points are plotted on the ordinate,

at zero spatial scene frequency. From these points the modulation trans-

fer function for the overall camera system is plotted.

_" 200 , r 1 1__CURRENT RATIO I
PK-PK/RSS ; NO. OF LINES - 512

118 ] I CONE ANGLE = 60 DEG---- SPACEC_,SPIN
_ r___ RATE - sRPM

,o ,oo _ EX,OSU_ET,ME. 0.28MSEC! ......J

' _ HIGHLIGHT BRIGHTNESS

\ = 100 FOOT-LAU_BERT$
LOWLIGHT BRIGHTNESS

_ t _- 50 FOOT-LAMBERTS _

t LI. s_OO_-UU_RTS",ql_E- "V_ I \ '-'
I _1 _ o.zJ \L_E-PA_

0.29_,4.1NE-PAm__Wl._.{-PAmN1
10. 1.0 0.5 0.33 0.25 0.20

mOLUTK:_(OIJtCTUNE-PAW't._U,D)

I I I I I
I 2 3 4 5

RESOLUTION(MlVd)/OIUECTLINE-PAIr)

_,_ C_ Figure 3-6. Career& System Performance S/N R&tioversus Re solution
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Assuming that a signal-to-noise current ratio of I0 (20 db) is the

criterion for acceptable picture quality, the limiting resolution of the

system at the two levels of scene brightness which have been considered

are:

a) Scene with Highlight Brightness of i00 Foot-Lambertsp and
Lowlight Brightn.essof 50 Foot-Lambe_-ts: Under this high
level of scene brightness, which wil] occur midway between

' the solar subpoint and terminator of Jupiter, the limiting
resolution of the camera system will be:

4.4 object line-pair/milliradian

or

0.23 milliradian/object line-pair

or

0. i2 object linesomilliradian

b) Scene with Highlight Brightness of I0 Foot-Lamberts and
Lowlight_rightness of 5 Foot-.Lamberts: Under this low
level of scene brightness, which will occur near the termina-
tor of Jupiter, the limiting resolution of the camera system
will be:

3.4 object line-pair/milliradisn

or

O. 29 milliradian/object line-pair

or

0. i 5 milliradian/object line

8. ALTERNATE CAMERA CONFIGURATION

The perfor_nance of an alternate camera configuration, identical to

that previously defined but using an active line scan time of 4 msec with

an analog video bandwidth of 62. 5 kHz, has been determined utilizing the

same procedure previously defined. The resolution of this Alternate con*

figuration is almost identical to the proposed syster-, at the high scene

illumination level, but the resolution at the low scene ilium. J :: ,u,, level is

reduced by approximately 2 5 percent from that of the propob_, : ystem.

The camera system signal and noise carrent levels are defined in

Table 3-2, and the resolution of the system is illustrated in Figure 3-7. G

)
<
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Table3-2. Summary of Alternate Camera System Signal and
Noise Current Level

Active line scan time = 4.0 msec

Video bandwidth = 62. 5 kI-/z

SEC vidicon load resistance = 3.86 megohm

50 -I00 5- I0

Foot-Lambert Foot-Lambert

AC signal current (nanoamperes) 4. 2 pk-pk 0.42 pk-pk

Noise components (nanoamperes, rms)

Shot noise in the SEC vidicon beam 0.0 10 0. 003

Preamplifier input noise 0. 000 t 0. 000 1

High frequency cvmpensation {high 0. 003 0. 003
peaking noise}

Thermal noise in the vidicon load 0.016 0.016
resistor

Pattern noise {uncompensated) in 0. 033 0. 003
the SEC vidicon photocathode

Total system noise, RSS 0. 038 0. 017

( S/N ratio a_ very low {zero) spatial lit 25
frequency

The primary advantage o£ this configuration is the reduced video

bandwidth and resultant digital data rate. The video data rate a£ter digital

encoding would be 750 kbits/sec, in comparison to the 3 Mbits/sec of the

proposed sys tern.

, ¢
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40- -100
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LOWLiGHT BRIGHTNESS
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Figure 3-7. Alternate Camera System Performance )
S/N Ratio vs Resolution
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APPENDIX 4

FOR]_4ULAS AND CALCULATIONS FOR
COMMUNICATIONS SUBSYSTEM

The formula for antenna gain G at wavelength k based on a cir-

cular aperture of diameter D with aperture efficiency 7,

In db this become_

Gab = 201og D + Z01og f + 10.09 + 10log

where R is in nautical miles and f is in gHz.

The calculation of achievable bit rate for given signal-to-noise-

density ratio S/N ° comprises items 14 through 24 of the power budget

in Table 32 of Section D. 6.7. The calculation is based on a composite

"synchronization loss", item 22, which is taken from Paragraph 8.1.5.3

of the Work Statement A14415, and presented here fc,r reference in

Figure 4-i. This synchronization loss has been determined experi-

mentally. Presumably it accounts for:

• Receiver signal limiting

• IF filtering

• Effects of phase noise in the carrier phase-locked loop

• Effects of phase noise in the subcarrier phase-locked loop

• Effects of bit synchronization phase noise i

We assume that the abcsissa, loop SNR, may be interpreted as i

a calculated value _ given by the formula i

As opposed to the actual value of loop SNR, which, of course, depends i' ¢
on VCO phase noise contributions from the ground receiver and the
spacecraft receiver and also on spacecraft range rate.
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(DEGRADATIONACCOUNTING FORIF FILTERING,
LIMITING, EFFECTSOF NOISE IN THECARRIERPLL
AND NOISE IN THESUBCARRIERPLLAND BITSYNC EFFECTS)

I--

0 I I I I I I I

8 10 12 14 16 18 20 22

CARRIERLOOP SNR db

Figure 4-I. Data Synchronization Loss

C (carrier power)loop SNR -
N O (2BL) (noise density) (loop bandwidth)

Loop bandwidth is a function of carrier power relative to threshold -

a function which is determined by IF bandwidth (BIF), loop dampening

at threshold (_), and the definition of threshold (as well as loop band-

width at threshold, which is 3 Hz for the check point). Here it is

assumed that

BIF = 10 kHz

= 0. 707

and the definition of threshold is provided in the Work Statement, Para- e

¢_ graph 8.1.5.2; namely loopSNR = O db when ZB L = ZBLo = 3 Hz. ,
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According to these conditions, loop bandwidth depends on carrier power
qj.

as shown in Figure 4-2, which is a plot of the equation

2B L = 2BLo c_T +

whe re

' r (SNR)i ] 1/2: [4/; i

and c_T is the value of a at threshold, and

C

(SNR)i -
NoBIF

5O

4O

30

L20

5

.{ 3
!

0 5 10 15 20 25 30
RELATIVECARRIERPOWER,db ABOVETHRESHOLD

Figure 4-2. Dependence of Receiver Carrier Loop

Bandwidth on Signal Level i

)F,
*F. M. Gardner, "Phaselock Techniques, " John Wiley & Sons, 1966. I
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Items 14 through 19 of Table 32 of Section D. 6.7 calculate loop

SNR according to this method. Synchronization loss, item 2Z, follows

from this result via Figure 4-1. Finally, subtraction of items 22 and 23

from item 21 yields the data noise bandwidth or bit rate, in db, which,

when converted to bits per second, is the desired result.
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APPENDIX 5

RTG NUCLEAR RADIATION INTERFACE

Radiation fields from radioisotope thermoelectric generators

(RTGfs) are composed of primary and secondary radiations. Primary

gamma rays and neutrons result from the decay and spontaneous fission

of the radio'_sotope fuel. Secondary gamma rays, neutrons, and electrons

occur as a result of (n, k ) and (_, n) reactions, Compton scattering,

and photoelectric interactions. These RTG radiations may perturb

scientific instruments which measure planetary and interplanetary

radiation fields. An investigation of each instrument is necessary to

assess the extent of possible RTG interference and to indicate the

separation, shielding, or other measures necessary to overcome it.

In addition to interactions with specific scientific experiments,

electronic components on board the spacecraft may be affected by

extended exposure to RTG radiation fields. The cumulative effects of

ionizations and displacements in electronic components may eventually

cause sufficient damage to prevent the components from operating

satisfacto,'ily.

In order to evaluate the effects of radiation interactions, several

steps must be taken. Spacecraft payloads and subsystems must be

identified and their component characteristics investigated. Radiation

sensitivities, limitations, and damage thresholds must be established

for critical components. Radiation fields from the RTG must be defined

and compared with subsystem tolerances. The effectiveness of shielding

and separation in suitable combinations must be shown or the necessity

for hardening indicated.

RTG radiations may also influence the charge which builds up on

the spacecraft, since the emission of charged particles at spacecraft

surfaces due to interactions with RTG radiations affects the equilibrium

condition between the spacecraft and the plasma through which it moves.

The magnitude and consequences of charge accumulation must also be ' r

evaluated.
,)

I
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1. SPACECRAFT SUBSYSTEMS

From a radiation sensitivity standpoint, spacecraft hardware can

be divided into three major groups. The first group, relatively insen-

sitive to radiation, includes the structural and propulsion subsystems.

Their radiation sensitivities are so much less than the sensitivities

of other subsystems that they are usually not analyzed in depth. The
/

second group, generally containing electronic components, includes

those subsystems with components which are damaged by long-term

exposure to radiation, e.g. , power conditioning electronics in the power

subsystem diplexer, transmitter, and receiver in the communications

subsystem; guidance, control, and sun sensor electronics in the attitude

control subsystem; power supplies and counting circuits in the scientific

payloads; etc. Scientific payloads comprise the third group. Not only

are instruments subject to long-term radiation damage, but measure-

ments of planetary and interplanetar_ radiation fields may also be per-

turbed by extraneous RTG radiation fields.

. 2. INTEGRATED RADIATION DAMAGE TO ELECTRONICCOMPONENTS

The two major mechanisms which can cause permanent damage

in components exposed to nuclear radiation from an RTG are atom dis-

placement and ionizations. The most common mechanism for permanent

damage is atom displacement. In this mechanism, the primary incident

radiation knocks atoms from their lattice locations, resulting in the

formation of vacancies and interstitials, causing a change in the material

characteristics. The second type of permanent damage is due primarily

to gamma ray interactions with electrons in matter. Thus, neutron_

cause permanent damage primarily by atom displacement and gamma

rays primarily by ionization.

Most electronic components, subjected to radiation-induced

ionization8 and displacements, experience continuing cumulative degrada-

tion. Their progresslve deterioration leads to marginal performance

and eventual failure. Experiments have been conducted with many •
components and circuits in order to establish maximum allowable radia-

._ tion exposures for typical components. Results have been compiled by
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the Radiation Effects Information Center (REIC) at Battelle Memorial

In itute. Figure 5-1 (Ref. l) shows a summary of the information

compiled by REIC. Since there are many components comprising each

subsystem, it is difficult to specify exact radiation tolerances. How-

ever, the experimental results indicate minimum damage thresholds

for electronic systems to be about 1010 neutrons/cm 2 and about 10 4 rads

for gamma radiation. Although these minimum thresholds apply only

for a few types of very sensitive semiconductors and organic insulating

material, they must be specified generally for electronic systems when

individual parts and components are not identified.

l ] NO MEASURABLEEFFECT

I::. , I MILD TO MODERATEDAMAGE

L..:.-:.-...:..:...:.:..,:_.:,._ SEVEREDAMAGE, INOPERABLE
o_
z_
QI,-
_u

Z _.J
U _

z o_ __ z__

o .,z

lll'! II
_ | |xg

Z o 1010 1015 i

°: 10s 1
_ 1°1°-

I05" I 1
F igure 5- 1. StaLe-of-the-Art Assessment for Electronic Parts and ]

Systems from a Generic Standpoint as to Capabilities
for Resisting Nuclear-l_diation Damage

H damage thresholds for actual subsystems are to be more accura-

tely defined, each component must be individually evaluated using data

on specific components compiled by REIC and by TRW Systems under the
¢

Titan and Minuteman radiation hardness programs. Ball (Ref. 2) has

compiled an annotated list of spacecraft radiation damage levels. )
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Although this listingis oriented toward nuclear weapon vulnerabilityof

spacecraft subs/stems, much of the gamma ray and neutron threshold

damage level data is applicable to radiation from radioisotope sources.

When the detailed radiation damage characteristics of each component m

are investigated, the radiation fieldlimitationsfor each subsystem and

the allowable fieldsthroughout the spacecraft can then be more accura=

tely specified.

3. RADIATION INTERACTIONS WITH SCIENTIFIC EXPERIMENTS

Primary objectives of deep space probes include measurement

of ambient particles and fields,investigationof planetary atmospheres,

and visual observations of the planets themselves. Missions to measure

particles and fieldsare typifiedby Pioneer VI, VII, and VIII;missions

to investigateplanetary atmospheres by the Mariner IImission to Venus,

and missions to visually observe the planets by Ranger and Mariner IV

(Mars).

Scientific instruments aboard spacecraft employ a variety of sen-

C sors which are sensitive to many types of electromagnetic and particu-
late radiation and to magnetic fields. The RTG produces electromagnetic

radiation primarily in the infrared and gamma ray energy regions.

It produces neutrons as a product of decay, spontaneous fission, and

secondary reactions, as well as secondary charged particles. Any of

these radiations may interact with the scientific instruments.

Since the RTG is an on-board source of radiations similar to the

ambient radiations to be measured, care must be exercised to insu-e

experimental accuracy and validity. In this section, the possible areas

in which an RTG may interfere with the science experiments are

discussed.

3.1 General Survey of Spacecraft Instruments

Table 5-1 shows a typical sample of experiments which might be

use6 ._n an advanced, tmmanned spacecraft on missions to Jupiter and

beyond. A number of instruments may be recognised as relatively

insensitive to RTG radiations and magnetic fields. Some experiments

_-_ investigate electromagnetic rad/ations at wavelengths or enerjy flux
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Table 5-I. Typical Scientific Experimen!s

Galactic cosmic ray Television

Solar cosmic ray Solar x-ray occultation

Solar plasma Trapped radiation

Magnetometer Infrared radiometer

Micrometeoroid Auroral detector

Deuterium detector Microwave radiometer

Galactic x-ray Low energy proton monitor

E and B fieldoscillations Visual solar occultation

Radio propagation Topside sounder

Radio occultation Visual spectrometer

VLF whistler

level which are quite differentfrom RTG radiations. These types of

experiments include microwave, visual, and ultravioletradxometers

and spectrometers, radio propagation and occultation experiments, and

te"=.visionexperiments. Other experiments are designed to measure

phenomena which are unrelated to the RTG-produce_ fields. A typical

experiment of this type would be a micrometeoroid experiment or a

cosmic dust collector. Such e xperlments will not be seriously affected

by RTG fieldsbecause the instrument sensors are not inherently sensi-

five to them.

Other experiments, however, are designed to measure just the

type of fields which are produced by an RTG. Magnetometers placed on

the spacecraft to measure planetary and interplanetary magnetic fields

can be affected by the magnetic field generated by the RTG as discussed

below in a separate section. Infrared sensors associated with radio-

_e*.ers or spectrometers may be affected by the large amounts of heat

radiated by the _TG. However, this problem may be easily avoided by

simply keeping the RTG itself outside of the view angle of the infrared

sensor. This problem was encountered during inte_ration of the SNAP-1 ?
¢

RTG on the Nimbus satellite and was solved by placing the RTG "out of

sight" of the infrared sensor° )
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Instruments most sensitive to RTG radiations are the ones de-

signed to measure planetary and interplanetary charged-particle radia-

tions. These types of instruments include plasma probes, trapped

radiation analyzers and cosmic ray analyzers. Although these instru-

ments are primarily designed to detect charged particles, they will be

affected by the gamma and neutron radiations from the RTG, since the

interaction between gammas or neutrons and matter produce secondary

charged particles which may be detected by the instruments. The

measurements taken by these instruments can be _eriously compromised

if the RTG radiation fields are comparable with the fields being measured.

3.2 Investigatinn of Sensitive Instruments

In order to make a more detailed investigation of specific instru-

ments measuring planetary and interplanetary charged-particle radia-

tion fields, it is convenient to divided the charged-particle fields into

two groups. The first group consists of the various cosmic rays,

including those originating from the sun (solar cosmic rays) and those

originating from other solar systems (galactic cosmic rays). Investi-

_ of cosmic fields includes determination of and nucleargation ray energy

species distrJL_tions, directional characteristics, and intensity variations

Although the cosmic ray particle flux varies in relation to solar flare

activity, it is characterized by a "background" particle flux of about

Z particles/cmZ-sec. Superimposed on the cosmic ray background are

other charged particle fields of lower energy than the cosmic particles,

but ot generally higher particle flux levels. These fields include solar

plasma fields and trapped radiation fields.

3. Z. I Plasma Probes and Trapped Radiation Analyzers

Several different types of instruments have been used to measure

the interplanetary solar plasma flux. Two representative examples are

the experiments flown by Ames Research Center and MIT on the

Pioneer VI spacecraft. The Ames experiment is a quadrispherical

electrostatic energF/unit-charge spectrometer which uses a variable

electrostatic field between two quadrispherical analyzer plates to focus

i t-, particles with various energy/unit-cha, ge ratios on a series of collector
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5
plates. The instrument has a minimum sensitivityof I0 charged parti-

2
cles/cm -sec and a dynamic range of 4 decades. The MIT experiment

is a Faraday cup plasma probe which uses a variable potentialmodula-

tor grid to regulate the energy and charge of particles reaching the

collector plate. The instrument has a minimum sensitivityof Z x 105

charged particles/cm2-sec and a range of 5 decades.

Although the two instruments are differentin concept, the mini=

mum sensitivitiesand ranges of measurement are comparable, r)ueto

the relativelylarge magnitude of solar plasma flux in the regions to

be investigated by Pioneer VI (approximately I AU), these instruments

are designed to measure the current flow due to charged particle collec-

tion and, thus, are ser_sitiveonly to large particle flux levels. On a

trip to Jupiter or beyond, the solar plasma flux level would be much

lower than itis near the earth and itmay not be possible to use plasma

probes of the type used on Pioneer VI. Instruments which measure

individualcharged particle interactions rather than totalcurrent may

be necessary and minimum sensitivitiesof several orders of magnitude

less than those of the Pioneer VI instruments will be required.

Measurement of trapped radiation fieldsis of primary importance

on an advanced planetary probe. These fieldsarise from charged

particles which may be trapped near a planet by the planet's magnetic

field. An example of an instrument to measure trapped radiation is the

one used on the Mariner II Venus probe. The experiment consists of

three Geiger-Mueller counters and an integratingionizationchamber.

Two of the Geiger-Mueller counters have a minimum sensitivityof

15 courLts/secand a range of Rbout 3.5 decades. The third Geiger-

Mueller counter has a minimum sensitivityof 0.2 count/sec and a range

of about 5 decades. The minimum sensitivityof each of the Geiger-

Mueller counters as well as the ionizationchamber correspond to the

count rate to be expected from the cosmic ray background. The

Mariner IV (Mars) trapped radiation experiment carried similar instru-

mentation covqisting of three Geiger-Mueiler counters and a solid-state

ionization detector.
¢

The above paragraphs have described typical instruments which

have been used to measure solar plasma and trapped radiation fields. _ '_
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Once the instrument ranges and sensitivities have been determined, it

is necessary to establish a maximum interference level, or, the maxi-

mum number of extraneous counts (from RTG sources) that can be

tolerated. Since both trapped radiation and solar plasma measurements

are made at flux levels above the cosmic ray background, it is reasonable

to limit the RTG radiation interference to the same level as the cosmic
Z

ray background level of 2 counts/cm -sec. Since both of these types

of experiments detect photons (or neutrons) through photoelectric emis-

sion of electrons from metallic surfaces, the sensitivity of the instru-

ments to photons is a function of the efficiency of the photons (or neu-

trons) in producing electrons from the metallic surfaces of the instrument

sensors. Price (Ref. 3) presents experimental data on the sensitivity

of these types of instruments to gamma ray photons. For example, over

the energy range 0.1 to 1.0 Mev, instrument sensitivities to gamma

rays were found to range from 0. 001 to 0. 005 count/photon. Since

neutrons are much less effective at producing ionizations, combining

the neutrons and photons into a total particle flux and using the photon

(_ sensitivities of the instruments should result in conserva_ve estimates.
Thus, if a maximum interference of Z counts/cmZ-sec is allowable,

and instrument sensitivities are 0.001 to 0.005 count/photon or neutron,

then the maximum allowable RTG flux at the instrument is 400 to 2000

(photons + neutrons)/cmZ-sec.

3. Z. Z Cosmic Ray Experiments

Another important group of experiments is involved with the

measurement of the cosmic ray background itself. Since cosmic rays

span a large energy range and are comprised of a large number of

nuclear species, many types of experiments have been devised for their

investigation. Two typical instruments for measuring cosmic ray

phenomena are used on the Pioneer VI spacecraft - the University of

Chicago cosmic ray telescope, and the Graduate Research Center of

the Southwest (GRCSW) cosmic ray anisotropy detector.

The UC cosmic ray telescope consists of three solid state detec-

tors and one cesium iodide scintilla'ion detector designed to exclude •

i _ particles which are not confined to the telescope cone angle of 60 degrees. :
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Energy spectrum analysis is performed for protons and helium nuclei

independently over the range of 8 to 190 Mev/nucleon and for helium

above 190 Mev/nucleon. In addition, the coincidence/anti-coincidence

count rate data provide a rough energy spectrum for all particles with

the following four energy groups: 0.8 to 8 Mev, 8 to 80 Mev, 80 to 190

Mev, and above 190 Mev. The GRCSW Pioneer detector consists of a

large cesium iodide scintillation crystal in which the cosmic rays come

to the end of their range. Pulse height analysis separates the particles

into the four following energy ranges: 7.5 to 35 Mev, 35 to 65 Mev,

65 to 90 Mev, and 150 to 350 Mev.

The GRCSW is an excellent example of a cosmic ray experiment

which should be relatively insensitive to RTG radiation. Since the

pulse height analyzer in the instrument electronics admits only pulses

of energy greater than 7.5 Mev, and since an RTG produces very few

photons or neutrons with energy greater than 7.5 Mev, very few extra-

neous counts will be recorded. The major problem to be considered is

the problem of saturation of the detector. Even if low energy counts

are not recorded, if there are enough of them, the counting circuits of

the instrument may become saturated and none of the important counts
5

can be registered. Typical circuits can tolerate up to 10 count/sec,

so an allowable RTG flux of approximately 1000 (photons + neutrons)/
2

cm -see, as prescribed by a solar plasma or trapped-radiation experi-

ment, would be acceptable.

It is more difficult to quantitatively estimate the response of the

UC cosmic ray telescope to RTG radiation. This type of instrument

employs coincidence counting techniques; the spurious counting rate due

to the RTG radiation should produce accidental rather than real coinci-

dences. If the coincidence resolving time of the circuit is 10 -6 second,
Z

the detector sensitive area is 5 cm , and sensitivity of the detectors to

photons is 10 percent, then a flux of 1000 photons/cmZ-sec is estimated

to produce about 0.01 accidental coincidence per second, about 1 percent

of the cosmic ray count rate. Also, the RTG radiation may interfere !

with the energy loss rate measurements in the first of the three solid
¢

state detectors in the instrument. Since a photon may lose all of its

energy in one collision, it may deposit as much energy in the detector
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as would a higher energy proton or alpha particlelosing only a fraction

of its energy and, thus, produce a spurious count. However, the solid

state detectors are relativelyinsensitive to photons and neut-ons, so

this effectis expected to be small.

3.3 Summary

In summary, the instruments described above would appear to

operate satisfactorilyin a fieldof about 400 to 2000 (neutrons + photons)/
2

cm -sec. This estimate compares well with the estimate made in the

Advanced Planetary Probe Study (Ref. 4) (200 to 1000 (n +_/)/cm2-sec),

in 'vhichthe same types of instruments are u'sed. Several types of

detectors which are very insensitiveto photons were chosen for some

of the APP instruments, including a Cerenkov cosmic ray detector and

ZnS trapped proton detector. Itis apparent that scientificexperiments

to be placed on spacecraft employing an IRTG power source should be de-

signed to be insensitiveto photons and neutrons and itis indeed possible

to do so in many cases.

- It should be noted that, just as instruments may be designed which

i are inherently insensitive to 1RTG radiation, other instruments which

are very sensitive to 1RTG radiation may still be considered for use on

spacecraft. If experiments with very sensitive science sensors are

employed, severe shield weight penalties may be incurred. As an

example, consider the NASA-Goddard electron experiment which is being

used on the Orbiting Geophysical Observatory satellites. Little detailed

information on the operation of this experiment is available, but its

general characteristics indicate that it is very sensitive to gamma

radiation. The instrument is designed to detect electrons of energy

greater than 0.5 Mev at the density level of the galactic flux, about ?
Z

electrons/cm -sec. The detector is a cesium iodide scintillation crystal

surrounded by a fast plastic scintillator anti=coincidence shield which

limits the view angle of the crystal to 20 degrees. Since the CsI crystal

is sensitive to gamma rays {approximately l0 percent counting effi-

ciency), and since the anti-coincidence shield does not discriminate
¢

aginmt gamma raFs_ the instrument will be affected by the RTG gamma
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radiation field. If the RTG gamma ray photon fhu¢ is detected at 10 per-

cent efficiency, and the spurious counts are desired to be kept to 1 per-

ce_._t of the measured flux, then the RTG photon flux must be kept to a
2

level of 0. Z photon/cm -sec, three orders of magnitude below that re-

quired by the other instruments investigated.

The cosmic ray and solar plasma experiments discussed above

were also investigated by Ames Research Center. Ames conducted

experiments with the two cosmic ray experiments, the two plasma

analyzers, and a SNAP 19C-2 RTG to investig_ce instrument sensiti-

vities to the RTG radiation fields. The preliminary analysis by Ames

reached the same conclusions as above. Preliminary experimental data

agreed with analytical predictions except in a few cases. No interference

was observed in the plasma experiments, but significant interference

was observed at certain detection levels for the two cosmic ray experi-

ments. Shielding and separation effects on the level of interference were

also investigated. Preliminary results indicated that interference reme-

dial measures were promising, and the prognosis for accommodating

RTG's on scientific space missions _vas favorable.

4. NUCLEAR RADIATION FIELDS PROBLEM AREAS AND
REMEDIAL MEASURES

The paragraphs above have discussed the various radiation inter-

actions which must be considered in the design of a scientific spacecraft

with RTG power. The radiation levels which might produce integrated

damage in electronics or interference with instruments were presented.

To assess the magnitude of possible problems in any specific design,

.the actual RTG radiation fields must be determined. This section will

present the expected field from a typical RTG.

In order to determine the radiation fields, it was assumed that the

RTG produces 100 watts of electrical power and is fueled with Z38pu in

the form of plutonium dioxide. Details of the radiation field calcula-

tions are given in Reference 9. The results are presented in Figures 5-Z
and 5-3.

¢
I Figure 5-2 shows the integrated neutron flux (fluence) for a 100-watt

generator and five-year mission as a function of distance from the )
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Figure 5-Z. Integrated Neutron Exposure for a Five-Year
Mission, 100-Watt Electrical Generator

generator. If multiple generators are used to produce the 100 watts,

then the fluence at a given distance shown in Figure 5-Z represents the

fluence at a point which is the given distance from each generator. The

fluence scales directly with the power level. Two curves are shown in

Figure 5°Z for neutron source strengths of 3.3 x 104 neutrons/(sec-gm

Pu0?) and 8 x 103 neutrons/(sec-gm Pu0z). The higher value represents

the neutron source from nominal Pu02 and includes the neutrons from

the 180 (_, n) Ne 21 reaction. The lower value represents a hypothetical

source from Pu02 which has been depleted in 180. Since the 180 deple-

tion process may not be feasible, the higher value is more realistic.

In the discussion of integrated radiation damage to electronic

components, it was seen that most electronic equipment will be unaffected

C'] by a total neutron fluence of 1010 to 1011 neutrons/cm Z. This level is
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Figure 5-3. Photon and Neutron Particle Flux,
t00-Watt Electrical Gene rator

seen to occur at about 4 to 10 feet from a 100-watt generator for a five-

year mission. Integrated gamma radiation exposure is not presented

since, for a 100-watt generator, its level is well below the threshold

damage level.

Figure 5-3 shows the neutron and photon particle fluxes from a

100-watt generator as a function of distance from the generator. The

photon flux is shown divided into its two components, one at about

0.1 Mev and one at about 0.8 Mev. Although the 0.1-1Mlev component

is an order of magnitude more intense than the 0.8-Mev component,

it is relatively unimportant since its low energy makes it easy to

eliminate with minor shielding. In fact, if refractory metal capsules

are uled rather than superalloy capsules, the 0. 1-Mev component is

eliminated. _,-)
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In the section on radiation interactions with scientific experiments

it was estimated that typical instruments would be unaffected in a field

of about 400 to 2000 (neutrons + photons)/cmZ-sec. Neglecting the

0.1-Mev photon component, this level is seen to occur at about 3 to 6

feet from a 100-watt generator.

The above discussion shows that some problem areas may exist

in specific spacecraft designs. Since the radiation fields decrease as

the inverse square of the distance from the generator, it is clear the

maximum separation is desired from a radiation interference viewpoint.

However, where separation sufficient to eliminate the interference is not

possible, other measures must be taken. It may be possible to design

or redesign electronics and certain instruments to be more radiation

insensitive, and this approach should certainly be taken from the outset

of the spacecraft and science instrument design. However, in some

cases, it may be necessary to provide radiation shielding to reduce the

fields. These two approaches are discussed in the following sections.

4.1 Radiation Hardening Techniques for Electronic Subsystems

C At the present time there are no clearly defined, universally

applicable techniques for hardening electronic circuits and subsystems

against nuclear radiation damage. While each circuit in the subsystem

must be treated individually, the hardening approach used must depend

upon the intended function of the circuit and its effect on the perforrc

of the total system. There are, however, several general techniqu.

which may be employed to harden subsystems. These are the substitu-

tion of radiation-tolerant components in susceptible circuits, and the

redesign of susceptlble circuits according to several hardening

guidelines.

The damage threshold values of 1010 neutrons/cm Z and 10 4 rads

of gamma _adlatlon specified in a previous section of this report are

absolute lower limits on the damage threshold values for semiconductors

and teflon, respectively. Semiconductors are the most sensitive of all

materials to neutron displacement damage. Other passive electronic

components such as capacitors, resistors and inductors have damage •

O magnitude higher. Therefore, it is reasonable to
thresholds orders of

t

555

1969010484-591



assume that the limiting vulnerability of a subsystem to neutron damage

will be determined by the semiconductor components. Teflon is the

most sensitive of all materials to damage by gamma bombardment.

Most of the remaining materials used in electronic subsystems, i.e. ,

potting compounds, silicon, germanium, etc., have permanent damage

threshold values of 10 6 to 10 8 rads.

The component substitution technique for radiation hardening

requires a knowledge of the primary damage mechanism and its effect

on a component. From a circuit designer's standpoint, the principal

effects of neutron bombardment upon diodes and transistors are:

• Diodes: an increase in leakage current and forward
voltage drop at given values of forward current.

• Transistors: an increase in collector leakage current
and a decrease in current gain.

Diffused, low power diodes with a low value of avalanche breakdown

voltage (or equivalently a high base conductivity) tend to be less sus-

ceptible to neutron damage. For transistors, high power devices tend

to be susceptible to permanent neutron damage since the pgwer of a

device is directly proportional to the base region thickness and the

damage per incident neutron increases as the base region thickness

increases. Germanium devices appear to be less susceptible to neutron

damage than silicon devices since the average energy transferred to a

lattice atom is lower. Tolerable levels of about l0 lz neutrons/era z and

10 6 rads of gamma radiation may be achieved through the component

sutstitution technique of radiation hardening.

In addition to component substitution, circuit redesign accozding

to hardening guidelines may produce a more radiation tolerant subsystem.

General gtddelines for circuit redesign are presented in several refer-

ences (5, 6, 7, and 8) and will not be dieculeed here. The circuit re-

design technique for radiation hardening may be used to improve the

neutron damage threshold value for electronic subsystems to about 1013

neutrone/cm 2. Hardening electronic subsystems containing eernlconduc-

tore to tolerance lvele greater than 1015 neutrons/cm 2 is very difficult.

However, if no semiconductors are contained in the subsystem, tolerable

damage values as high as 1017 or 10 TMneutrons/era 2 may be achieved. _
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1

Hardening beyond 10 `3 neutrons/cm 2 may be considered impossible

for most systems of practical interest.

An extensive redesign of the Agena vehicle electronics was under=

taken by the Lockheed Missile and Space Division for the SNAPSHOT

mission of 1965. This effort succeeded in raising the maximum accep-

table exposure levels in the Agena vehicle to 1013 neutrons/cm Z and

106 rad (C). This radiation hardening effort is extensively documented
/

in Reference 8. Of particular interest in this document is Appendix 2,

which not only describes circuit design guides and techniques, but also

lists electronics components preferred for use in neutron and gamma

radiation fields, based on extensive tests conducted during the study.

4.2 Radiation Hardenin_ Techniques for Scientific Instruments

Techniques for reducing the sensitivity of scientific instruments

to RTG radiation are different from those for reducing the long term

radiation damage to components. Some experiments are sensitive to

the mere presence of radiation, while others are sensitive only to

integrated dose. Examples of the latter are vidicon tubes in television

C experiments, microphone crystals in certain micrometeoroid experi-

ments, and radio occu/tatlon and magnetometer experiments. Experi-

ments for measuring ambient radiation can be very sensitive to inter-

ference from RTG radiation. Even if the experiments are designed

to measure charged particles such as protons and electrons, the sensors

may be sensitive to neutrons and gamma ray photons as well. The

sensitivity of these experiments-to neutrons and photons from the RTG

must be minimized, while preserving their sensitivity to ambient par-

ticles and fields such as solar plasma and cosmic rays. In a limited

number of cases interference can be circumvented by selecting sensors

which are insensitive to RTG radiation. For example, if measurements

of very high energy charged particles is desired, a Cerenkov detector,

which is relatively insensitive to neutrons and photons, wo_Id be pre-

ferable to a large Csl scintillation crystal, which is relatively sensitive

to RTG photons. As another example, a ZnS detector for a trapped

proton experiment i8 less sensitive to photons and neutrons than Geiger ' •

-_ tubes, which could also be _,8ed on the experiment. The selection of
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sensors insensitive to RTG radiatior.s must be made in early design

phases.

In many cases, however, it is impossible to choose a sensor

which is insensitive to RTG radiation. Measurements of low energy

electrons, for example, will al_'ays be affected since RTG photons p_J-

duce extraneous low energy electrons through photoelectric and Compton

interactions with ma_ter. In experiments with sensors w_.ich are

' necessarily sensitive to photons and neutrons, other methods must be

used. Energy discrimination techniques may be employed in experiments

in which the energy range of the field being measured and the energy

range of the RTG-produced field (both primary and secondary) do not

overlap. The experiment electronics can be designed to exclude RTG-

produced counts by accepting only pulses outside their energy range.

It may also be possible to distinguish between RTG and ambient radia-

tions by pulse shape discrimination, designing the instrument to count

only those pulses with pulse shape characterizing _he radiation of interest.

Perhaps the most effectLve means of decreasing instrument sensi-

tivity to RTG radiation is to use a coincidence counting technique. _"

',: _ charged particle can interact in rapid sequence with several sensors

' _ placed in a straight line. A photon cannot interact in this way sin_e a

photon interaction changes the photon's direction of travel. By aligning

several sensors and counting only those pulses which occur in coinci-

dence, charged particle interactions can be counted to the exclusion

of photon interactions. The only interference from photons would be

due to accidental coincidences, and this can be minimized with counting

clrcuite having low coincidence resolving times.

The two cosmic ray experiments on the Pioneer VI and VII space-

craft are excellent examples of the design techniques mentioned above.

i A/though the experiments were not expressly designed for the purpose,

the coincidence characteristics and energy discrimination inherently

designed into them makes them relatively insensitive to RTG radiation.

Application of techniques such as these should significantly reduce

_. interference with particle and field experiment0 caused by RTG radiation. ,
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4.3 Radiation Shielding

Radiation shieldingrequirements depend upon the threshold damage

or interference level of the component *o be shielded and on the separa-

tiondistance between the component and the RTG. The shieldmaterial

depends on the type of radiationbeing attenuated. For example, lithium

hydride is a very efficientneutron shield material. Figure 5-4 shows

the shield thickness, in Ib/ft2 of LiH, required for various damage

threshold levels, as a function of separation distance. It can be seen

that,ifthe threshold damage level can be increased as discussed ina

previous paragraph, the shielding requirements can be considerably

reduced.
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F igure 5-4. Lithium Hydride Shielding Required to Reduce the
Integrated Exlx_sure in Five Years Below the Damage
Threshold Level, 100-Watt Electrical Generator
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Figure 5-5 shows the shielding required to reduce the total par-

ticle flux to 200 photons/cm2-sec plus 250 neutrons/cm2-sec. This

level was picked for illus*ration since it is at the lower end of the range

of acceptable levels and since it corresponds to the unshielded flux at

a separation distance of 6 feet (2 meters). Shielding requirements in

Figures 5-4 and 5-5 are given in units of lb/ft 2 since the actual shieldin_

area is a strong function of the specific spacecraft design. Configura-

tions which allow a minimum shielding area are desirable.
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Figure 5-5. Shielding Requires to Mah,tain a Constant Particle
Flux of 450 (Neutrons • Gam.mas)/Cm2-_c, IOO-
Watt Electrical Generator (LiH Neutron Shield
Material, W Gamma Shield Material)
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APPENDIX 6

PIONEER PROTOTYPE SPACECRAFT PERFORMANCE
IN SIMULATED JC_/IAN MAGNETIC FIELDS

I. TEST DESCRIPTION

The Pioneer prototype spacecraft as a functional system with

three available experiments, Stanford radio propagation, GSFC cosmic

dust, and the ARC convolutional coder unit, was placed in the Malibu

octagonal pe_'ming-deperming coil. The spacecraft with power applied

was subjec., ._ simulated spin cycling fields of 0 to 3Z gauss. This

was done on three axes of the spacecraft: vertical spin, horizontal

with TWT's longitudinal to the fields, and rotated with TWT's perpen-

dicular to the fields. Steady state levels of 0 to 32 gauss were induced

on the spacecraft in all three positions. Cycling fields were induced in

the two horizontal positions. Figure 6-1 shows the spacecraft position

in the octagona] coil.

SPACECRAFT PLATFORM

/j _._VERTICAL POSITION

F:---,-r,
I 'o o I

I II , I OCTAGONAL COIL
i l I I

'i I'

_, ARC MAGNETOMETER BOOM
HINGE HORIZONTAL

3, POSITION NO. 1

o I _, I
' o.... OCTAGONAL COIL

I

ARCMAGNETOMETERBOOM
HINGE90 DEGREEROTATION q
HORIZONTALPOSITIONNO. 2

Figure 6-I. Pioneer Spacecraft Magnetic Test i

Positions in Octagonal Co£I <
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All subsystems were exercised in accordance with procedure

PP-S-78 "Pioneer Spacecraft Performance in Magnetic Fields. "

RF uplink and downlink, TWT power output, bus voltage, and engineer-

ing and experiment printed data (Formats C and B) were monitored

continuously.

2. VERTICAL POSITION

Steady-state fields at 8, 16, and 32 gauss produced identical

results. All subsystems performed normally. Experiment data was

reported as satisfactory. TWT No. 1 helix current decreased by

15 percent of nominal with no degradation in power output. TWT No. Z

parameters were nominal.

3. HORIZ¢ qTAL POSITION WITH TWT'S ALIGNED WITH FIELD

3. 1 20 Gauss Peak-to-Peak Cycle

When subjected to this amplitude with a cycle rate of 4 Hz,

intermittant receiver loss of lock was observed with each cycle.

Receiver signal strength was forced above threshold making it

(_ .impossible for the spacecraft to receive commands via RF link. No

degradation was found in the RF downlink.

DSU memory readout data was interrupted making it impossible

for the computer program to acquire sync on this data.

The spacecraft bus showed noise transients injected during each

cycle. When the cycle was stopped spacecraft performance returned

to normal.

3.2 0 to 25 Gauss Manual Ram. P Cycle

Because of the effects of transients induced from cycle switching,

it was necessary to induce fields by manual operation from 0-25-0 gauss

ramping at the rate of one cycle in 5 seconds. The results were the

same as those obtained during the 20-gauss peak-to-peak automatic cycle.

3.3 0 to 25 Gauss Manual Ramp Cycle

This test consisted of cycling from 0-25-0 gauss every 13 seconds. ¢

Receiver lock was maintained during this sequence and commands sent
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were received. DSU memory readout data was destroyed as it had

been previously. TWT power output showed no degradation in downlink

monitoring equipment even though helix current was again reduced by

1 5 percent.

3.4 0 to 32 Gauss Manual Ramp Cycle

A 0-32-0 gauss manual ramping was performed at the rate of one

ramp cycle in 48 seconds. Fields were induced over a continuous

period, testiug all subsystems of the spacecraft. The DSUmemory

readout information was destroyed. Real-time printed data indicated

a 15 percent decrease in TWT No. 1 helix current. No degradation

in TWT power output.

4. HORIZONTAL POSITION WITH TWT'S PERPENDICULAR
TO FIELD

4. 1 32 Gauss Steady State

The RF subsystem performance was nominal with no degradation

in uplink or downlink signal strength and power measurement. TWT

No. 1 power output held constant with a decrease in helix current by

the same percentage as previously. DSU data was destroyed during

magnetic induction. When the induction field was stopped, telemetry

data was again stored in the DSU. A memory readout was initiated and

the stored data was read out and analyzed. Stored information from

the spacecraft DSU was satisfactory, indicating data storing capability

recovered.

4. Z 0 to 32 Gauss Manual Ramp Cycle

This test was repeated at the same cycle rate of 1 cycle every

48 seconds. All subsystems were found to react in the same manner

as in the first horizontal position,

5. DSU HORIZONTAL POSITION

A special engineering test was performed on the data storage

unit to determine its level of susceptability to magnetic fields. With

no fields applied, the DSU was stored with Format B scientific realo
¢

time information. It was then commanded into the memory readout

)
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mode of operation. The magnetic field was started at zero gauss and

increased in one gauss steps. DSU memory readout information was

interrupted at the ll-gauss level. The remaining frames of informa-

Lion in the DSU were destroyed.

C
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